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FOREWORD 


The  efforts  reported  herein  were  sponsored  by  the  Air  Force 
Flight  Dynamics  Laboratory  (AFFDL)  under  the  joint  management 
and  technical  direction  of  AFFDL  and  the  Air  Force  Materials 
Laboratory,  WPAFB,  Ohio,  45433.  The  work  was  performed  under 
Contract  F33615-72-C-2149 ,  Flight  Dynamics  Laboratory  Project 
Number  486U,  "Advanced  Metallic  Structures:  Air  Superiority 
Fighter  Wing  Design  for  Improved  Cost,  Weight  and  Integrity." 

Mr.  Lawrence  R.  Phillips  of  AFFDL  is  the  Air  Force  Project 
Engineer . 

These  studies  were  performed  by  the  Structural  Design  Group, 
Convair  Aerospace  Division  of  General  Dynamics,  Fort  Worth  Oper¬ 
ation  with  D.  F.  Davis  as  the  Program  Manager.  Other  principal 
participants  in  the  program  are  as  follows:  R.  W.  McAnally, 
Structural  Design;  E.  W.  Gomez,  Stress  Analysis;  J.  W.  Morrow, 
Fatigue  and  Fracture  Analysis;  J.  M.  Shults,  Materials  Engineer¬ 
ing;  T.  E.  Henderson,  Mass  Properties;  J.  D.  Jackson,  Value 
Engineering;  J.  L.  McDaniel,  Manufacturing  Engineering;  B.  G.  W. 
Yee,  Nondestructive  Inspection;  D.  Duncan,  Quality  Assurance; 

H.  E.  Bratton,  Information  Transfer;  and  R.  L.  Jones,  Engineer¬ 
ing  Test  Laboratory. 

The  work  was  performed  from  June  1972  to  June  1973  and  was 
released  for  publication  June  1973. 

This  report  has  been  reviewed  and  is  approved. 


JOHN  C.  FRISHETT,  Major,  USAF 
Program  Manager,  AMS  Program  Office 
Structures  Division 

Air  Force  Flight  Dynamics  Laboratory 


ABSTRACT 


This  report  describes  the  preliminary  design  and 
analysis  for  an  Advanced  Air  Superiority  Fighter  Stores 
Loaded,  Wet  Wing  Structure .  The  wing  box  of  the  F-lllF 
airplane  designed  by  the  Convair  Aerospace  Division  of 
General  Dynamics  was  used  as  the  baseline  vehicle. 

A  unique  design  methodology  was  followed  to  arrive 
at  three  configurations  which  offer  an  optimum  balance 
between  structural  efficiency  and  technological  advancement. 
This  methodology  consists  of  compiling  element  concepts; 
integrating  them  into  cross-section  drawings;  optimizing 
them  in  analytical  assemblies;  and  finally  preparing  full 
wing  box  designs.  Each  step  was  followed  with  a  detailed 
evaluation  and  ranking  step  which  utilized  a  formal  merit 
rating  system.  This  system  permitted  the  evaluation  of 
numerous  concepts  and  insured  that  each  technical  discipline 
participated  in  the  design  selection. 

A  subsequent  program  is  proposed  to  evaluate  the 
capability  of  the  selected  design  to  meet  the  overall 
program  goals  of  advancing  technology  without  significantly 
affecting  costs.  The  subsequent  program  involves  additional 
preliminary  design,  a  development  test  program,  detail  design, 
manufacture,  and  tests;  including  static,  fatigue,  and  damage 
tolerance  testing.  Information  generated  during  this  effort 
will  be  disseminated  to  the  Air  Force  and  industry  in  general 
through  an  intensive  information  transfer  effort. 
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SECTION  I 


INTRODUCTION 


The  main  thrust  of  the  Advanced  Development  Programs 
is  aimed  at  ensuring  USAF  air  superiority  in  the  1980's 
(reference  Figure  1). 

The  measure  of  superiority  or  the  degree  to  which 
USAF  vehicles  will  dominate  the  air  in  the  1980's  will  de¬ 
pend  on  the  ingenuity,  diversity,  significance  and  direct 
applicability  of  the  aero- technology  advancements  that  are 
made  in  the  immediate  future  (reference  Figure  2). 

Technology  is  advancing  in  the  fields  of  weaponry, 
electronics,  aerodynamics  and  propulsion.  In  order  that 
airframe  characteristics  not  penalize  the  overall  capability 
of  the  integrated  weapons  system  of  the  future,  Aero- 
Structures  Technology  must  keep  pace  with  other  advancing 
technologies  in  the  areas  of: 

o  Minimum  Weight /Performance 

o  Production/Operational  Cost 

o  Strength/Safety 

o  Vehicle  Life/Durability 

o  Maintainability/lnspectability 

o  Operational  Dependability/Reliability 

Achieving  significant  improvements  in  these  design  para¬ 
meters  requires  that  significant  technological  advancements 
be  made  in: 

o  The  Inception  of  New  and  Innovative  Concepts  in 
Structural  Design 

o  Fracture  Mechanics 

o  Stress  Analysis  Methods 

o  Fatigue  Analysis  Methods . 
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Figure  1  Main  Objective  of  ADP's 
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Figure  2  Technology  vs  Air  Superiority 


o  New  Materials  and  Definition  of  Their  Structural 
Capabilities 

o  Manufacturing  Methods 

o  Non-Destructive  Inspection  Techniques 

o  Weight/Strength  and  Cost  Optimization  Procedures 

o  The  Overall  Engineering  Methodology  and  Management 
Approach  to  Integrate  These  Technology  Advancements 
Into  a  Superior  Airframe  Structural  Design/Opera¬ 
tional  Vehicle 

o  Dissemination  of  Technical  Information  to  the 

Concerned  Agencies  of  the  Government  and  the  Air¬ 
craft  Industry. 

These  areas  are  displayed  schematically  in  Figure  3. 

Historically,  airframe  technological  advancement  and 
development  of  new  structural  concepts  and  materials  have 
been  a  part  of  major  hardware  procurement  programs.  This 
approach  to  airframe  technological  advancement  has  resulted 
in  a  high  degree  of  risk  being  associated  with  achieving 
program  goals  such  as: 

o  Schedule 

o  Overall  Program  Costs 
o  Vehicle  Weight/Performance  Goals 
o  Airframe  Fatigue  Life  Requirements 
o  Vehicle  Maintenance  &  Operational  Costs 

Examples  where  technological  advancement  during  major  programs 
was  costly  are: 

o  The  use  of  7079  AL  alloy  in  some  B-52  models, 

B-58,  and  many  other  vehicles  before  the  stress 
corrosion  cracking  characteristics  of  the  material 
were  determined. 
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Figure  3  Exploitation  Are^s  to  Achieve  Objectives 


o  Brazing  and  weld  joining  of  stainless  steel  wing 
panels  during  the  B-70  program. 

o  Certain  applications  of  D6AC  steel  in  the  F-lll 
before  damage  tolerance  characteristics  were 
determined  for  the  new  alloy. 

Where  the  risk  of  program  success  is  reduced  by  utilizing 
only  past  technology  -  the  result  is  a  vehicle  with  little 
improvement  in  capability  or  performance  over  existing 
vehicles  of  the  USAF  or  other  air  powers  (reference  Figure 

4). 


The  successful  Flight  Dynamics  Laboratory  execution  of 
the  current  ADP  program  will: 

o  Provide  improved  structural  technology  consistent 
with  requirements  of  future  superior  vehicles. 

o  Provide  technology  advancements  to  future  fleets 
at  a  small  fraction  of  the  cost  required  to  make 
the  advancements  during  a  production  program. 

o  Provide  the  technology  in  advance  of  future  planned 
programs  so  as  not  to  incur  high  risks  and  costs  in 
those  programs. 

o  Further  define  the  tensile,  fatigue,  stress  corro¬ 
sion  cracking  and  crack  growth  characteristics  of 
new  aircraft  materials,  such  as  7050  &  7475  alumi¬ 
num,  8-S-2-3  titanium,  and  10  NI-2CR-MO-8CO  steel. 

o  Determine  the  feasibility,  applicability,  limita¬ 
tions  ,  advantages  and  problems  of  using  these 
materials  in  advanced  aircraft  structures. 

o  Select  applications  for  and  continue  development 
of  advanced  manufacturing  methods  for  aircraft 
structures  in  areas  such  as  welding,  brazing, 
adhesive  bonding,  diffusion  bonding,  other  joining 
techniques,  machining,  diffusion  molding,  creep 
forming,  taper  rolling,  taper  and  integral  stiffened 
panel  extruding,  and  isothermal  and  precision 
forging. 
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o  The  applicability  of  advanced  NDI  methods  is 
being  determined.  The  areas  requiring  further 
development  of  NDI  methods  will  be  defined. 

o  Advanced  stress  analysis  and  fatigue  analysis 
methods  and  criteria  are  being  employed  and 
perfected. 

o  Advanced  fracture  mechanics  analysis  methods  are 
being  utilized  and  integrated  into  the  design  at 
the  preliminary  design  phase  of  the  program. 

o  Realistic  service  life  criteria  for  an  advanced 
air  superiority  fighter  are  being  developed  that 
will  assure  safe,  reliable  structure  with  a 
negligible  effect  on  weight  and  cost. 

o  Advanced  costing  techniques  are  being  exercised 
and  developed.  Projected  costs  for  airframe 
production  quantities  will  be  determined  for  the 
1975-1985  time  frame. 

o  New  and  innovative  concepts  in  aircraft  structures 
are  being  conceived,  defined,  and  evaluated. 

Over  100  concepts  have  been  defined  and  evaluated. 

The  Advanced  Fighter  Wing  ADP  Program  goal  is : 

Apply  innovative  effort  and  new  technology  to  develop 
an  Advanced  Metallic  Wing  Structure  that  will  afford 
a  significant  reduction  in  weight  while  maintaining 
cost  approximately  equivalent  to  the  base  line  article. 

The  relationship  between  this  goal  and  the  other  ADP  programs 
is  demonstrated  by  Figure  5. 

During  pursuit  of  the  program  goals,  various  areas 
of  structures  technology  were  exploited  and  advancements 
resulted.  These  areas  were:  the  creation  of  new  and 
innovative  concepts  in  structural  design,  fracture  mechanics, 
stress  analysis  methods,  fatigue  analysis  methods,  new 
materials  and  definition  of  their  structural  capabilities, 
manufacturing  methods,  non- destructive  inspection  techniques, 
weight /strength  and  cost  optimization  procedures  (reference 
Figure  6) . 
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Figure  5  Common  Design  Go=ils 
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Figure  6  Advanced  Fighter  Wing  -  ADP 


The  F-lllF  aircraft  was  chosen  as  the  baseline  for  the 
program  because  it  represents  current  state-of-the-art  in 
structures  technology.  Its  flight  envelope  and  range  ex¬ 
ceed  that  of  all  other  USAF  operational  fighters  from  Sea 
Level  altitude  to  the  stratosphere.  The  F-lll  wing  box, 
shown  in  Figure  7  is  the  baseline  component  for  this 
program . 

The  F-lllF  airframe  has  been  designed  and  tested  to 
the  requirements  of  the  MIL-A-8860  series  specifications, 
and  the  entire  F-lllF  program  effort  has  been  conducted 
in  accordance  with  the  intent  of  the  ASIP  as  described  in 
TR66-57.  Extensive  service  experience  data,  reflecting 
over  150,000  flight  hours,  are  available  on  the  F-lll. 

The  F-lllF  is  a  long-range  fighter  with  the  capability 
of  Mach  1.2  flight  at  low  level  and  Mach  2.5  at  high  alti¬ 
tude.  It  should  be  emphasized  that  the  F-lllF  wing  is 
highly  representative  of  current  structures  technology 
(reference  Figure  8). 

Nine  designs  have  been  developed  during  the  program 
to  meet  the  goals  shown  in  Figure  9  .  At  least  one  of 
these  designs  provides  a  weight  reduction  of  15%  while 
maintaining  cost  equal  to  or  below  the  baseline;  at  least 
one  design  provides  a  157,  cost  reduction  over  the  baseline 
at  Airplane  #506  while  maintaining  weight  equal  to  or  below 
the  baseline;  and,  the  other  configurations  developed  show 
savings  between  these  two  goals. 

Perhaps  the  most  important  result  of  this  program  has 
been  the  development  of  an  overall  engineering  methodology 
and  management  approach  to  integrate  technology  advance¬ 
ments  into  a  superior  airframe  structure  for  a  future 
aircraft. 
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Figure  7  F-lll  Wing  Box 


•  F-111F  WING  BOX 
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SECTION  II 


PROGRAM  SUMMARY 

The  objectives  set  for  this  program  have  been  met 
successfully  through  utilization  of  systematic  and  inno¬ 
vative  techniques. 


2.1  OBJECTIVES  AND  APPROACH 

The  objective  of  this  program  is  to  develop  and 
demonstrate  new  and/or  improved  manufacturing,  materials, 
and  structures  technologies  that  meet  the  requirements  of 
future  Air  Force  fighter  system. 

The  specific  objective  of  Phase  IA  of  the  program 
has  been  to  develop  advanced  metallic  structural  concepts 
that  will  afford  a  reduction  in  the  weight  of  fighter 
wings  while  maintaining  cost  and  life  expectancy  approximately 
equivalent  to  the  baseline  article. 

More  specifically,  goals  of  15%  weight  reduction  on 
at  least  one  design  and  15%  cost  reduction  on  at  least  one 
design  were  established.  These  goals  have  been  met  as 
described  in  the  body  of  the  report  and  as  summarized  in 
Table  I. 

The  highly  innovative  and  successful  approach  to 
meeting  these  goals  is  described  fully  in  the  body  of  the 
report  and  is  summarized  schematically  in  Figure  10. 


2.2  GENERAL  PROGRAM  RESULTS 

Several  wing  box  configurations  were  defined  in 
advanced  aluminum  alloys  that  save  weight  and  reduce  cost 
when  compared  to  the  baseline  structure. 

One  aluminum  design  saves  24.0%  weight  and  reduces 
the  cost  by  13.8%.  Another  aluminum  design  with  an  18.97. 
weight  savings,  reduced  costs  by  15.7%. 
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Table  I  SUMMARY  OF  RESULTS 
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•  A  NEW,  SYSTEMATIC  STRUCTURAL  DESIGN  PROCEDURE  HAS  EVOLVED  THAT  CAN  BE  UTILIZED  TO  SYNTHESIZE 
AN  INTEGRATED,  BALANCED.  OPTIMUM  DESIGN  FOR  ANY  DESIRED  APPLICATION.  THIS  SYSTEM  IS  DEPICTED 
ON  THE  CHART  BELOW: 


17 


Figure  10  Fighter  Wing  ADP  Design  Approach 


Three  wing  box  configurations  were  defined  in  high 
strength  titanium  alloy,  titanium  designs  showed  greater 
weight  savings  than  aluminum  designs  but  an  increase  in 
cost  resulted  on  all  titanium  designs.  For  example,  the 
highest  ranking  titanium  design  saved  38.8%  weight  with  a 
cost  increase  of  31.0%,  It  should  be  noted,  however,  that 
the  weight  savings  potential  of  advanced  titanium  configura¬ 
tions  are  of  a  sufficient  magnitude  to  allow  reducing  the 
size  of  an  aircraft  during  its  preliminary  design  phase  when 
designed  to  fixed  mission  requirements.  Aircraft  cost 
savings  as  a  result  of  reduction  in  aircraft  size  will 
offset  the  increase  in  airframe  cost  as  a  result  of  con¬ 
figuring  of  advanced  titanium  in  lieu  of  aluminum. 

The  careful  screening  and  evaluation  that  has  been 
conducted  indicates  that  weight  savings  can  be  attained 
even  though  severe  fracture  control  is  imposed.  The  weight 
savings  have  been  achieved  largely  by  elimination  of 
fastener  holes  through  the  lower  surface  in  order  to  attain 
maximum  utilization  of  the  latest  metallic  material  tension 
properties.  Calculations  in  paragraph  V.7,  Appendix  V, 
illustrate  this  point. 

The  successful  results  of  this  program  are  to  a  large 
extent  attributable  to  the  systematic  design  approach 
employed  during  the  program.  Figure  10  depicts  the 
design  approach  employed  during  the  program. 

Analytical  compliance  with  the  most  recent  Air  Force 
fatigue  and  damage  tolerance  requirements  has  been  em¬ 
phasized  throughout  a  unique  and  systematic  preliminary 
design  process  directed  toward  the  development  of  Advanced 
Air  Superiority  Fighter  wing  concepts.  The  products  of 
this  effort  are  a  substantial  number  of  highly  efficient 
full  wing  designs  utilizing  materials  and  fabrication 
techniques  not  yet  fully  proven  but  having  unlimited 
potential.  The  risks  associated  with  these  technology 
advancements  have  been  identified,  and  the  feasibility  of 
demonstrating  their  compliance  with  fatigue  and  damage 
tolerance  requirements  has  been  planned  for  implementation 
in  subsequent  phases  of  this  program. 
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2.3  SPECIFIC  PROGRAM  RESULTS 


A  very  useful  method  for  preliminary  structural 
analysis  has  evolved  from  the  various  analysis  -  evaluation 
steps  followed  in  this  program.  This  method  can  be  follow¬ 
ed,  with  the  aid  of  examples,  in  Section  V. 

Several  highly  innovative  structural  concepts  have 
been  analyzed  and  evaluated  using  flight  measured  loadings 
and  using  the  latest  available  techniques  for  fracture 
control.  These  concepts  include: 

.  Elimination  of  traditional  lower  surface  fasteners  for 
reduced  stress  concentration. 

.  Planked,  laminated  lower  skin  panels  for  multiple  load 
paths, crack  arrest  and  reduction  in  crack  growth  rate. 

.  Wide,  corrugated,  spars  to  reduce  panel  unsupported 
width  and  to  increase  panel  edge  restraint. 

.  Scalloped  skin/spar  shear  tabs  for  skin  attachment 
without  holes  through  outer  surface. 

.  Spanwise  fuel  flow  holes  to  reduce  stress  concentrations 
which  would  be  more  pronounced  with  chordwise  fuel 
transfer  holes. 

The  improvement  in  fatigue  quality  and  damage  tolerance 
characteristics  resulting  from  elimination  of  fastener  systems 
in  primary  wing  structure  has  permitted  use  of  higher  stresses 
and  thereby  reduced  weight.  These  weight  reductions  have  been 
analytically  demonstrated  during  this  program. 

An  extensive  evaluation  of  the  detailed  damage  tol¬ 
erance  requirements  being  proposed  by  the  Air  Force  as  a 
revision  to  MIL-A-8866A  has  been  made  in  Phase  IA.  The 
requirements  for  slow  crack  growth  structure  were  ex¬ 
ercised  on  the  baseline  structure  using  sensitivity  studies 
to  lend  visibility  to  the  impact  of  variation  in  the  many 
parameters  influencing  damage  tolerance  assessment.  The 
requirements  for  fail  safe  structure  were  applied  to  the 
Phase  IA  preliminary  wing  designs  to  achieve  minimum 
weight  structure  and  structural  integrity  as  a  reasonable 
cost.  These  goals  are  often  incompatible. 
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In  its  present  form,  the  damage  tolerance  criteria  is 
technically  feasible  but  often  awkward  to  interpret  and 
apply.  This  is  primarily  true  of  the  requirements  for  fail 
safe  structure  which  are  presently  separated  with  respect 
to  multiple  load  path  and  crack  arrest.  Many  of  the  re¬ 
quirements  specified  for  these  two  classifications  overlap 
and  are  difficult  to  apply  to  design  concepts  utilizing 
both  damage  tolerance  features.  The  criteria  is  also 
directed  toward  traditional  sheet/stringer  construction 
with  regards  to  damage  assumptions  following  primary  load 
path  failure,  crack  arrest,  or  inservice  inspections. 
Application  of  these  damage  requirements,  as  well  as  those 
for  assumed  damage  in  intact  new  structure,  is  very  ambig¬ 
uous  for  thin  sheet  laminated  structure.  The  assumption 
made  for  analysis  of  laminated  structure  in  this  report 
(paragraph  7.4)  was  that  each  ply  constituted  a  load  path 
and  that  complete  failure  of  the  laminate  involved  failure 
of  successive  plies. 

It  is  also  felt  that  specific  attention  should  be 
given  to  requiring  that  basic  fracture  data  for  laminates 
be  obtained  when  they  are  used  rather  than  data  for  only 
the  ply  material  comprising  the  laminate. 

Additional  intepretation  is  needed  regarding  assumed 
initial  flaws,  particularly  in  thin  sheet  structure,  to 
alleviate  the  present  contractor  responsibility  (at  added 
cost  to  the  Air  Force)  of  defining  the  worst  flaw  shape 
and  size. 

The  words,  "experimentally  verified,"  should  be  added 
to  the  requirements  in  connection  with  spectrum  retardation 
effects,  due  to  its  dependence  on  spectrum  shape  and  content 
(and  possibly  type  of  material). 

The  criteria  itself  would  be  easier  to  use  if,  after 
classifying  a  structure  fail  safe  or  monolithic,  the  re¬ 
quirements  for  that  classification  were  a  separate  entity 
without  cross  referencing. 

Cost  and  weight  differences  between  the  baseline  and 
the  various  concepts  are  summarized  in  Table  II  to  docu¬ 
ment  sources  of  savings.  Specific  numerical  comparisons 
with  the  baseline  are  shown. 
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pressure  losds  and  stabi¬ 
lizes  upper  panel  for  com¬ 
pression  stresses  equal  to 
yield  strength  of  upper 
panel  material. 


Configuration  Configuration  Weight  and  Cost  and  Reasons  for  Weight  Savings  Reasons  for  Cost  Change 

No. _  Name _  X  Savings  1  Change 
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Configuration  Configuration  Weight  and  Cost  and  Reasons  for  Weight  Savings  Reasons  for  Cost  Change 

No. _  Name _  TL  Savings  °L  Change 
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compression  buckling 
allowable  stress  to  n< 
yield  strength  of  the 
material. 


2.4  POTENTIAL  TECHNOLOGY  ADVANCES 


Several  Preliminary  Design  Drawings  in  Appendix  IV 
utilize  the  concept  of  laminating  and  planking  for  fail-safe 
characteristics  and  to  reduce  crack  growth  rate  and  the 
likelihood  of  crack  growth  through  the  skin  thickness. 

This  concept,  if  tests  verify  these  desired  charac¬ 
teristics,  offers  versatility  in  design  by  allowing 
selective  placement  of  load  paths  to  be  coordinated  with 
options  for  fabrication.  Additionally,  the  Bi-metallic 
concept  of  610-123  and  610-130  (in  Appendix  I)  offers 
potential  in  reducing  tensile  stresses  on  the  outer  sur¬ 
faces  of  skins. 

The  integration  of  the  following  four  factors  into 
brazed  or  bonded  design  concepts  for  primary  wing  box 
structure  has  the  potential  of  achieving  significant 
weight  reductions  while  still  meeting  stringent  fatigue 
and  damage  tolerance  criteria: 

(1)  All  fasteners  through  the  lower  surface  are 
eliminated  by  the  use  of  bonded  or  brazed  joints. 

(2)  Reduced  crack  growth  rates  are  achieved  in  high 
strength  8-8-2-3  titanium  and  6AL-4V  STA  alloys 
by  utilizing  brazed  laminated  sheet. 

(3)  Reduced  crack  growth  rates  are  achieved  in  alum¬ 
inum  alloys  by  utilizing  bonded  laminated  sheet. 

(4)  The  high  strength  of  the  STA  titanium  is  retained 
by  use  of  a  low  temperature  brazing  alloy,  as  yet 
undeveloped  but  very  feasible. 

Brazing  has  been  exploited  in  the  Preliminary  Designs 
of  Appendix  IV.  Existing  technology  relies  on  furnace 
heating  with  possible  use  of  inert  gas  ambient,  610RW002 
and  610RW006  reply  on  this  process  and  a  low  temperature 
(approximately  1100°F)  brazing  alloy.  The  potential  exists 
for  brazing  by  applying  heat  internally  by  a  recirculating 
inert  fluid  and  using  fixtures  and  insulators  externally. 
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SECTION  III 


BASELINE  SELECTION  AND 
DEFINITION 


The  F-111F  was  selected  as  the  baseline  aircraft  for  the 
Phase  IA  Convair  Aerospace  effort.  The  F-111F  is  a  deep- inter¬ 
diction,  all-weather,  day  or  night  fighter  with  close  support 
capability.  It  is  the  most  advanced  operational  fighter  in  the 
TAC  Inventory,  The  flight  envelopes  of  all  other  operational 
U.S,  tactical  fighters  fall  inside  the  F-lllF  operational  envel¬ 
ope.  A  summary  of  the  most  promising  baseline  candidates  and 
their  characteristics  is  presented  in  Table  III. 


3.1  BASELINE  SELECTION  RATIONALE 


The  F-lllF  wing  box  was  used  as  the  baseline  component  for 

this  program.  The  ready  availability  of  existing  data,  equipment, 
and  facilities  associated  with  the  F-lll  will  result  in  a  program 
of  maximum  cost  effectiveness.  Further,  a  comparative  evaluation 
of  other  baseline  candidates  (including  the  F-4,  F-5,  F-100,  F-104, 
F-105,  F-106,  and  F-15)  indicates  that  the  F-lll  wing  is  the  only 
available  component  that  meets  all  of  the  requirements  stated  in 
the  RFQ. 

The  F-lllF  airframe  has  been  designed  and  tested  to  the  re¬ 
quirements  of  the  MIL-A-8860  series  specifications,  and  the  entire 
F-lllF  program  effort  has  been  conducted  in  accordance  with  the 
intent  of  the  ASIP  as  described  in  ASD-TR-66-57.  Extensive  service  ex¬ 
perience  data,  reflecting  over  150,000  flight  hours,  are  available 
on  the  F-lll. 

The  F-lllF  is  a  long-range  fighter  with  the  capability  of 
Mach  1.2  flight  at  low  level  and  Mach  2.5  at  high  altitude.  It 
should  be  emphasized  that  the  F-lllF  wing  is  highly  representative 
of  current  structures  technology. 

3.1.1  Cost-Effective  Aspects  of 
Selected  Baseline  Component 


As  previously  mentioned,  the  availability  of  existing  F-lll 
assets  will  significantly  reduce  program  costs,  both  for  the  ini¬ 
tial  phase  and  for  the  follow-on  phases.  A  comprehensive  library 


25 


Table  II!  CANDIDATE  BASELINE  AIRCRAFT  CHARACTERISTICS 
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of  analytical  and  test  data  covering  the  many  phases  of  structural 
integrity  substantiation  is  available.  For  example,  a  detailed 
definition  of  the  usage  spectrum  and  the  corresponding  service 
loads  spectra  are  available  for  use  in  computer  analyses.  In  addi 
tion,  tooling  is  available,  and  static  and  fatigue  test  setups 
are  in  existence.  Thus,  the  F-lllF  wing  constitutes  a  highly 
cost-effective  baseline  component  for  demonstrating  advancements 
in  structures  technology. 


3.1.2  F-lll  Wing  Structural  Integrity 
Verification  Program 


Structural  integrity  of  the  F-lllF  wing  has  been  verified  by 
a  comprehensive  program  of  tests  and  analyses.  Tests  include 
laboratory  static  and  fatigue,  flight  loads,  inflight  dynamic 
response,  flight  flutter,  and  vibration. 

3. 1.2.1  F-lllF  Wing  Static  Test  Summary 

The  F-lll  wing  has  been  subjected  to  an  extensive  structural 
qualification  static  test  program.  Test  conditions  were  applied 
for  positive  and  negative  load  factors  as  well  as  stowed  and  ex¬ 
tended  high-lift  surface  positions.  The  critical  test  conditions 
for  the  production  wing  component  are  summarized  in  Table  IV. 

In  all  cases,  test  loads  met  or  exceeded  150  percent  of  limit  load. 

3. 1.2.2  Baseline  Fatigue  Strength 

The  fatigue  life  of  the  F-lll  wing  has  been  established  as 
greater  than  10,000  hours  (or  25  years)  in  terms  of  the  current 
design  service  load  spectra  which  include  a  scatter  factor  of  4.0. 
The  excellent  fatigue  strength  has  been  developed  through  an  ex¬ 
tensive  program  of  design  development  testing,  fatigue  analysis, 
and  full-scale  verification  fatigue  tests.  The  program  was  de¬ 
veloped  in  accordance  with  the  Air  Force  Structural  Integrity 
Program  and  includes 

1.  Fatigue  design  criteria  and  loads  spectra 

2.  Design  development  test  program 

3.  Preliminary  (design)  fatigue  analysis 

4.  Full-scale  wing  fatigue  test 
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5.  Revised  fatigue  analysis 

6.  Fleet  service  load  monitoring 

7.  Fatigue  damage  monitoring  of  the  fleet. 

The  first  four  elements  of  the  program  have  been  completed; 
fatigue  analyses  are  being  updated  to  reflect  the  full-scale 
fatigue  test  results,  and  service  load/fatigue  damage  monitoring 
of  the  F-lll  fleet  has  begun.  The  F-lll  wing  development  program 
encompassed  a  sizable  number  of  fatigue  development  tests,  in  which 
variable  amplitude  testing  was  emphasized.  The  wing  fatigue  de¬ 
velopment  test  program  is  summarized  below: 

Element  Tests.  Multiple  tests  ( ~  150)  were  run  to  develop 
the  upper  and  lower  skin  and  spar  design  detail. 

Preproduction  Design  Verification  Tests.  More  than  31 
lower-surface  wing-splice  tests  were  conducted  in  addi¬ 
tion  to  tests  of  the  upper-surface  splice  and  pylon- 
cutout  detail  in  the  lower  surface.  Eight  two-spar  box 
beams  were  also  tested  to  failure  under  the  original 
design  load  spectra. 

Table  IV  CRITICAL  WING  TEST  CONDITIONS 


Condition 

Maneur 
ver  *  ' 

Mach 

No. 

Alt 

Weight 

Sweep 

nz 

Temp 

°F 

Test  Lo^d 
Lmt  Load 

/’-s 

i—l 

1 

PQ 

BS 

1.4 

26K 

50,000 

50° 

6 . 5 

167 

161.5% 

C-14 

BPO 

0.96 

25K 

70,000 

35° 

-3.0 

85 

155% 

P-101 

BSPU 

0.50 

S.L. 

80,000 

16° 

4.0 

130 

150% 

P-503 

BSPU 

1.05 

S.L. 

70,000 

50° 

7.33 

212 

151% 

FBW-17 

NSPU 

0.44 

S.L. 

122,900 

16° 

1.86 

- 

150% 

FBW-19 

NSPU 

0.50 

S.L. 

109,852 

16° 

2.00 

- 

150% 

NOTES:  (1)  Navy  condition 

(2)  FB-111A  conditions  tested  as  Test  Condition  FBW-19/17 

(3)  Maneuvers:  BS  -  Balanced  Symmetric;  BPO  -  Balanced 
Push-Over;  BSPU  -  Balanced  Symmetric  Pullup;  and 
NSPU  -  Normal  Symmetrical  Pullup. 


28 


3. 1.2.3  Full-Scale  Wing  Fatigue  Tests 


Fatigue  analyses  of  10  points  in  the  wing  were  prepared  on 
the  basis  of  the  Mission  Analysis  Composite  (MAC)  spectrum  to 
provide  an  initial  service  life  evaluation  and  for  use  in  develop¬ 
ment  of  the  full-scale  fatigue  test  spectra.  The  initial  minimum- 
life  estimate  was  calculated  to  be  essentially  16,000  hours  with 
the  critical  point  estimated  to  be  in  the  steel  wing-pivot  fitting 
that  forms  the  most  inboard  section  of  the  wing. 

Two  full-scale  wings  have  been  fatigue  tested  to  failure  as 
part  of  the  F-lll  Fatigue  Test  Program.  These  tests  were  con¬ 
ducted  at  the  Convair  Aerospace  Test  Laboratories  in  San  Diego, 
California.  The  pivoting  wing  design  provided  a  unique  opportunity 
for  running  the  wing  tests  separately  from  the  fuselage  tests  with 
no  compromise  to  test  load  reactions  and  boundary  conditions.  The 
test  spectrum  was  developed  to  be  equivalent  to  the  MAC  design 
service  spectrum  and  was  applied  in  400-hour  blocks.  The  spectrum 
is  summarized  in  Table  V  .  The  results  of  the  two  wing  fatigue 
tests  were  as  follows: 

Right-Hand  Wing.  Failure  occurred  during  application  of 
loading  block  No.  31  through  the  lower  plate  of  the  D6ac 
steel  wing  pivot  fitting.  Fatigue  initiated  at  a  fuel 
cross -flow  hole  in  an  integral  stiffener  which  attaches 
to  a  center  spar  web.  Disassembly  and  detailed  inspec¬ 
tion  of  other  areas  in  the  wing  revealed  no  fatigue 
damage . 

Left-Hand  Wing.  Failure  occurred  after  the  application 
of  100  loading  blocks  plus  10,151  cycles  of  the  most 
severe  loading  condition  in  the  fatigue  spectrum  (Condi¬ 
tion  T-l ,  Layer  5,  of  Table  V  ).  Limit  proof  loads 
(positive  and  negative)  were  applied  to  the  test  article 
after  Block  No.  2  consistent  with  the  proof  testing 
conducted  on  the  F-lll  fleet.  Following  Block  No.  10, 
a  boron-epoxy  composite  reinforcement  was  added  to  the 
lower  surface  of  the  steel  wing-pivot  fitting.  This 
reinforcement  was  consistent  with  planned  fleet  action. 

The  reinforcement  was  developed  after  failure  of  the 
right-hand  fatigue  test  article  and  promised  signifi¬ 
cant  improvements  in  the  fatigue  strength  of  the  pivot 
fitting  by  reducing  the  stress  levels.  Fatigue  failure 
of  the  left-hand  wing  initiated  in  the  aluminum  lower 
wing  skin  at  the  most  outboard  bolt  row  of  the  splice 
connecting  the  skin  to  the  steel  pivot-fitting  lower 
plate.  The  test  article  is  being  shipped  to  the  Air 
Force  Sacramento  Air  Materiel  Center  for  disassembly 
and  thorough  inspection. 
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Table  V  F-lll  WING  FATIGUE  TEST  SPECTRUM  SUMMARY 
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3. 1.2. A  Final  Fatigue  Analysis 


Final  fatigue  analyses  of  the  wing  structure  are  being  pre¬ 
pared  to  reflect  the  full-scale  test  results.  Preliminary  results 
based  on  the  left-hand  wing  failure  show  the  MAC  service  life  to 
be  in  excess  of  10,000  hours  with  a  scatter  factor  of  4.0.  The 
final  analysis  will  constitute  a  detailed  evaluation  of  the  fatigue 
strength  of  the  baseline  wing  design  and  will  also  provide  the 
necessary  fatigue  damage  equations  for  use  in  monitoring  the 
fatigue  life  in  the  fleet. 

3. 1.2. 5  Fleet  Service  Load/Fatigue  Damage  Monitoring 

Data  from  in-flight  recorders  in  the  F-lll  fleets  are  being 
accumulated  and  processed  for  analysis.  This  data  will  soon  be 
available  in  sufficient  quantity  to  afford  development  of  wing 
loading  spectra  reflecting  service  operations.  Consequently, 
valid  comparisons  between  the  design  MAC  usage  and  service  usage 
can  be  made . 

3. 1.2.6  Flight  Test  Wing  Loads 

The  F-111A  has  undergone  and  is  continuing  to  undergo  an  ex¬ 
tensive  flight  test  loads  measurements  and  demonstration  program. 
Because  of  the  F-lllA's  large  flight  envelope,  both  the  analytical 
and  flight  test  efforts  to  isolate  critical  conditions  for  demon¬ 
stration  and  to  validate  these  choices  has  been  unusually  compre¬ 
hensive.  From  the  standpoint  of  wing  design  loads,  the  symmetric 
maneuvers  in  the  basic  configuration  (slats  and  flaps  retracted) 
and  takeoff  and  landing  configurations  are  the  most  significant. 

A  summary  of  symmetric  maneuver  conditions  for  the  F-111A  is 
shown  in  Figure  1 1 . 

Flap- track  loads  at  the  wing  box  rear  spar  and  slat- track 
loads  at  the  wing  box  front  spar  are  shown  in  Figure  12.  These 
data  were  obtained  by  extrapolation  and  refinement  of  flight  test 
data  at  26  degrees  and  16  degrees  in  the  landing  approach  and 
takeoff  configuration. 

3. 1.2. 7  Dynamic  Response 

The  F-lll  aircraft  has  been  subjected  to  a  comprehensive 
dynamic  response  program  of  analysis  and  flight  test  which  has 
included  response  to  landing,  taxi,  gust,  buffet,  store  ejection, 
and  abrupt  maneuver  conditions. 
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200  250  300  350 

Airspeed  -  KCAS 

Figure  11  Summary  of  Symmetric  Maneuver  Conditions 


Cross  Hatched  Circled  Areas 
Designed  by  Pylon  Hard  Point 
Loads 
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Figure  12  Overview  of  Various  Conditions  that  Configure  F-lll  Wing  Box 


3. 1.2.8  Wing  Flutter  Prevention 


The  F-111A  flutter  program  has  been  completed.  The  flutter 
prevention  task  was  characterized  by  an  integrated  analytical, 
model  test,  ground  vibration  test,  and  flight  test  approach  to 
fulfill  the  requirements  of  MIL-A-8870  as  expeditiously  as  possible. 
The  wing  has  been  demonstrated  to  be  free  from  flutter  without 
wing-mounted  store  loadings  throughout  the  design  flight  envelope. 
With  store  loadings  equal  to  3000  pounds  or  less  per  pylon,  the 
airplane  is  cleared  to  fly  to  the  design  flight  envelope  or  store 
limit,  whichever  is  lower.  Loadings  greater  than  3000  pounds  per 
pylon  have  been  cleared  to  high  subsonic  speeds. 

F-lll  ground  vibration  test  results  have  been  used  for  valida¬ 
tion  of  analytical  modes  and  flutter  model  vibration  results  and 
as  a  basis  for  final  flutter  analyses  of  the  airplane. 


3.2  BASELINE  COMPONENT  DESCRIPTION 


The  F-111F  wing  box  is  a  low-cost,  minimum-weight  structure, 
which  reflects  state-of-the-art  structures  technology  for  an  ad¬ 
vanced  operational  fighter  and  is  consistent  with  a  safe- life 
design  philosophy. 

The  wing  box  is  defined  as  the  primary  wing  structure  outboard 
of  the  wing  pivot  fitting.  It  consists  of  five  spars,  upper  and 
lower  one-piece  skins,  and  eight  primary  bulkheads.  Additional 
short  bulkheads  provide  framing  for  the  four  pylon  hard  points. 

The  wing  box  is  spliced  to  the  wing  pivot  fitting  between  center 
spar  stations  97.7  and  106.8.  All  wing  box  loads  are  transferred 
to  the  pivot  fitting  through  this  connection.  The  wing  structural 
arrangement  is  shown  in  Figure  13 .  An  exploded  view  of  the  wing 
box  structure  is  shown  in  Figure  14. 

The  design  of  the  primary  wing  structure  and  support  struc¬ 
ture  for  the  high-lift  systems  is  based  almost  exclusively  on 
structural  parts  machined  from  high-strength  aluminum  and  steel 
plate,  forged  billets,  and  die  forgings.  To  offset  costs,  a  large 
percentage  of  these  parts  were  programmed  for  numerical  control 
machining. 

A  minimum  weight  design  was  achieved  by  utilizing  tapered  and 
etched,  unspliced  skins  from  root  to  tip.  The  spars  and  bulkheads 
are  designed  as  integrally  stiffened  machined  members. 
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Figure  13  F-lll  Wing  Structural  Arrangement 


UPPER  SKIN 
MACHINED  &  MILLED 
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Figure  14  Baseline  Wing  Box 


The  wing  box  also  serves  as  an  integral  fuel  tank. 

The  critical  design  considerations  for  the  wing  upper  and 
lower  surfaces  are  indicated  in  Figure  12. 


3.3  BASELINE  REQUIREMENTS 


The  F-111F  structure  was  designed  to  the  criteria  summarized 
in  FZS-12-12002,  "F-111F  Structural  Design  Criteria,"  dated 
October  1969.  Gross  weight  and  load  factor  summaries  are  shown 
in  Figure  15  and  Table  VI.  Associated  supporting  documents 
are  listed  below: 

o  MIL-A-8860  series  specifications  defining  airplane 
strength  and  rigidity  requirements 

o  FZM-12-12071,  "F-111F  Air  Vehicle  Specification" 

o  FZM-12-104A,  "Environmental  Criteria  Specification" 

o  ASD-TR-66-57,  "Air  Force  Structural  Integrity  Program 
Requirements" 

o  FZS-12-005D,  "F-111A/E/D/F  Fatigue  Criteria" 


3.3.1  Static  Load  Requirements 


The  static  loads  for  the  F-111F,  derived  in  accordance  with 
FZS-12-12002,  are  given  in  FZS-12-8165,  Addendum  II,  "Magnitude 
and  Distributions  of  Design  Loads  for  F-lllF."  Discussions  and 
results  of  the  balanced  symmetric,  unbalanced  symmetric  and 
lateral  maneuver  conditions  are  included.  In  addition,  the  loads 
generated  by  extended  high-lift  devices  and  external  stores  are 
presented  with  particular  reference  to  wing  hard  points. 


3.3.2  F-lll  Fatigue  Requirements 


The  F-lll  fatigue  requirements  reflect  an  evolutionary  pro 
cess  beginning  with  the  initial  selection  of  usage  profiles  in 
1961  and  culminating  in  the  wing  test  loads  spectra  shown  in 
Table  V. 
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VERTICAL  LOAD  FACTOR 


A  -  Symmetric  maneuver  load  factor, 

basic  and  high  drag  configurations. 


B  -  Asymmetric  maneuver  load  factor, 

basic  and  high  drag  configurations. 


Figure  15  Limit  Maneuver  Load  Factors 
F-lllF  Airplane 
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Table  VI  F-111F  GROSS  WEIGHT  -  LOAD  FACTOR  SUMMARY 


(Airplane  with  No  External  Stores  and 
With  External  Stores  on  Pivoting  Pylons) 


Gross 

Limit  Load 

Factor 

Condition 

Weight 

Maneuver 

Gust 

Maximum  Design  G.W. 

92,500  lbs. 

+5. 2, -2.0 

+3.84,-1.84 

Basic  Flight  Design 
G.W. 

73,000  lbs. 

+7.33.-3.0 

+4.54,-2.54 

* 

Maximum  Taxi  and 
Takeoff  G.W. 

92,500  lbs. 

+3.1.-0.0 

+2.16,-0.16 

* 

Maximum  Landing 

Design  G.W. 

82,500  lbs. 

+3 . 6 , -0 . 0 

+2.30,-0.30 

* 

Landplane  Landing 
Design  G.W. 

73,000  lbs. 

-4.0, -0.0 

+2.47,-0.47 

*Takeoff  or  Landing  Approach  Configuration 


3.3.2. 1  Original  Fatigue  Design  Criteria/Load  Spectra 

The  required  design  service  life  for  the  F-lll  was  4000  flight 
hours  and  4000  landings.  A  design  fatigue-scatter  factor  of  4.0 
was  applied  to  load  occurrence  to  account  for  service  and  fatigue 
strength  variations  in  the  fleet.  Applicable  documentation  in¬ 
cluded  specification  MIL-A-8866  (ASG) ,  dated  18  May  1960,  and 
ASD  TN61-141.  The  design  service  loads  spectrum  was  developed  to 
define  the  expected  number  of  load  cycles  according  to  load  mag¬ 
nitude  for  each  significant  loading  source.  Load  sources  and 
magnitudes  were  established  on  the  basis  of  10  preliminary  mission 
profiles  defined  by  the  Tactical  Air  Command  (TAC)  in  1961.  The 
wing  load  spectra  were  defined  for  positive  and  negative  symmetric 
maneuvers,  asymmetric  maneuvers,  gusts,  ground-air-ground  transi¬ 
tions,  and  ground  operations.  Exceedance  data  and  the  atmospheric 
turbulence  model  specified  in  MIL-A-8866  were  used. 
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3. 3. 2. 2  Revised  Fatigue  Design  Criteria  and  Load  Spectra 


Prior  to  conducting  the  full-scale  fatigue  test  program  or. 
the  wing,  the  fatigue  criteria  and  design  load  spectra  were  re¬ 
vised  as  directed  by  the  F-lll  Systems  Program  Office.  The  re¬ 
visions  reflected  updated  TAC  usage  and  Air  Force-planned  revi¬ 
sions  to  MIL-A-8866.  The  revised  criteria  include 

o  Twenty-nine  mission  profiles  describing  Phase  I  and 
II  training.  Operations  analysis  shows  this  usage 
to  be  more  severe  than  a  combination  of  training 
and  limited  war 

o  Twenty- three  usage  blocks  developed  from  the  mission 
profiles  in  terms  of  Mach  number,  altitude,  and  time 
spent  by  mission  segment  (e.g.,  air-to-ground,  air- 
to-air,  cruise,  etc.) 

o  Exceedances  per  mission  segment  as  specified  by  an 
initial  revision  to  MIL-A-8866  made  available  to 
Convair  Aerospace  in  early  1969 

o  Use  of  the  basic  flight  design  gross  weight  (71,000 
pounds)  for  all  fatigue  flight  conditions  except 
high-lift  configurations  where  take-off  and  landing 
gross  weights  are  used 

o  Loading  sources  (maneuvers,  gusts,  etc.)  identical 
to  those  used  in  the  original  design  spectrum  except 
that  terrain-following  radar  (TFR)  operations  were 
added.  TFR  is  a  significant  fatigue  load  source 
and  required  development  of  exceedance  criteria. 

The  revised  fatigue  design  spectrum  is  referred  to  as  the 
Mission  Analysis  Composite  (MAC)  spectrum  and  is  currently  ap¬ 
plicable  to  the  F-lll  wing.  Load  data  were  derived  from  the 
F-111A  Flight  Loads  Program  and  these  data  were  supplemented  by 
wind  tunnel  data  as  required.  The  approach  used  in  the  develop¬ 
ment  of  the  MAC  spectrum  is  illustrated  in  Figure  16.  The 
original  design  exceedance  data,  based  on  the  1960  MIL-A-8866  re¬ 
quirements,  are  shown  for  comparison.  The  current  fatigue  cri¬ 
teria  and  MAC  spectra  are  described  in  detail  in  Convair  Aerospace 
documents  FZS-12-005D,  "F-111A/E/D/F  Fatigue  Criteria,"  dated 
1  May  1970,  and  FZS-12-168A,  "F-111A/E/D/F  Design  Loads  Spectra," 
to  be  published. 
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Figure  16  Mission  Analysis  Approach 


3.4  BASELINE  MATERIALS 


The  F-lll  wing  utilizes  2024  aluminum  for  upper  and  lower 
skins,  spars  and  ribs  in  an  efficient  form,  as  numerically  con¬ 
trolled  machined  plate  with  spars  spaced  to  achieve  a  high  buck¬ 
ling  strength  and  a  high  degree  of  material  utilization.  This  is 
an  economically  produced  and  structurally  efficient  wing  with  a 
demonstrated  high  structural  reliability.  As  a  baseline,  it 
presents  a  major  challenge  for  weight  and  cost  reduction  and  for 
increased  fatigue  life. 


The  F-lll  wing  and  the  spars  under  three  inches  in  plate 
thickness  are  of  conventional  2024-T851.  This  has  proven  to  be 
a  good  material  for  that  program.  For  plate  thicknesses  above 
three  inches,  the  procurement  specification  required  that  control 
of  short  transverse  ductility  be  achieved.  Thus,  the  heavier 
spars  have  been  procured  to  this  requirement.  A  later  specifi¬ 
cation  which  required  short  transverse  control  from  1.5  to  3.0 
inches  of  plate  thickness  was  released.  Suppliers  were  compelled 
to  provide  a  higher  purity  2024-T851,  identified  now  as  2124-T851, 
to  meet  the  short  transverse  requirements  in  the  new  specifica¬ 
tions.  This  alloy  has  excellent  exfoliation  and  stress  corrosion 
resistance,  adequate  fracture  toughness,  and  remains  a  competitive 
candidate,  along  with  the  newer  7000  series  alloys  and  tempers, 
principally  because  of  its  superior  performance  at  elevated 
temperatures . 
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3.5  UPDATED  BASELINE 


The  fatigue  life  of  the  current  F-lll  wing  has  been 
established  as  greater  than  10,000  hours  (or  25  years)  in 
terms  of  the  current  design  service  load  spectra  which 
include  a  scatter  factor  of  4.0.  The  excellent  fatigue 
strength  has  been  developed  through  an  extensive  program 
of  design  development  testing,  fatigue  analysis,  and  full 
scale  proof  of  compliance  tests.  A  more  detailed  summary 
of  this  program  is  given  in  paragraph  3.1. 

Two  requirements  connected  with  Phase  IA  made  it  neces¬ 
sary  to  recalculate  the  fatigue  strength  of  the  baseline: 

1.  The  more  severe  exceedance  and  ground-air-ground 
transition  requirements  of  the  March  1971  version 
of  MIL-A-8866A. 

2.  Damage  tolerance  assessment  of  baseline. 

In  addition  to  recalculating  the  baseline  fatigue 
strength  as  affected  by  the  above  requirements,  an  evaluation 
of  the  impact  of  usage  variation  (alternate  mission  segment 
mixes)  on  the  updated  baseline  was  performed. 

A  summary  of  the  baseline  update  activity  is  given  below. 

3.5.1  Fatigue  Analysis  Update 

The  design  service  loads  spectrum  used  for  Phase  IA  analy¬ 
sis  is  identical  to  the  baseline  fatigue  spectrum  with  one 
exception.  The  exception  is:  The  number  of  occurrences  were 
revised  to  reflect  the  more  severe  exceedance  data  and  ground- 
air-ground  transition  requirements  included  in  MIL-A-8866A 
(USAF) ,  dated  31  March  1971.  (The  exceedance  data  used  in 
developing  the  current  F-lll  spectrum  was  that  data  included 
in  a  preliminary  version  of  the  MIL-A-8866A  series  which 
became  available  to  the  contractor  in  early  1969.  See  para¬ 
graph  3. 3. 2. 2  for  additional  discussion  of  the  revised  F-lll 
criteria  and  spectra.) 

The  results  of  recalculating  the  fatigue  damage  for  six 
selected  control  points  in  the  current  baseline  wing  box 
are  given  in  Table  VII.  The  damage  calculated  for  the  current 
baseline  spectrum  is  shown  in  the  table  for  comparison. 
Locations  of  the  control  points  are  shown  in  Figure  17. 

The  updated  service  loads  spectra  does  increase  the  calculated 
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Kf  Established  from  A/4  L/H  Wing  Test  Results 
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damage  at  all  points,  but  the  fatigue  requirement  is  still 
easily  met.  The  results  shown  in  the  table  for  control 
point  No.  1  (lower  wing- to-pivot  fitting  splice)  are  for 
information  only  since  the  splice  is  not  defined  as  part 
of  the  baseline  in  Phase  IA.  The  final  splice  configura¬ 
tion  and  analysis  will  be  addressed  in  Phase  IB. 

The  reader  is  referred  to  the  baseline  document, 

FZM-6100,  dated  12  April  1973  for  a  more  detailed  discussion 
of  the  F- 111  fatigue  integrity  program. 

3.5.2  Damage  Tolerance  Assessment  of 
Baseline 

The  principles  of  linear  fracture  mechanics  have  been 
used  successfully  to  establish  inspection  intervals  for 
D6ac  steel  parts  in  the  F-lll  airframe  during  the  F-lll 
Recovery  Program.  However,  there  is  no  F-lll  criteria 
requiring  damage  tolerance  assessment.  In  addition,  while 
the  advanced  fighter  wing  designs  evolving  from  Phase  IA 
must  meet  detail  damage  tolerance  requirements,  no  such 
analysis  was  required  for  the  baseline  wing  box  by  the 
original  Phase  IA  contract. 

After  Phase  IA  work  was  underway,  an  addendum  to  the 
original  contract  was  accepted  to  update  the  baseline  as 
required  to  meet  damage  tolerance  requirements.  This  was 
accomplished  by  increasing  the  thickness  of  the  lower  wing 
skin  to  reduce  current  stress  levels.  The  complete  details 
of  the  baseline  damage  tolerance  assessment,  including 
extensive  criteria  sensitivity  studies,  are  given  in 
Appendix  IX. 

The  reduction  of  lower  surface  stress  levels  in  the 
baseline  resulted  in  the  calculated  fatigue  damage  becoming 
zero  for  the  control  points  previously  discussed  in  para¬ 
graph  3.5.1.  The  lower  splice  area  was  also  considered 
"nonbaseline"  for  the  damage  tolerance  assessment  with  the 
final  configuration  and  analysis  (including  fracture)  of 
the  wing  root  splice  intended  to  be  a  part  of  Phase  IB. 

3.5.3  Effect  of  Usage  Variation 

As  stated  in  paragraph  4.2.2. 1  of  the  proposal  document, 
FZP-1402 ,  the  effects  of  alternate  baseline  fatigue  spectra 
have  been  investigated.  The  evaluation  was  made  on  the  basis 
of  a  comparison  of  fatigue  and  fracture  design  data  (allowables) 
curves.  Design  curves  are  shown  based  on  fatigue  spectra 
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developed  for  three  usages,  Primary  (Phase  I  and  Phase  II 
training).  Alternate  "A"  (air  superiority),  and  Alternate  MB" 
recorder).  Table  VIII  lists  the  time  distribution 
of  mission  segments  for  each  spectrum.  The  "primary" 
spectrum  distribution  is  based  on  planned  usage  by  the 
Tactical  Air  Command.  The  "air  superiority"  spectrun  is 
similar,  with  an  increase  in  air-to-air  time  and  a 
decrease  in  air-to-ground  time.  Development  of  the  "flight 
recorder"  spectrum  is  based  on  500  hours  of  recorder  data 
representing  actual  TAC  F-lll  usage.  A  summary  of  wing 
pivot  bending  moment  exceedances  for  the  three  spectra  is 
shown  in  Figure  18  along  with  a  pictorial  summary  of  the 
effects  of  the  spectra  on  allowable  stress  for  fatigue  and 
two  types  of  flaws.  Tables  IX  and  X  list  these  effects 
in  tabular  form. 

3.5.3. 1  Effects  on  Fatigue  Allowables 

Figures  19  ,  20  ,  and  21  show  the  maximum  allowable 

spectrum  stress  as  a  function  of  stress  concentration.  Km. 
These  curves  are  for  one  lifetime  (4000  hours)  and  include 
a  Scatter fector  of  4.0.  Details  of  how  the  fatigue  design 
data  curves  are  generated  may  be  found  in  paragraph  6.2.1. 

3. 5.3.2  Effects  on  Fracture  Allowables 

As  noted  above,  usage  effects  were  investigated  for 
two  flaw  types,  a  surface  flaw  in  t  =  0.611  in.  lower  skin 
and  a  through  crack  radiating  from  a  lower  skin  5/16  in. 
diameter  bolt  hole.  For  both  flaw  types,  mid-point  KIC  and 
da/dN  data  were  used.  For  each  spectrum,  allowable  stresses 
were  determined  for  a  range  of  initial  flaw  sizes  for  800, 
2000,  4000,  and  8000  flight  hours  (various  degrees  of 
inspectability) .  Curves  for  each  of  the  flight  times  are 
shown  in  Figures  22  ,  23  ,  and  24  for  the  surface  flaw 
and  Figures  25  ,  26  and  27  for  the  hole  flaw.  In  the 
summary  in  Figure  18,  only  the  8000  hour  curves  are  shown. 

A  discussion  of  how  fracture  design  data  sheets  are 
generated  in  general  is  given  in  paragraph  7.3.1.  The  details 
and  assumptions  used  in  performing  the  flaw  propagation 
analyses  (flaw  models,  spectrum  retardation,  fracture  data, 
etc.)  necessary  to  evaluate  the  impact  of  usage  on  the  base¬ 
line  are  given  in  Appendix  XI  on  baseline  damage  tolerance 
assessment  for  the  primary  and  alternate  B"  usage  spectra. 

The  work  performed  for  the  alternate  "A"  usage  spectra  was 
accomplished  in  an  identical  manner  and  the  resulting  Resign 
curves  reported  only  in  this  paragraph. 
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Table  VIII  FATIGUE  SPECTRUM  MISSION  SEGMENT  DISTRIBUTION 
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Figure  18  Summary  of  Usage  Effects--C.S.S.  140 

Baseline  Fatigue  and  Fracture  Allowables 


Table  IX  EFFECTS  OF  USAGE  VARIATION  ON  FATIGUE  ALLOWABLES 

ONE  LIFETIME  =  4000  HOURS 
SCATTER  FACTOR  “4.0  INCLUDED 
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1  L.T.  -  4000  HRS._ 
(S.F.  -  4 . 0  INCLUDED) 
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Figure  19  Center  Spar  Station  140  -  F-lll  Baseline  Fatigue  Design 
Allowable  Curve  Phase  I  and  II  Training  Spectrum 
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Figure  21  Center  Spar  Station  140  -  F-111  Baseline  Fatigue  Design 
Allowable  Curve  Flight  Recorder  Spectrum 
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Figure  22  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Surface  Flaw  in  t  =  0.611  Skin,  Mid -Point 
KIC  &  <WdN  phase  I  and  II  Training  Spectrum 
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Figure  23  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Surface  Flaw  in  t  =  0.611  Skin,  Mid-Point 
Kjc  &  da/dN  Air  Superiority  Spectrum 
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Figure  24  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Surface  Flaw  in  t  =  0.611  Skin,  Mid-Point 
Kjc  &  da/dN  Flight  Recorder  Spectrum 
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Figure  25  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Through  Flaw  in  5/16  Hole,  Mid-Point  Kjq 
&  da/dN  Phase  I  and  II  Training  Spectrum 
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Figure  26  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Through  Flaw  in  5/16  Hole,  Mid-Point 
&  da/dN  Air  Superiority  Spectrum 
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Figure  27  Center  Spar  Station  140  -  F-lll  Baseline  Fracture  Design 
Allowable  Curve  Through  Flaw  in  5/16  Hole,  Mid-Point  KTr 
&  da/dN  Flj_gnt  Recorder  Spectrum 


SECTION  IV 


STRUCTURAL  DESIGN 


A  new,  in  depth,  systematic  design  approach  was  employed 
during  Phase  1A  of  the  program  to  achieve  the  design  goals. 
This  five  step  approach  resulted  in  the  innovation  of 
several  advanced  design  concepts  which  were  selectively 
integrated  and  optimized  to  produce  a  preliminary  design 
definition  of  a  prime  wing  box  configuration  and  two  alter¬ 
nate  configurations  that  potentially  represent  significant 
advancements  in  fighter  structures  technology. 

4.1  DESIGN  APPROACH  AND  EVALUATION  SYSTEM 

An  overview  of  the  five  step  approach  is  depicted 
by  Figure  28. 


4.1.1  Design  Effort  at  the  Element  Concept  Level 

The  initial  step  of  the  design  effort  was  the  innova¬ 
tion  of  new  applicable  concepts  and  the  collection  of  exist¬ 
ing  advanced  concepts.  Element  concepts  are  single  struct¬ 
ural  element  ideas,  such  as  (a)  laminated,  planked,  adhesive 
bonded  lower  skin  without  fastener  penetrations  or  (b) 
bonded  sandwich  spar  webs,  etc. 

The  objective  of  this  step  of  the  design  approach  is 
to  establish  a  broad  base  or  large  number  of  applicable 
structural  concepts  from  which  optimum  wing  designs  can  be 
built. 

Innovative  efforts  were  most  fruitful  during  the  period 
before  detailed  analysis  or  evaluation  commensed;  that  is, 
new  ideas  emerged  most  freely  in  an  atmosphere  where  atten¬ 
tion  to  numerical  details  was  omitted  and  where  criticism 
of  ideas  was  disallowed. 

A  total  of  119  element  concepts  were  defined  on  pre¬ 
printed  formats  entitled  "Structural  Concepts".  The  element 
concepts  were  evaluated  and  56  feasible,  promising  concepts 
selected  for  incorporation  into  cross-section  sketches. 
Selection  of  element  concepts  for  further  design  study 
was  on  the  basis  of  weight  savings  potential,  life 
characteristics,  technology  advancement,  feasibility  to 
manufacture  and  inspect  after  development  during  the  follow- 
on  program  time  frame.  See  Appendix  I  Element  Concepts. 
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•  A  NEW,  SYSTEMATIC  STRUCTURAL  DESIGN  PROCEDURE  HAS  EVOLVED  THAT  CAN  BE  UTILIZED  TO  SYNTHESIZE 
AN  INTEGRATED,  BALANCED,  OPTIMUM  DESIGN  FOR  ANY  DESIRED  APPLICATION.  THIS  SYSTEM  IS  DEPICTED 
ON  THE  CHART  BELOW: 
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Figure  28  Fighter  Wing  ADP  Design  Approach 


4.1.2  Design  Effort  at  the  "Wing  Cross-Section  Concept"  Level 

Cross-sections  were  cut  at  F111F  wing  center  spar  sta¬ 
tions  140.0  and  340.0  and  the  cross  section  lines  at  these 
stations  superimposed  on  preprinted  drawing  formats  entitled 
"Cross-Section  Concept".  The  56  element  concepts  were  re¬ 
iterated,  integrated  and  defined  on  31  cross-section  draw¬ 
ings  at  CSS  140.0  and  20  cross-section  drawings  at  CSS  340.0. 
The  baseline  configuration  was  also  defined  on  cross-section 
drawings  at  CSS  140.0  and  340.0.  The  cross-section  concepts 
were  configured  and  sized  to  satisfy  static  loads  plus 
fatigue  and  fracture  criteria. 

Weights  and  costs  were  computed  for  1.0  inches  of 
cross-section  length  for  each  concept  drawn  at  CSS  140.0  and 
340.0.  In  addition,  each  cross-section  concept  drawn  was 
evaluated  and  scored  to  weighted  parameters  specified  by  the 
Air  Force  Flight  Dynamics  Laboratory  shown  in  Figure  29. 

Table  XI  and  XII  summarize  the  results  of  the  cross- 
section  concept  effort.  Thirteen  concepts  at  CSS  140.0 
and  10  concepts  at  CSS  340.0  were  selected  from  the  cross- 
section  sketches  for  input  into  the  "Analytical  Assembly" 
phase. 

The  cross-section  drawing  provides  a  work  sheet  and  a 
valuable  iterative  step  for  integrating  element  concepts 
into  workable  wing  cross  section  designs.  The  simplicity 
of  the  cross-section  drawings  allows  a  large  number  of 
design  concepts  to  be  economically  weighed,  costed  and 
evaluated.  By  configurating  all  concepts  at  a  specific 
wing  station  to  identical  external  lines  and  static  loads 
plus  identical  fatigue  and  fracture  criteria,  an  equitable 
and  meaningful  evaluation  has  resulted. 

For  a  comprehensive  description  of  design  and  evalua¬ 
tion  of  the  cross-section  concepts  see  Appendix  II  Phase 
Summary,  Cross-Section  drawings. 
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Table  XI 

CROSS- SEOTlL.*  CONCEPTS  C.S.S.  140.0 
EVALUATION  SUMMARY  (REVISED  RATING  SYSTEM  11-10-72) 
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F-111F  WING  BOX  CROSS-SECTION  CUT 

C.S.S.  140.0  (BASELINE) 

WING  SECTION  WELDED  SPARS,  CONSTANT  DEPTH 

SAND  UPPER  SKIN  -  LAMINATED  LOWER  SKIN  (140.0) 

WING  SECTION  INTEGRALLY  FORMED  SPARS,  STIFFENED 
UPPER  SKIN,  LAM.  LOWER  SKIN  WITH  HAT  STIFFENERS 

WING  SECTION  WELDED  SPARS,  SQ.  TUBE 

UPPER  SKIN  PLANK  LOWER  SKIN 
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Table  XI  (CONT'D) 

CROSS-SECTION  CONCEPTS  r.S.S.  140.0 
EVMUATION  SUMMARY  (REVISED  RATING  SYSTEM  11-10-72) 
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4.1.3  Design  Effort  at  the  Analytical  Assembly  Level 

From  the  cross  section  concepts,  13  concepts  at  CSS 
140.0  and  10  concepts  at  CSS  340.0  were  selected  for  re¬ 
iteration,  detailed  analysis  and  definition  on  Analytical 
Assembly  Drawings.  Analytical  Assembly  Drawings  were  also 
prepared  for  the  baseline  at  the  two  stations. 

The  Analytical  Assembly  Drawings  for  CSS  140.0  and 
340.0  are  48  inch  long  wing  segments  of  constant  cross 
section  which  were  designed  to  the  geometry,  the  static 
loads  and  the  fatigue  and  fracture  criteria  that  occur  at 
each  of  these  two  wing  stations.  Weights  and  costs  were 
computed  and  weighted  score  values  established  for  each 
concept.  The  other  design  parameters  as  specified  by  AFFDL 
were  also  quantitatively  evaluated  and  scored  for  each 
concept  at  each  of  the  two  stations. 

The  results  of  the  design  effort  at  the  Analytical 
Assembly  level  is  summarized  in  Tables  XIII  for  CSS  140  and 
Table  XIV  for  CSS  340. 

The  Analytical  Assembly  has  proven  to  be  a  valuable 
^ iminary  design  tool.  It  provides  on  a  single  drawing 
a  definition  of  configuration  and  the  critical  numerical 
values  that  measure  weight,  cost,  strength/stress  levels, 
fatigue  quality,  damage  tolerance  and  overall  desirability 
of  a  design  concept.  When  worked  in  conjunction  with  thv_ 
evaluation  format,  it  serves  as  an  instrument  to  bring 
together  and  coordinate  the  technical  efforts  of  the  various 
disciplines  necessary  to  optimize  and  produce  a  complex 
design  concept.  The  concept  data  block  on  each  Analytical 
Assembly  Drawing  provides  detailed  evaluative  data  on  each 
wing  part,  i.e.,  upper  skin,  lower  skin,  front  spar,  etc. 
which  permits  optimizing  additional  designs  by  combining 
the  best  features  of  several  Analytical  Assembly  concepts. 

In  addition  to  providing  an  additional  iterative  step  in  the 
design  process,  the  Analytical  Assembly  drawing  provides 
valid  data  for  evaluating  a  number  of  design  concepts  to 
specified  parameters  on  a  completely  uniform,  equitable 
basis . 


Refer  to  Appendix  III  Phase  Summary,  Analytical 
Assembly  Drawings  for  a  comprehensive  report  of  the  13/10 
design  concepts  studied  and  evaluated  during  this  phase  of 
the  program. 
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Table  XIII 

ANALYTICAL  ASSY.  CONCEPTS  CSS  140.0 
EVALUATION  SUMMARY 
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Table  XIV 

ANALYTICAL  ASSY  CONCEPTS  CSS  340.0 
EVALUATION  SUMMARY 
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General  and  Administrative,  Engineering,  Material  burden, 
allocations,  etc. 


4.1.4  Preliminary  Design 

The  seven  highest  ranking  Analytical  Assemblies  at 
CSS  140.0  were  layed  out  as  full  size  wing  box  designs. 

Four  splice  layouts  were  made  that  joined  combinations  of 
the  two  highest  ranking  Analytical  Assembly  concepts  at 
CSS  140.0  with  the  two  highest  ranking  Analytical  Assembly 
concepts  at  CSS  340.0.  Two  additional  wing  box  layouts  were 
made  utilizing  the  #1  and  #2  ranking  analytical  assemblies 
at  CSS  140.0  with  the  #1  ranking  analytical  assembly  concept 
at  CSS  340.0 

The  nine  wing  box  designs  were  costed  and  weighed  by 
utilizing  data  from  the  Analytical  Assembly  data  blocks. 

The  other  design  parameters  were  evaluated  by  working  with 
the  nine  wing  box  layouts. 

The  results  of  this  evaluation  are  summarized  in 
Table  XV  .  The  nine  wing  box  drawings  and  the  baseline 
wing  box  are  shown  in  Appendix  IV  Phase  Summary,  Preliminary 
Design. 

Figures  30  thru  39  depict  the  9  configurations 
and  the  baseline.  Sheet  2  of  Figures  30  thru  39  shows 
highlights  of  these  designs. 

4.1.5  Final  Iterative  Phase, 

Wing  Box  Preliminary  Design 

From  the  preliminary  design  considerations  of  nine 
wing  boxes,  four  top  ranking  designs  were  chosen  for 
optimization  and  further  study.  Figures  40  ,  41  ,  42 

and  43  are  the  preliminary  design  drawings  of  these  con¬ 
figurations.  It  should  be  noted  that  weight  and  costs  for 
these  four  designs  were  re-computed  in  detail  after 
optimization  and  the  values  recorded  on  each  drawing. 

4.1.6  Design  Assessment 

The  four  designs  were  re-evaluated  in  detail.  The 
results  of  this  evaluation  is  shown  in  Table  XVI.  Each 
design  is  discussed  in  the  paragraphs  below.  610RW001  was  not 
included  in  the  final  iteration  because  of  its  likeness  to 
610RW003. 
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PRELIMINARY  DESIGN  CONCEPTS  — EVALUATION  SUMMARY 
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Figure  30  Baseline  Wing  Box  (Sheet  1) 
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•  INTERFACE  FIT  TAPERED  FASTENERS  IN  LOWER  SURFACE  BENDING  MATERIAL  TO  IMPROVE 
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Figure  31  Sandwich  Upper  Skin,  Laminated  Lower  With 
Tension  Straps  Outboard (Sheet  1) 
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Ref  A/A  610RA003 
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Figure  32  Multi-Wet  Cell  Construction  (Sheet  1) 
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Figure  32  (Sheet  2) 
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Figure  33  Corrugated  Spar  -  Laminated  Al  Lower  Skin  Construction 
(Sheet  1) 
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Figure  33  (Sheet  2) 
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Figure  34  Adhesive  Bonded  Aluminum  Honeycomb  Panels  (Sheet  1) 
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Figure  34  ^Sheet  2) 


Fasteners  Upper  Panel  (Typ. ) 
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Figure  35  Adhesive  Bonded  Titanium  Honeycomb  Panels  (Sheet  1) 
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Figure  35  (Sheet  2) 
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Figure  36  Brazed  Titanium  Space  Truss  (Sheet  1) 
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DESIGN  PROVIDES  AMPLE  SPACE  FOR  INTERNAL  ROUTING 


LAMINATED  PANELS 
LOWER  SKIN 
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Figure  37  Wing  Box  -  Bonded  Aluminum  Laminated  Lower  Panel; 
Hat  Stiffener  Upper  Panel  (Sheet  1) 
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Figure  37  (Sheet  2) 
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Figure  38  Bonded  Aluminum  Laminated  Lower  Panel;  Hat  Stiffener 
Upper  Panel  With  Close  Tip  (Sheet  1) 
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Figure  38  (Sheet  2) 
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Figure  39  Laminated  Lwr  Skin/Plate  Upper  Spliced  to 
Multi-Spar  Bonded  Aluminum  (Sheet  1) 
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Figure  42  Wing  Body  -  Adhesive  Bonded  Honeycomb  Panel 
Upper  and  Lower  (Sheet  1) 


Figure  42  Wing  Body  -  Adhesive  Bonded  Honeycomb  Panel  105/106 

Upper  and  Lower  (Sheet  2) 
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FINAL  ITERATIVE  PHASE  WING  BOX  EVALUATION  SUMMARY 
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4. 1.6.1  610RW002  Multi-Wet  Cell  Construction 


This  titanium  configuration  is  the  integration  of 
several  advanced  design  features,  namely; 

(a)  No  fastener  penetrations  through  the  lower  skin 
bending  material  resulting  in  very  low  stress 
concentration  (Kj)  permitting  sizing  to  an 
operating  stress  of  92,500  psi. 

(b)  Laminated  and  planked  lower  skin  with  laminates 
joined  by  low  temp  brazing  for  a  multi-load  path, 
fail  safe  tension  member  with  reduced  crack 
growth  rate  characteristics. 

(c) 

v  '  Upper  and  lower  skins  of  high  strength  titanium 
alloys  8-8-2-3  (175,000  psi  FTU)  6AL-4V-STA 
(160,000  psi  Ftu)  joined  by  low  temperature 
brazing  alloy  with  braze  temperature  that  corres¬ 
ponds  to  the  aging  temperature  of  the  titanium 
alloy.  Configuring  with  high  strength  alloys 
avoids  paying  a  weight  penalty  when  sizing  to 
meet  the  static  strength  requirement  of  the  wing 
box  structure. 

(d)  Multi-Wet  Cell  wing  beam  shear  material.  Each  cell 
wall  is  perforated  for  fuel  flow  and  corrugated  for 
shear  stability.  In  addition  to  serving  as  the 
wing  beam  shear  webs,  the  cells  react  internal  fuel 
pressure  loads  and  stabilize  upper  and  lower  skins 
to  a  compression  buckling  stress  allowable  in  the 
vicinity  of  compression  yield. 

The  integration  of  the  above  advanced  design  features 
resulted  in  the  lowest  weight  design  of  all  design  concepts 
considered.  Although  more  expensive  per  pound  to  fabri¬ 
cate  than  aluminum  designs,  the  "Multi-Wet  Cell"  design  is 
a  promising  concept  for  advanced,  high  performance  fighter 
aircraft  where  airframe  weight  is  critical  and  skin  oper¬ 
ating  temperatures  exceed  the  capability  of  aluminum. 
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4. 1.6. 2  610RW003 


The  610R003  wing  box  design  integrates  several  ad¬ 
vanced  design  features  that  result  in  an  otpimum,  balanced 
configuration  in  aluminum  alloy.  It  is  low  cost  and  low 
weight.  The  structural  concepts  that  enhance  this  design 
are: 


(a)  The  elimination  of  fasteners  through  the  lower 
surface  bending  material  with  resulting  low  Kt. 
This  permits  sizing  the  lower  skin  to  an  operating 
stress  level  of  37,100  psi  instead  of  17,000  psi 
as  in  conventional  aluminum  structure  with  mechan¬ 
ical  fastener  penetrations  through  the  lower  skin. 

(b)  Laminated  and  planked  lower  skin  for  improved 
crack  growth  characteristics  and  multiple  load 
paths. 


(c)  Corrugated  wide  spar  concept  for  stabilizing 
upper  skin  to  a  compression  buckling  allowable 
stress  in  the  vicinity  of  compression  yield. 

(d)  The  entire  assy  is  of  7050  aluminum  alloy  with 
improved  tensile  strength  and  fracture  toughness 
properties . 

4. 1.6.3  610RW004 


The  610RW004  is  the  most  economical  of  the  wing  box 
designs  studied.  Cost  savings  with  respect  to  the  "Base¬ 
line"  wing  box  is  15.7%.  The  savings  are  primarily  in 
the  area  of:  (1)  material  and  machine  time  saved  in  using 
built  up  sheet  metal  spars  vs.  machined  spars,  (2)  utiliz¬ 
ing  more  economical  joining  systems  and,  (3)  overall  re¬ 
duction  in  weight  resulted  in  a  reduction  in  material  cost. 

Although  considerable  attention  was  directed  toward 
cost  savings,  a  significant  decrease  in  weight  with  respect 
to  the  baseline  was  achieved.  Weight  savings  was  18.9%. 

The  weight  savings  were  achieved  by  the  following  design 
features : 

(a)  Elimination  of  fasteners  through  the  lower  skin. 

(b)  Sandwich  panel  upper  panel  with  compressive 
allowables  in  the  vicinity  of  compression  yield. 

(c)  Improved  allowables  of  7050  aluminum  alloy. 
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4. 1.6.4  610RW006 

Thp  sDace  truss  concept  is  the  2nd  lightest  design  but 


most  expensive 
advantages  over 
follows : 


(a)  The  upper  panel  is  removable  for  complete  access¬ 
ibility  to  the  inside  of  the  wing  box. 

(b)  The  space  truss  design  can  be  easily  coated  with  a 
corrosion  protective  coating  such  as  polyurathane. 

(c)  It  readily  accommodates  equipment  routing. 

The  advanced  concepts  integrated  into  the  design  that 
provide  structural  advantages  are  as  follows: 

(a)  The  lower  skin  is  configured  of  Ti  planks  and 
laminates  joined  by  low  temperature  brazing  alloy 
for  crack  arrest,  reduced  crack  growth  rate  and 
multiple  load  paths. 

(b)  The  lower  panel  skin  and  spar  caps  are  configured 
so  as  to  eliminate  all  fastener  penetrations 
through  the  lower  panel  bending  material. 

(c)  The  closely  spaced  truss  configured  spars  and  ribs 
provide  good  local  stability  for  working  skins  to 
high  compressive  and  shear  stresses.  The  sub¬ 
structure  also  efficiently  reacts  internal  pressure 
loads . 

(d)  High  strength  8-8-2-3  and  6AL-4V-STA  titanium 
alloys  are  employed  to  contribute  to  a  low 
weight  design. 
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SECTION  V 


STRESS  ANALYSIS 


Design  Loads,  Analysis  Techniques  and  the  Structural 
Integrity  and  Reliability  Evaluation  Technique  are  dis¬ 
cussed  in  this  section  with  reference  to  data  and  sample 
calculations  in  Appendix  V. 


5.1  DESIGN  LOADS 

Design  loads  have  been  obtained  from  FZM-6100,  "Base¬ 
line  Document  for  Advanced  Air  Superiority  Fighter  Wing 
Structures,"  and  all  are  available  for  reference  in  Appendix 
VI. 


Typical  external  loadings  were  selected  for  maximum 
positive  bending  (condition  F400A) ,  maximum  negative  bending 
(condition  F401A) ,  maximum  torsion  (condition  F101A)  and  for 
torsion  associated  with  negative  bending  (condition  F702A) . 

Fuel  pressure  loads  used  for  design  represent  the 
effects  of  combinations  of  vertical  and  lateral  inertia, 
maximum  roll  rates  and  vent  pressure. 

The  external  store  pylon  loadings  used  for  design 
represent  the  test-demonstrated  hardpoint  strength,  for 
the  fixed  pylons,  and  the  most  severe  loadings  applicable 
to  the  F-lll  wing  for  the  pivoting  pylon  hardpoints. 

Assumptions  made  for  application  of  loadings. 

o  The  four  maneuver  loadings  were  considered  to  act 
equally  on  all  the  designs  without  aeroelastic  or  inertia 
difference  effects  from  the  baseline  loads. 

o  Pressure  loadings  were  assumed  to  act  independently 
of  the  four  maneuver  design  conditions  because  the  man¬ 
euvers  do  not  involve  high  roll  rates,  and  pressure  loadings 
are  due  principally  to  high  roll  rates. 
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o  External  store  pylon  loadings  were  assumed  to 
design  only  in  the  vicinity  of  the  load  introduction. 

Description  of  methods  for  obtaining  internal  load¬ 
ings  : 


o  The  baseline  wing  was  simulated  using  Procedure 
TR4  (a  variation  of  Convair-developed  Procedure  TL7). 
Material  quantities  and  properties  were  simulated  using 
constant  stress  bars,  triangles  and  quadrilaterals.  The 
program  computes  nodal  displacements,  element  stresses  and 
unit  loadings  and  node  point  forces  for  both  linear  and  non¬ 
linear  stress/strain  situations.  Samples  of  printed  and 
graphic  output  are  shown  in  Figures  35  to  39  of  Appendix  V. 

Load  cases  1,  2,  3  and  4  represent  conditions 
F101A,  F400A,  F401A  and  F702A  respectively. 

The  results  at  CSS  140  and  340  were  used  to  prepare 
Figure  40  and  Table  XX  of  Appendix  V.  These  loads  were 
used  to  analyze  cross-section  drawings  and  analytical  assem¬ 
blies  at  these  two  stations. 

The  finite  element  program  results  were  also  used 
to  prepare  tables  of  spanwise  loading  for  the  maximum 
bending  condition  (F400A)  by  multiplying  stresses  at 
spanwise  locations  by  the  appropriate  areas.  These  dis¬ 
tributions  are  shown  in  Table  XXI  and  XXII  of  Appendix  V. 


o  Pivoting  pylon  loadings  were  resolved  internally 
into  horizontal  couples  acting  in  the  local  planes  of  the 
upper  and  lower  skins  and  vertical  forces  acting  on  wing 
vertical  shear  material. 

o  Fixed  pylon  pitching  moments  were  resolved  into 
a  vertical  couple  of  forces  acting  at  two  forward  attach¬ 
ment  bolts  and  at  a  hook  fitting  at  the  Rear  Spar.  Fixed 
pylon  rolling  moment  was  resolved  into  a  horizontal  couple 
of  forces  acting  in  the  local  planes  of  the  upper  and 
lower  skins.  Vertical  loads  were  applied  directly  to 
wing  vertical  shear  material. 

o  Flap  loadings  were  resolved  into  a  horizontal 
couple  of  forces  acting  on  11.5  inches  of  upper  and  lower 
skin  at  the  Rear  Spar  and  a  vertical  force  applied  to  the 
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Rear  Spar. 

o  Math  models  were  made  to  aid  in  sizing  the  lower 
skin  at  pylon  cutouts.  Lower  skin  attachment  of  flap 
tracks  was  made  outside  the  wing  bending  stress  zone  using 
a  model.  Samples  can  be  seen  in  Appendix  V,  section  V.6. 


5.2  ANALYSIS  TECHNIQUES 


The  stress  analysis  techniques  used  during  this  pro¬ 
gram  have  evolved  into  a  very  useful  Method  for  preliminary 
design  of  wings.  The  method  is  described  in  the  following 
paragraphs  (5.2.1  thru  5.2.4)and  is  illustrated  with 
sample  calculations  in  Appendix  V. 


5.2.1  Concept  Screening 


The  element  concepts  contained  in  the  series  610-XXX 
drawings  of  Appendix  I  were  screened  for  structural 
efficiency  using  the  screening  procedure  described  and 
illustrated  fully  in  Appendix  V.  Loadings  and  wing 
cross-section  geometry  at  Center  Spar  Station  (CSS)  140 
were  used  for  this  purpose,  assuming  a  constant  cross 
section.  The  programmed  computations  resulted  in 
material  being  placed  in  the  most  advantageous  way  to 
meet  the  load-carrying  and  stability  requirements.  The 
program  also  computed  the  weight  of  structural  material. 

Some  manual  calculations  were  required  to  supplement 
the  automatic  procedure,  but  the  bulk  of  the  screening  was 
performed  automatically. 

Element  Concept  610-132  will  be  traced  from  screening 
through  the  finished  Preliminary  Design  Drawing  to  illus¬ 
trate  the  method. 


5.2.2  Cross-Section  Sizing  and  Study 


The  sized  element  concepts  were  incorporated  into 
the  series  610R  Cross  Section  Drawings  shown  in  Appendix  II. 
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Element  Concept  610-132  was  incorporated  into  610R-013  and 
610R-029. 

The  boltless,  fail-safe  laminated  construction  of  the 
lower  surface  was  expected  to  score  high  in  structural 
integrity.  The  cost  of  the  upper  surface  was  reviewed  for 
possible  cost  reduction  by  considering  a  sandwich  skin  and 
a  monolithic  plate  skin  in  cross  sections  610R-013  and 
610R-029  respectively. 

Wide,  corrugated,  spars  were  developed  to  provide 
increased  buckling  resistance  of  the  monolithic  plate  and 
also  to  provide  reduction  in  the  bay  sizes  for  better  fuel 
pressure  resistance. 

The  Cross  Section  Drawings  were  rated  and  ranked  as 
described  in  Section  5.3. 

Cross  Section  Drawings  610R-013B  and  610R-029  ranked 
fourth  and  first,  respectively. 


5.2.3  Analytical  Assembly  Technique 


The  analytical  assembly  technique  is  a  low-cost  pro¬ 
cedure  for  obtaining  detailed  definition  of  competing 
concepts  and  for  making  orderly  and  uniform  concept  compar¬ 
isons.  This  is  accomplished  by  expanding  cross-section 
drawings  at  two  wing  stations  into  48 -inch  long  boxes 
identified  as  "analytical  assemblies".  The  two  wing 
stations  were  carefully  selected  to  represent  the  extremes 
in  the  various  structural  requirements.  Wing  station  140 
is  highly  loaded  and  is  typical  of  structure  designed  by 
wing  bending  loads.  Wing  station  340  is  typical  of 
structure  with  low  wing  bending  loads,  high  fuel  pressure 
loads  and  a  considerable  amount  of  minimum  gage  material. 

Detail  structural  analyses  have  been  performed  at 
each  analytical  assembly  location  taking  into  account  fuel 
sealing  requirements,  manufacturing  constraints,  minimum 
gage  limitations  and  differences  in  effective  section 
depths . 
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Structural  stability  analyses  of  upper  surface  panels 
reflect  non-linear  material  stress-strain  behavior.  Lower 
surface  allowable  tension  stress  levels  have  been  selected 
consistent  with  fatigue  and  crack  growth  allowables. 

The  Analytical  Assembly  Technique  enables  estimating 
of  finished  wing  structural  weights  based  on  the  accurate 
structural  sizing  at  two  (or  more)  sections.  Appendix  V 
contains  an  example  of  the  use  of  this  technique. 

Our  example  element  concept  (610-132)  appears  in 
Analytical  Assemblies  610RA-003  and  610RA006  (Appendix  III) 
by  virtue  of  ranking  fifth  and  first,  respectively,  in  the 
evaluation  of  cross  section  Drawings  (610R-013B  and  610R- 
029,  Appendix  II). 

Sample  calculations  are  shown  in  Appendix  V. 

All  the  Analytical  Assembly  drawings  were  ranked  for 
Structural  Integrity  by  the  method  described  in  Section 
5.3.  Overall  ranking  placed  610RA006  first. 


5.2.4  Preliminary  Design  Analysis  Technique 

The  technique  for  analysis  of  complete  wing  Prelim¬ 
inary  Designs  depends  largely  on  data  obtained  in  Analyt¬ 
ical  Assembly  analyses.  It  is  an  expansion  of  these  data 
since  accurate  sizing  was  done  there  at  representative 
sections . 

Sizing  was  done  along  the  entire  span  of  the  wing 
in  proportion  to  loadings  and  checking  for  local  stability 
while  keeping  the  structural  arrangement  of  the  Analytical 
Assemblies . 

Skins,  caps  and  webs  were  checked  and  sized  indiv¬ 
idually  to  permit  spanwise  description  of  material  quanti¬ 
ties  and  thereby  simplify  weight  and  cost  calculations. 

Pylon  hardpoints,  flap  and  slat  track  attachments 
were  analyzed  for  structural  integrity  but  their  weights 
were  considered  a  part  of  355  lbs  of  recurring  baseline 
weight.  A  part  of  this  weight  could  be  decreased  due  to 
advancement  in  material  properties  and  in  design  tech¬ 
nology. 
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The  355-lb  recurring  weight  was  maintained  in  order 
to  give  the  best  visibility  to  the  improvements  in  the 
structural  wing  box  proper. 

The  example  element  concept  (610-132)  has  evolved 
into  Preliminary  Design  Drawing  610RW003  by  virtue  of  rank¬ 
ing  first  in  the  Analytical  Assembly  evaluation.  It  was 
mentioned  earlier  that  elimination  of  fasteners  thru  the 
lower  surface  was  necessary  to  realize  the  maximum  mech¬ 
anical  properties  from  advancements  in  materials .  This  is 
evident  when  one  traces  concepts  through  the  analysis  and 
evaluation  procedure. 

A  summary  of  analysis  data  has  been  prepared  for  each 
of  the  nine  Preliminary  Designs  and  is  shown  in  Tables  XVII 
thru  XXVI.  Sample  calculations  are  shown  in  Appendix  V. 

The  weight  distribution  for  each  design  is  tabulated  in 
Table  XXVII. 

All  the  preliminary  designs  achieved  weight  savings 
and  therefore  also  reduced  the  torsion  and  bending  stiffness. 
The  effect  of  stiffness  reduction  is  considered  using  the 
data  and  procedure  given  for  this  purpose  in  Appendix  V. 

A  comparison  between  the  baseline  stiffness  and  the  stiffness 
of  each  concept  is  shown  in  Table  XXVIII. 

It  can  be  seen  there  that  stiffness  reductions  up  to 
50%  do  not  require  further  consideration  for  the  clean  wing. 
Also,  stiffness  reductions  beyond  21%  may  involve  reduction 
of  present  operating  limits  when  carrying  certain  stores. 

The  stiffness  reduction  in  the  case  of  610RW003  is 
slightly  less  than  21%  so  no  further  checks  need  be  made 
at  this  time. 

The  stiffness  reduction  in  the  case  of  610RW006  is 
approximately  40%.  This  case  will  be  used  to  demonstrate 
the  use  of  the  data  in  Appendix  V  as  follows:  from 
Figure  45  it  is  seen  that  with  20%  stiffness  margin 
available  (for  store  group  7-9  in  Table  XXVII),  the  avail¬ 
able  flutter  speed  margin  is  34%.  Entering  Figure  46 
at  34%  speed  margin  and  40%  stiffness  reduction  it  is 
seen  that  a  13.5%  reduction  in  operating  envelope  would 
be  required.  The  current  operating  envelope,  from 
Table  XXVIII  for  store  group  7-9  (B-43),  is  the  clean 
airplane  envelope. 
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Table  XXIII  STRESS  DATA  SUMMARY  SHEET  FOR  WING  BOX  DESIGN  CONCEPT  NO.  610RW006 
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Table  XXVI  STRESS  DATA  SUMMARY  SHEET  FOR  WING  BOX  DESIGN  CONCEPT  NO.  610RW009 
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DISTRIBUTION  OF  WEIGHT  IN  PRELIMINARY  DESIGN  WINGS 
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Table  XXVIII  COMPARISON  OF  PRELIMINARY  DESIGN  WING  STIFFNESSES  TO 
F-111F  BASELINE 
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5.3  STRUCTURAL  INTEGRITY  AND  RELIABILITY  EVALUATION  TECHNIQUE 

The  structural  characteristics  to  be  assessed  in  the 
"integrity  and  reliability",  evaluation  have  been  categorized 
as  "static,  fatigue,  safe  crack  and  multiple  load  path." 

The  approach  employed  to  perform  this  evaluation  is  described 
below. 


The  term  "static"  is  based  on  static  margin.  Thus,  a 
structure  that  is  sized  by  fatigue  or  crack  propagation 
criteria  will  have  excess  static  strength.  The  degree  of 
excess  static  strength  is  the  ratio  of  static  strength 
available  to  static  strength  required.  If  the  structure  is 
critical  for  static  loads  this  ratio  is  unity.  In  comparing 
the  many  candidate  concepts  the  first  step  is  to  calculate 
the  static  strength  ratio  for  each  concept.  The  next  step 
is  to  normalize  all  values  based  on  that  concept  which  shows 
the  highest  static  strength  ratio.  A  final  weighted  value  is 
then  determined  for  each  concept  by  multiplying  its  normalized 
static  strength  ratio  by  .03  (since  .30  x  .10  -  .03). 


To  compare  the  fatigue  quality  characteristics  of  the 
various  design  concepts  the  ratio,  Cp,  is  the  first  calculated 
for  each  concept  where: 


C 


F 


Cf 


\7 


F 


maximum  allowable  stress  based  on  fatigue 
considerations 


maximum  static  stress  in  the  wing  cross- 
section 


The  allowable  fatigue  stress  reflects  the  F-lllF 
service  loads  spectrum,  the  type  of  material  and  the 
maximum  stress  concentration  factor,  KT. 

The  Cp  ratios  are  then  divided  by  the  maximum  such 
ration  to  convert  all  values  to  a  unit  scale  Cp  ■  Cp 

Max  Cp 

The  preceeding  paragraph  describes  the  manner  in  which 
the  stress  concentration  (Kj)  in  each  design  concept  has 
been  accounted  for  in  the  fatigue  quality  comparisons. 
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However,  in  addition  to  the  apparent  stress  concentrations 
certain  designs  have  sources  of  potential  stress  concentra¬ 
tions  which  might  very  well  exceed  the  existing  K-p  values. 

For  example,  lower  surface  holes  with  a  readily  assignable 
Kj  ■  3.4  (fore  carefully  prepared  tapered  fasteners)  were 
considered  to  be  sources  of  potential  additional  stress 
concentration  because  of  possible  sharp  scratches  during 
bolt  installation.  In  addition,  chordwise  changes  of 
thickness  were  considered  to  be  potential  sources  of 
stress  concentration  due  to  machining  defects  that  might 
occur.  Spanwise  welds  were  also  considered  in  a  similar 
fashion.  A  count  of  all  such  sources  of  potential  Kj 
increases  was  conducted  for  each  design  concept  and  a 
two  percent  reduction  in  Cp  was  taken  for  each  possible 
source  of  trouble.  The  relative  fatigue  rating  for  each 
concept  is  then  expressed  as  follows: 

i 

r  »  Cp  _  ,02n  Where:  n  ■  number  of  potential  defects. 

The  final  weighted  value  of  fatigue  quality  for  each 
concept  was  then  obtained  by  multiplying  R  by  .09  (.30  x  .30). 

"Safe  crack"  is  interpreted  as  referring  to  the  maximum 
stress  in  the  fatigue  stress  spectrum  consistent  with  stable 
crack  growth.  Each  design  concept  is  analyzed  for  cracks 
starting  at  both  surface  flaws  and  at  holes  (unless  the 
concept  is  free  of  holes).  There  are  four  damage  tolerance 
categories : 

FS  =  fail-safe,  hole-free  structure 
FSH  ■  fail  safe  structure  with  holes 
SCG  -  slow  crack  growth  (not  fail-safe)  structure 
SCGH  -  slow  crack  growth  structure  with  holes 

The  maximum  allowable  crack  growth  stress  in  the  load¬ 
ing  spectrum,  C  cq,  is  controlled  by  the  damage  tolerance 

category  and  the  type  of  material  in  accordance  with 
Revision  D  of  the  proposed  USAF  Damage  Tolerance  Criteria, 
dated  18  August  1972.  The  maximum  allowable  ultimate 
stress  based  on  crack  growth  considerations  only  is: 
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Then  the  ratio  of  the  equivalent  ultimate  crack  growth 
stress  to  the  maximum  static  tension  stress  is: 

^CG  =  —-^1 

Where:  C*S  »  maximum  operating  stress  based  on 

static  considerations. 

These  ratios  are  then  divided  by  the  maximum  such  ratio 
and  multiplied  by  .09  to  obtain  the  final  weighted  values: 


.09  Rcq  -  .09  KCG 

Max  K^q 

The  "Multiple  Load  Path"  category  is  considered 
synonymous  with  fail  safe  capability.  For  each  cross- 
section  design  concept,  a  count  has  been  made  of  the 
maximum  number  of  individual  structural  elements  that 
could  be  failed  without  impairing  limit  load  capability. 

By  dividing  all  such  counts  by  the  maximum  all  values 
are  converted  to  a  unit  scale.  The  weighted  values  are 
then  obtained  by  multiplying  the  normalized  counts  by 
.09  (.3  x  .3). 

Final  weighted  values  of  structural  integrity  and 
reliability  are  obtained  by  summing  the  values  for  fatigue 
quality,  safe  crack  growth,  fail  safe  characteristics  and 
static  strength  for  each  concept. 
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SECTION  VI 


FATIGUE  ANALYSIS 


Fatigue  Analyses  have  been  performed  to  demonstrate  poten¬ 
tial  compliance  of  the  selected  preliminary  wing  designs  with 
the  specified  fatigue  requirements.  The  following  discussions 
provide  a  summary  of  fatigue  analysis  results  and  procedures 
used  in  Phase  IA. 

6.1  FATIGUE  ANALYSIS  CRITERIA  AND  PROCEDURES 

The  fatigue  requirements  used  for  the  design  of  proposed 
advanced  fighter  wing  structure  are  identical  to  those  of  the 
baseline  component.  These  requirements  are  summarized  below 
and  more  fully  discussed  in  paragraph  3.3. 

1.  The  total  service  life  shall  be  4000  flight  hours 
and  4000  landings. 

2.  Repeated  load  occurrences  shall  be  increased  to 
include  a  scatter  factor  -  4.0. 

3.  Fatigue  loads  spectrs  shall  include  the  discrete 
repeated  loads  specified  in  M1L-A-8866  as  interpreted 
for  the  F-lll. 

4.  Typical  service  life  usage  shall  be  as  represented 
by  TAC  Phase  I  and  II  Training  Mission  Profiles. 

Safe- life  was  used  as  the  primary  means  of  satisfying  the 
fatigue  life  requirements.  The  primary  objective  for  each 
new  wing  design  was  the  ability  to  withstand  a  minimum  of  four 
structural  service  lifetimes  without  fatigue  cracking.  Proof 
of  compliance  by  full  scale  testing  is  reserved  for  the 
#  follow-on  program. 

The  design  service  loads  spectrum  was  identical  to  the 
baseline  fatigue  spectrum  with  one  exception.  The  exception 
is:  The  number  of  occurrences  were  revised  to  reflect  the  more 
severe  exceedance  data  and  ground-air-ground  transition  require¬ 
ments  included  in  MIL-A-8866A  (USAF)  dated  31  March  1971. 

(The  exceedance  data  used  in  developing  the  current  baseline 
spectrum  was  that  data  included  in  a  preliminary  version  of 
the  MIL-A-8866A  series  which  became  available  to  the  contractor 
in  early  1969.) 
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Following  development  of  fatigue  loads  spectra,  the  proce¬ 
dure  for  performing  fatigue  analyses  was  generally  as  follows: 

1.  Fatigue  control  points  were  selected. 

2.  Control  point  unit  stresses  (stress  per  unit  of  load) 
were  established. 

3.  Fatigue  test  (S-N)  data  was  selected  for  each  control 
point  which  reflects  appropriate  stress  concentrations 

(Kp) . 

4.  Fatigue  stress  spectra  were  established  for  each  control 
point  by  combining  the  repeated  loads  and  occurrences 
with  the  unit  stress  data.  Stress  spectra  were  also 
adjusted  for  compatibility  with  selected  S-N  data  and 
environment. 

5.  Fatigue  damage  calculations  were  made  for  the  stress 
spectra  of  (4)  using  the  S-N  data  selected  in  (3) 
and  Miner's  cumulative  damage  rule  (2°/N  *  1.0 

at  failure). 

Flexibility  and  rapid  determination  of  fatigue  damage 
was  accomplished  for  this  program  by  expanding  the  above 
procedure  on  a  parametric  basis  as  shown  schematically  below. 


c 

o 


S.F.  «  4.0  Included 
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Using  the  parametric  approach,  fatigue  damage  curves  reflect¬ 
ing  variation  in  factors  on  fatigue  stress  spectra  and  variation 
in  stress  concentration  were  generated  for  each  material  selected 
as  applicable  to  Phase  IA.  These  curves  were  updated  as  addi¬ 
tional  S-N  data  became  available  from  the  Phase  IA  test  program. 

The  above  fatigue  damage  "catalog"  was  also  utilized  to  con¬ 
struct  fatigue  design  data  sheets,  or  allowable  curves,  to 
support  the  actual  design  effort  as  required.  These  data  sheets 
are  discussed  and  presented  in  paragraph  6.2.1. 

6.2  CONCEPT  ANALYSIS  AND  EVALUATION 

Fatigue  prevention  requires  that  fatigue  analysis  begin  in 
the  earliest  stages  of  the  design  phase.  Fatigue  analyses  were 
continually  fed  into  the  design  process,  reflecting  revisions 
as  more  appropriate  fatigue  test  data  became  available. 

The  design  effort  in  Phase  IA  progressed  systematically 
from  cross  sections  to  analytical  assemblies,  to  preliminary 
wing  designs  culminating  in  the  final  three  wing  selections 
summarized  in  Section  II.  Fatigue  design  data  sheets  were 
developed  to  insure  that  fatigue  strength  requirements  would 
be  reflected  in  design  formulation  and  trade  studies. 

Based  on  the  allowables  dictated  by  preliminary  fatigue 
design  data  sheets,  an  early  conclusion  was  reached  to  reduce 
potential  stress  concentrations  (e.g.,  bolt  holes)  in  the 
lower  surface  by  using  bonded,  brazed,  or  welded  construction. 
This  decision  practically  eliminated  significant  weight 
penalties  due  to  fatigue. 

6.2.1  Fatigue  Design  Data 

Fatigue  design  data  sheets  (allowable  curves)  essentially 
Indicate  the  interacting  relationships  between  stress,  stress 
concentration  factor,  and  fatigue  life.  These  curves  were 
developed  for  each  of  the  materials  being  evaluated  for  use 
in  the  lower  surface.  Figure  44  depicts  the  general 
development  procedure  for  design  data  sheets.  Additional 
details  of  this  procedure  are  given  in  Appendix  VI. 

The  allowable  stresses  determined  from  the  data  sheets 
are  representative  of  stresses  at  the  lower  surface  at  center 
spar  station  (C.S.S)  140.  Review  of  the  baseline  math  model 
stress  analyses  for  selected  design  conditions  Indicated  this 
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Figure  44  Fatigue  Allowable  Approach 


area  of  the  baseline  lower  surface  experiences  the  highest 
stresses.  Experience  gained  from  the  F-lll  fatigue  test 
program  also  indicated  that  upper  surface  control  points 
experience  no  significant  fatigue  damage  primarily  because 
the  tipper  surface  is  sized  for  compression  buckling  and  the 
baseline  spectrum  contains  very  little  negative  maneuver  time. 
This  lack  of  calculable  damage  is  also  the  case  for  the  out¬ 
board  portion  of  the  wing  box  (typically  C.S.S.  340)  where 
design  pressure  and  stiffness  govern  size  of  the  structure. 

Because  fatigue  S-N  data  was  not  yet  available  for  the 
newer  materials  being  considered,  preliminary  S-N  data 
thought  to  be  representative  of  the  actual  data  required  was 
utilized  to  generate  the  initial  design  data  sheets.  As  test 
data  became  available  from  the  Phase  1A  test  program,  the 
data  sheets  were  updated.  The  final  design  data  sheets 
developed  from  test  data  are  given  in  Figures  45  through 
50  .  See  paragraph  6.2.2  for  further  discussion  of 
fatigue  test  S-N  data  used  in  Phase  1A. 

The  fatigue  quality  index  or  stress  concentration  factor 
(Kj)  is  a  function  primarily  of  design  concept  and  detail. 

As  previously  stated,  every  effort  was  made  to  eliminate 
stress  concentrations  in  the  lower  surface.  Additional  discus¬ 
sion  of  guidelines  for  fatigue  quality  in  design  is  given  in 
paragraph  6.2.3. 

6.2.2  Fatigue  Data  for  Analysis 

Because  fatigue  S-N  data  was  not  initially  available  from 
the  Phase  IA  test  program  for  the  newer  materials  being  con¬ 
sidered,  the  early  procedure  was  to  assemble  data  which  was 
available  and  which  is  representative  of  the  actual  data 
required.  The  preparation  of  initial  preliminary  fatigue  design 
data  sheets  was  accomplished  using  this  representative  data. 

The  preliminary  S-N  data  assumed  early  in  Phase  IA  is 
discussed  in  Appendix  VI. 

Limited  fatigue  test  data  was  subsequently  generated  for 
the  new  materials  during  the  course  of  Phase  IA  and  is  reported 
in  Section  VIII  of  this  report.  This  test  data  was  generated 
for  each  material  using  only  one  "R"  value  (minimum  load/ 
maximum  load)  and  two  stress  concentration  factors.  Additional 
definition  of  S-N  data  will  be  required  in  Phase  IB,  particularly 
in  the  various  sheet  forms. 
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Figure  45  C.S.S.  140  Lower  Surface  ADP  Wing  Preliminary  Fatigue 
Design  Allow.  Curves  Based  on  Phase  IA  Tested  S/N  Data 
(0.125  Sht.)  Applicable  to  7475-T761  Sht.  Alloy 
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Figure  46  C.S.S.  140  Lower  Surface  ADP  Wing  Preliminary  Fatigue 
Design  Allow.  Curves  Based  on  Phase  IA  Tested  S/N  Data 
Applicable  to  7475-T7351  Al.  Alloy  Plate  (1-1/2") 
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C.S.S.  140  Lower  Surface  ADP  Wing  Preliminary  Fatigue 
Design  Allow.  Curves  Based  on  Phase  IA  Tested  S/N  Data 
(0.0625  Sht.)  Applicable  to  7050-T76  Sht.  Alloy 
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Figure  48  C.S.S.  140  Lower  Surface  ADP  Wing  Preliminary  Fatigue 
Design  Allowable  Curves  Based  on  Phase  IA  Tested  S/N 
Data  (3-In.  Plate)  Applicable  to  X7050-T73651  Pi.  Alloy 


L.T.  -  4000  HRS. 
S.F.  -  4.0  INCLUDED 
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Figure  50  C.S.S.  140  ADP  Wing  Preliminary  Fatigue  Design  Allow. 

Curves  for  Use  in  Concept  Screening  Applicable  to 
8-8-2-3  Ti  Plate  S/N  Data  Tested  in  Phase  IA 


Since  the  baseline  fatigue  spectrum  contains  multiple 
"R"  values,  the  test  data  was  plotted  in  the  form  of  a  modified 
Goodman  diagram.  From  the  diagrams  a  family  of  S-N  curves 
for  fatigue  analysis  was  developed.  These  curves  were  developed 
in  terms  of  alternating  and  mean  cyclic  stresses  which  eliminate 
the  need  to  directly  consider  a  single  "R"  value.  The  S-N  curves 
generated  by  this  procedure  are  given  in  Figures  51  through 
63. 


The  fatigue  test  data  (Kj  ■  3  and  5)  obtained  for  the 
8-8-2-3  titanium  sheet  material  seems  relatively  low.  It  was 
discovered  that  grinding  the  notches  in  the  sheet  specimens 
had  resulted  in  some  burning  of  the  material.  Subsequent  data 
obtained  using  8-8-2-3  titanium  plate  specimens  (Kj  ■  2  and  3) 
was  considerably  better  than  the  sheet  data  at  a  comparable 
K-j  ■  3.0,  and  the  plate  specimen  notches  had  been  machined 
instead  of  ground.  It  was  therefore  concluded  that  the  sheet 
data  was  questionable,  and  this  data  was  not  used  for  any 
further  analysis  purposes,  the  plate  data  being  used  instead. 
Additional  sheet  data  for  8-8-2-3  titanium  will  be  obtained  in 
Phase  IB  to  verify  or  contradict  this  decision. 

In  addition  to  the  apparent  problems  with  8-8-2-3  titanium 
in  sheet  form,  fatigue  test  data  generated  for  7050-T76  sheet 
(Rj  ■  3  and  5)  was  also  somewhat  on  the  low  side  compared  with 
data  generated  for  7475-T761  sheet,  7475-T7351  plate,  and 
7050-T73651  plate.  An  extensive  review,  including  requested 
advice  from  ALCOA,  has  failed  to  provide  an  explanation  for 
the  7050-T76  sheet  data  being  low.  ALCOA  data  for  Rj  ■  3 
in  7050-T76  sheet  also  substantiates  that  the  Convair  test 
data  is  low.  In  fact,  the  ALCOA  data  agrees  well  with  the 
Convair-tested  7050-T73651  plate  data  at  a  Kn.  -  3.0.  Therefore, 
Convair  test  data  for  7050-T76  was  considered  questionable, 
and  no  further  analyses  were  performed  with  it.  ALCOA 
states  that  more  7050-T76  fatigue  test  data  will  soon  evolve 
from  NASC  Contract  No.  N00019-72-C-0512.  The  sheet  form  of 
7050  will  also  receive  additional  attention  in  the  Phase  IB 
test  program.  Meantime,  subsequent  fatigue  analyses  in 
Phase  IA  were  performed  using  the  7050-T73651  plate  data. 

Additional  discussion  of  the  problems  encountered  with 
the  fatigue  test  data  may  be  found  in  Section  VIII  on  Materials 
Engineering. 
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Figure  51  S-N  Curves  7475 -T61,  T761  Aluminum  Sheet 
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Figure  52  S-N  Curves  7475-T61,  T761  Aluminum  Sheet 


t  =0.30  IN. 

QUARTER  THICKNESS  LAYER 
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Figure  53  S-N  Curves  7475-T735  Aluminum  1%-inch  Plate 
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Figure  54  S-N  Curves  7475-T7351  Aluminum  1%-inch  Plate 


Ftu  "  85*7  KS1 
Fmtu  -  90.8  KSI 
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Figure  55  S-N  Curves  /050-T76  Aluminuip  Alloy  Sheet  Longitudianl 
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Figure  56  S-N  Curves  7050-T76  Aluminum  Alloy  Sheet  Longitudinal 
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Figure  57  S-N  Curves  X7050-T73651  Aluminum  3-inch  Plate 
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Figure  58  S-N  Curves  X7050-T73651  Aluminum  3-inch  Plate 


184  KSI 
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Figure  59  S-N  Curves  S-8-2-3  Titanium  l/16-inch  Sheet  Longitudinal 
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Figure  61  S-N  Curves  S-8-2-3  Titanium  i-inch  Plate  Longitudinal  Grain-Sta 
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Figure  62  S-N  Curves  8-8-2-3  Titanium  1-inch  Plate  Longitudinal 
Grain  -  Sta 
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Figure  63  S-N  Curves  6A1-4V  Titanium  Sta  Sheet 


6.2.3  Fatigue  Quality  Guidelines 

The  fatigue  quality  index  is  basically  the  stress  concen¬ 
tration  factor  with  certain  limits  on  its  application.  It  is 
a  function  primarily  of  design  concept  and  detail.  The  index 
varies  with  the  load  spectrum  and  has  more  meaning  when  estab¬ 
lished  by  tests  conducted  on  aircraft  components  whereby  it  is 
usually  denoted  as  Kf.  The  upper  limit  fatigue  quality  index 
(Kf)  for  the  baseline  F-111F  wing  box  lower  surface  is  about 
3.13  as  determined  from  a  full  scale  wing  component  tests. 

(See  Section  3.3  for  a  discussion  of  F-lll  wing  component 
tests.)  While  no  statistical  significance  can  be  attached  to 
the  baseline  index  of  3.13,  this  value  was  the  basis  for 
establishing  an  upper  limit  index  of  3.0  as  a  goal  for  achieving 
good  design  detail  at  the  lower  surface  of  Phase  IA  designs. 
Accomplishing  this  goal  contributed  to  extensive  use  of  bonding 
and  brazing  techniques  at  the  lower  surface  so  that  fastening 
systems  could  be  eliminated.  The  use  of  bonding  and  brazing 
for  the  lower  surface  is  judged  to  yield  an  index  limit  closer 
to  2.0  than  3.0.  Substantiation  of  this  will  be  an  important 
part  of  the  Phase  IB  test  program  where  Kf  values  will  be 
established  using  spectrum  loaded  tests  of  bonded  and  brazed 
components.  Welds  (including  spot  welds)  and  weld-bonding  were 
assumed  to  have  an  index  somewhere  between  2.0  and  3.0;  conse¬ 
quently,  use  of  these  techniques  has  been  restricted  to  areas 
above  the  lower  surface  where  stresses  are  significantly  less. 
Again,  substantiation  will  be  required  through  fatigue  testing. 

The  only  holes  present  in  the  lower  surface  of  the  final 
Phase  IA  designs  are  those  cutouts  necessary  for  accommodating 
baseline  pylons,  access,  etc.  Special  attention  was  given 
these  areas  by  carefully  providing  local  reinforcement  to 
reduce  stress  levels.  The  fatigue  quality  index,  or  Kf, 
assumed  for  the  worst  case  inboard  pivot  pylon  location,  was 
2.5.  This  is  based  on  a  Kf  value  of  2.7  established  from 
baseline  development  testing  of  lower  skin  panels  with  6.5 
inch  diameter  cutouts.  Phase  IA  designs  utilize  an  improved 
pivoting  pylon  arrangement  requiring  a  larger  9.0  inch  cutout. 
The  Kf  *  2.5  is  simply  Kf  =  2.7  adjusted  for  the  difference 
is  cutout  diameters. 

As  stated  in  paragraph  6.2.1,  the  baseline  spectrum  does 
not  produce  significant  tension  in  the  upper  wing  surface 
to  produce  calculable  fatigue  damage  since  the  upper  surface 
is  sized  primarily  for  compression  buckling;  however,  the  upper 
surfaces  of  Phase  IA  designs  utilize  fasteners  to  provide  for 
upper  skin  removal  and  access  to  the  interior  for  inspection 
and  repair.  Stress  concnetration  factors  for  upper  surface 
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bolt  holes  are  calculated  using  a  procedure  taken  from  Metal 
Fatigue  by  Sines  and  Waisman.  This  procedure  accounts  for  the 
AK<r  resulting  from  loaded  fasteners  as  shown  In  Figure  64. 

Fatigue  analysis  results,  including  assumed  Kjig  are 
summarized  for  selected  fatigue  control  points  in  each  of  the 
top  five  Phase  IA  designs  in  paragraph  6.3  on  preliminary 
design  analysis. 
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STRESS  CONCENTRATION  FACTORS 
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Non-Interference  Fit  Fasteners  -  Kt  a  3.0  (open  hole) 


6.3  PRELIMINARY  DESIGN  ANALYSIS 


Final  Phase  IA  preliminary  fatigue  analyses  have  been 
prepared  for  selected  control  points  in  the  five  top  rated 
wing  designs  and  summarized  in  Table  XXIX  .  The  table  also 
indicates  the  stress  concentration  factor  (Kj)  and  the  maximum 
operating  tensile  stress  experienced  at  each  control  point. 
Maximum  operating  stress  corresponds  to  the  maximum  load  in 
the  baseline  fatigue  spectrum,  i.e.,  15.6  x  10^  in- lbs  of  net 
pivot  bending  moment.  Selected  control  points  are  primarily 
located  at  the  lower  surface  inboard  areas  of  each  design. 
Analyses  were  performed  for  an  upper  surface  bolt  hole  control 
point  on  two  designs  to  typically  illustrate  that  fatigue 
damage  at  these  points  is  zero.  Control  point  locations  are 
shown  in  Figures  65  through  69. 

The  selection  of  control  points  was  based  on  a  review  of 
stresses  and  a  review  of  drawings  to  locate  areas  of  known 
or  potential  stress  concentration.  An  example  of  potential 
stress  concentration  is  the  machined  steps  in  the  lower  spar 
cap  extrusions  utilized  by  designs  610RW003  and  610RW007. 

While  the  step  geometry  is  oriented  parallel  to  the  primary 
loading,  the  potential  of  having  an  inadvertant  notch  due  to 
machining  was  accounted  for. 

Values  of  Kt  were  assigned  using  the  guidelines  discussed 
in  paragraph  6.2.3.  Phase  IB  fatigue  development  testing 
will  establish  Kf  values  for  each  of  these  areas  in  addition 
to  possible  other  critical  areas  that  may  be  determined  in 
the  detail  design  effort.  It  is  anticipated  that  the  prelimin¬ 
ary  values  used  for  K-p  in  Table  XXIX  will  prove  to  be 
conservative. 

The  fatigue  damage  calculated  for  each  control  point  is 
less  than  1.0.  As  previously  stated.  Miner's  Rule  was  used 
for  fatigue  analysis  (  2  n/N  ■  1.0  at  failure).  Therefore, 
each  of  the  designs  meet  the  fatigue  requirements  summarized 
in  paragraph  6.1.  The  fatigue  analysis  results  were  also  used 
as  an  input  into  the  reliability  analysis  effort  discussed 
in  the  following  paragraph  6.4. 

The  three  full  wing  designs  finally  recommended  for  further 
evaluation  in  the  follow-on  are  610RW003,  610RW002,  and 
610RW004.  However,  the  fatigue  analysis  results  for  610RW006 
and  610RW007  were  retained  in  Table  XXIX  for  information. 
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Available  S-N  data  for  6A1-4V  STA  was  for  Kj,  -  2.82.  Therefore 
calculated  damage  should  be  conservative. 
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WELD  AT  INBD  PIVOT  PYLON  CUTOUT 
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Figure  67  Brazed  Titanium  Space  Truss  Fatigue  Control 
Points,  Configuration  610RW006 
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Figure  68  Multi-Wet  Cell  Construction  Fatigue  Control 
Points,  Configuration  610RW002 
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FIGURE  69  Figure  69  Bonded  Aluminum  Laminated  Lower  Panel:  Hat  Stiffener 

Upper  Panel  Fatigue  Control  Points,  Configuration  610RW007 


6.4  RELIABILITY  ANALYSIS 


Scatter  factor  is  a  design  and  test  allowance  for  fatigue 
variability.  However,  application  of  the  factor  of  4.0  does 
not  bear  a  fixed  relationship  to  life  since  material  dispersions 
are  unique.  Another  consideration  is  that  design  areas  of 
structure  that  contribute  to  possibilities  of  fatigue  failure 
may  in  effect  have  greater  than  minimum  allowable  scatter  factor 
by  reason  of  design  criticality  for  fracture  mechanics,  crippling, 
etc.  Also,  with  the  scatter  factor  criterion,  hazard  as 
affected  by  fleet  size  isn't  accounted  for.  Fatigue  reliability 
prediction  provides  the  means  to  quantitatively  estimate 
probabilities  of  failure.  Prediction  analyzes  the  interaction 
of  material  statistical  properties  and  their  employment. 
AFML-TR-69-65  is  an  approach  to  such  determination.  However, 
in  the  interests  of  tangible  support  to  initial  design,  the 
techniques  are  adapted  to  permit  evaluation  without  the  necessity 
of  (but  not  excluding)  after-the-fact  full  scale  product  test 
assessment. 

Aircraft  and  fleet  reliabilities  are  cumulative  probability 
functions  of  failure  frequency  distributions  of  all  significant 
fatigue  control  points.  Predictions,  Table  XXX  ,  were  made 
for  the  most  critical  control  points  established  by  fatigue  and 
stress  analysis.  In  accordance  with  AFML-TR-69-65,  GD/CAD, 
and  other  investigations,  the  Weibull  probability  distribution 
is  accepted  as  the  appropriate  description  of  structural  life 
scatter.  The  Weibull  distribution  is  characterized  by  the  values 
of  its  "a"  shaping  (dispersion)  and  "b"  scaling  (location) 
parameters.  Use  of  this  approach  is  described  below. 

1.  Weibull  shape  parameters  "a"  were  derived  from  material 
endurance  test  data  generated  in  this  program  and  from 
other  sources  as  noted  in  the  following  tabulation. 

Translation  between  stress  levels  enhanced  the  statistical 
base.  Programmed  computation  by  the  maximum  — 
likelihood  estimation  method  was  used  to  determine  "a". 


where  n  «  number  of  life  observations 

t^  -  individual  life  observations 
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NOTE:  Any  failure  is  the  fracture  of  only  an  element  in  multiple  load  paths,  resulting 
in  fractional  loss  of  wing  strength. 


It  was  found  that  scatter  apparently  becomes  greater  with 
decreasing  fatigue  stress  for  a  material.  Smaller  "a"  values 
represent  greater  scatter. 


MATERIAL 

FATIGUE  TEST 

"a" 

Al  2024-T851 

R  -  0.1;  Kt  -  3.0;  40  KSI 

3.08 

2"  plate 

(GD/CAD  F-lll  Tests) 

Al  2024- T851 

R  -  0.1;  -  3.0;  20  KSI 

2.57 

2"  plate 

(Preceding  test) 

Al  7050-T76 

R  -  0.1;  Kt  -  3.0;  20  KSI 

4.7 

.063  sh 

(GD/CAD  tests) 

Al  7050-T76 

R  -  0.0;  ^  -  3.0;  25  KSI 

4.1 

•063  sh 

(Alcoa  data) 

Al  7050-T73651 

R  -  0.1;  Kt  -  3.0;  20  KSI 

4.9 

3"  plate 

(GD/CAD  tests) 

Al  7475-T761 

R  -  0.1;  Kt  "  3.0;  20  KSI 

1.69 

.125  sh 

(GD/CAD  tests) 

Al  7475-T761 

R  -  0.1;  Kt  -  3.0;  25  KSI 

2.3 

.125  sh 

(Preceding  test) 

Al  7475-T761 

R  -  0.1;  Kt  -  3.0,  20  KSI 

1.42 

.090  sh 

(AFML/U  Dayton  Tests) 

Al  7475-T761 

R  -  0.1;  Kt  -  3.0;  25  KSI 

3.8 

.090  sh 

(Preceding  AFML  test) 

Al  7475-T7351 

R  -  0.1;  Kt  -  3.0;  20  KSI 

6.3 

3"  plate 

(GD/CAD  tests) 

Ti  6-4  STA 

R  »  0.1;  1^  -  4.2;  40  KSI 

3.9 

.125  sh 

(GAEC  data) 

Ti  8-8-2-3 

R  -  0.1;  Kt  -  3.0;  50  KSI 

6.3 

.  12  sh 

(GD/CAD  tests) 

Ti  8-8-2-3 

R  -  0.1;  Kt  -  2.0;  Kt  -  3.0 

Data 

1"  plate 

(GD/CAD  tests) 

Insuf f 
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2.  Weibull  scale  parameters  "b"  were  based  on  analytically 
estimated  operational  fatigue  damage  at  the  wing  box 
structure  critical  control  points.  AFML-TR-69-65 
advocates  only  full  scale  testing  for  this  purpose ,  so 
as  to  realistically  incorporate  effects  such  as  size, 
stress  distribution,  quality,  load  response,  fretting, 
environment,  etc.  However,  analysis  at  this  stage  as 
possible,  that  can  be  taken  in  conjunction  with 
particular  case  limitations,  is  preferable  to  foregoing 
available  indications  and  comparisons.  Parameter  "b" 
is  calculated  from  the  first  moment  relationship. 

t*  -  b  T  (1/a  +  1) 

where  ■  expected  mean  life 

r  *  standard  gamma  function 

Mean  design  life  is  16000  hour  (design  service  life 
of  4000  hour  with  4.0  scatter  factor)  but,  with  design 
generally  critical  in  fracture  mechanics  instead  of 
fatigue,  expected  mean  life  is  greater  than  16000  hour 
since  Miner  cumulative  damage  is  less  than  1.0  at  design 
life.  Parameter  "bM  is  characteristic  mortality  with 
63.2%  of  population  lives  this  value  or  less. 


PRELIM 

DESIGN 

610RW- 

CONTROL 

POINT 

2(n/N) 
DAMAGE 
16000  HR 

MEAN 

LIFE 

16000 

CHARAC¬ 

TERISTIC 

MORTALITY 

"b" 

002 

X 

0.8 

20,000 

21,501 

003 

£  x 

0.9 

17,778 

19,385 

004 

td  ^ 

0) 

0.8 

20,000 

21,861 

006 

0)  |H 

I  A 

0.8 

20,000 

21.501 

007 

3  a 

CO  H 

0.9 

17,778 

19,385 

3.  Vehicle  reliability,  is  a  series  probability,  the 

product  of  individual  control  point  reliabilities  Rep. 
The  Weibull  reliability  of  each  control  point  is 

Rcp  ■  exp((  -  1  )a),  with  t  design  service  life  of 

b  4000  hour 
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PRELIM 

DESIGN 

CONTROL 

INDIV  CONTR  PT 

VEH  RELIAB 

610RW- 

POINT 

RELIAB  Rr_ 

^Veh 

002 

.999975 

.999900 

(- 

o 

003 

.999562 

.999562 

(- 

Fcp) 

004 

X 

X 
oo  X 

.999659 

.998637 

(- 

Rep4) 

006 

<0 

0) 

2 }  rH 

1-3 

CO  H 

.999975 

.999900 

(  - 

RcP4) 

007 

.999562 

.999562 

(  - 

V 

4.  Fleet  reliability  is  expressed  as  probabilities  of  no 
more  than  0,  1,  2,  etc.  vehicle  failures.  Binomial 
distribution  is  applicable.  See  Table  XXX  . 

f  (n)  ‘  KTfl-n)!  (1'Rveh)'\ehn  •  Probability  °f  exactly  n 


5. 


in  a  fleet  of  N,  vehicles  failing. 

n 

Probab  of  No  more  than  n  Failures  -  ^  f(n) 


Time  to  first  fleet  failure  is  another°useful  index. 

This  is  a  solution  for  Weibull  t  corresponding  to  the 
probability  of  all  failures  except  zero.  See  Table  XXX  . 


b(- 


ln(l  -  Fff)^ 

-Nc  j 


service  time  for  each  and  every 


vehicle  in  the  fleet,  each  vehicle  having  ”cM  control 
points  of  like  Weibull  "a"  and  "b"  to  attain  Fff 
probability  of  the  first  failure  in  the  fleet. 
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SECTION  VII 


FRACTURE  ANALYSIS 

7.1  FRACTURE  CONTROL  SUMMARY 


The  engineering  concept  of  fracture  mechanics  was  utilized 
throughout  Phase  IA  as  primary  technology  in  providing  damage 
tolerant  design.  Fracture  analyses  were  performed  for  the  purposes 
of  (1)  developing  fracture  design  data  (allowables)  and  (2) 
verifying  that  the  final  selected  designs  meet  the  damage  tolerance 
criteria. 

The  detail  requirements  (Revision  D  version)  proposed  by 
the  Air  Force  for  incorporation  as  a  possible  revision  to 
MIL-A-8866A  were  utilized  in  Phase  IA.  This  constitutes  the 
first  time  an  attempt  has  been  made  to  meet  such  detailed 
requirements  on  a  design  program.  In  addition,  extensive  cri¬ 
teria  sensitivity  studies  were  performed  to  assess  the  impact 
(including  cost)  of  these  requirements  on  the  baseline  structure. 

Structural  design  support  was  provided  to  help  reduce 
potential  crack  initiation  sites  (stress  concentrations)  and 
ensure  damage  containment.  The  result  has  been  elimination  of 
fastener  systems  in  the  lower  surface  through  expanded  use  of 
bonding,  brazing  and  welding  concepts,  and  the  evolvement  of 
multielement  crack  arrest  wing  designs.  Interpretation  of  the 
damage  tolerance  criteria,  including  emphasis  on  increased 
accessibility  for  inspection  and  repair  of  fail  safe  structure, 
has  been  provided  for  the  design  team. 

Material  selection  guidelines  have  been  met  with  good 
success  for  each  of  the  materials  utilized  in  the  final  Phase 
IA  wing  design  selections.  These  guidelines  are  as  follows: 

(1)  KIC  >  Oys(t)* 

(2)  KjscC  >  Kic/2 

(3)  Comparative  surface  flaw  da/dN  screening  data  tested 
at  6  cpm  and  60  cpm  in  a  corrosive  environment. 

This  data  is  presented  in  Section  VIII  under  Materials  Engineering. 
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Additional  elements  of  fracture  control,  encompassing  the 
efforts  of  all  involved  disciplines,  have  been  detailed  as  a 
fracture  control  plan  to  be  utilized  in  subsequent  follow-on 
phases  of  this  program.  The  fracture  control  plan  was  developed 
in  connection  with  the  baseline  damage  tolerance  assessment  and 
is  given  in  paragraph  IX. 3. 8  of  Appendix  IX. 


7.2  DAMAGE  TOLERANCE  CRITERIA 


(|  The  pertinent  damage  tolerance  requirements  of  MIL-STD-1530 
Aircraft  Structural  Integrity  Program,  Airplane  Requirements," 
dated  1  September  1972,  and  MIL-A-8866A  (USAF)  were  applicable 
to  Phase  IA  including  the  detail  requirements  being  proposed  by 
the  Air  Force  as  a  revision  to  MIL-A-8866A,  dated  18  August  1972. 
The  damage  tolerance  requirements  are  summarized  in  Tables  XXXI. 

The  residual  strength  requirements  for  flawed  structure  have 
been  made  somewhat  more  complicated  by  the  proposed  criteria. 
Residual  strength  is  now  specified  in  terms  of  Pxx  and  Pvv.  Pvv 
is  simply  Pxx  times  a  dynamic  factor  (suggested  as  1 . 15 )  asso¬ 
ciated  with  element  failure  or  crack  arrest.  Pxx  is  the  one 
occurrence  load  level  associated  with  degree  of  inspectability 
and  is  determined  from  a  load  exceedance  curve  representing  the 
amount  of  flight  time  required  as  an  inspection  interval  times  a 
factor  (10  for  fighter  type  aircraft).  Studies  were  made  using 
this  approach  on  the  baseline  (see  paragraph  IX. 3. 10  of  Appendix  IX) 
and  results  indicated  that  there  was  little  variation  in  the  one 
occurrence  load  level  for  different  degrees  of  inspectability. 

This  was  due  to  a  combination  of  the  well  defined  nature  of  the 
current  baseline  spectrum,  the  current  operating  limits,  and  the 
technique  used  to  extrapolate  the  load  exceedance  curve  down  to 
the  one  time  level.  It  was  therefore  decided  to  use  PLT  (life¬ 
time)  or  the  one  time  load  in  (4000  x  10)  hours  as  the  single 
residual  strength  requirement  for  evaluation  of  preliminary  wing 
designs .  This  was  done  whether  designing  for  depot  or  non- 
inspec table  requirements. 


7.2.1  Design  Service  Loads  Spectrum 


The  design  service  loads  spectrum  used  in  Phase  IA  was 
identical  to  the  baseline  fatigue  spectrum.  The  spectrum  was 
simplified  for  use  in  flaw  growth  calculations  consistent  with 
similar  procedures  used  during  the  F-lll  Recovery  Program 
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Table  XXXI  (Cont'd)  PROPOSED  DAMAGE  TOLERANCE  REQUIREMENTS 
FAIL  SAFE  -  MULTIPLE  LOAD  PATH  STRUCTURE 
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Table  XXXI  (Cont'd)  PROPOSED  DAMAGE  TOLERANCE  REQU 

FAIL  SAFE  -  CRACK  ARREST  STRUCTURE 
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Simplification  was  attained  by  reducing  the  initial  23  maneuver 
usage  blocks  to  9  usage  blocks.  The  resulting  block  type  spec¬ 
trum  was  considerably  shortened  while  still  representing  4000 
hours  of  baseline  usage  in  a  conservative  manner.  The  spectra 
was  arranged  in  200-hour  blocks  and  then  the  load  levels  were 
randomly  ordered.  Additional  discussion  of  the  rationale  for 
simplifying  the  baseline  spectrum  is  given  in  Appendix  VI. 

A  composite  flight-by-flight  spectrum  has  been  developed 
in  Phase  IA  for  immediate  use  in  the  follow-on  program.  A 
comparison  of  the  flight-by-flight  (F  x  F)  and  block  spectra 
has  been  made  regarding  the  effect  on  predicted  flaw  growth. 

The  results  are  summarized  in  Figure  70  and  show  very  good 
agreement  with  the  block  spectrum  being  slightly  on  the  conser¬ 
vative  side.  To  conserve  computer  time  (one  of  the  principal 
reasons  for  using  a  block  spectrum),  runs  equivalent  to  one 
200-hour  block  were  made  with  the  F  x  F  spectrum  using  four 
different  initial  flaw  sizes.  The  delta  growth  increment  was 
compared  with  delta  growth  obtained  using  the  random  load  level 
block  spectrum  at  similar  initial  flaw  sizes.  The  comparative 
analysis  was  made  for  a  part  through  flaw  in  the  baseline  lower 
skin. 


7.2.2  Design  Environment  Definition 


The  design  environment  used  in  Phase  IA  was  also  identical 
to  the  baseline  environment.  The  thermal  environment  has  been 
established  through  an  analysis  of  the  design  mission  profiles 
for  tropical,  standard  and  polar  days.  Temperature  extremes 
considered  in  fracture  and  fatigue  analyses  include: 

(1)  Minimum  structural  temperature:  Standard  Day  +  10°F 

(2)  Maximum  temperature:  Standard  Day  +  255°F. 

For  design  purposes,  the  principal  exposures  to  corrosive 
environment  are  as  follows: 


Flight  Exposure 


%  Fit.  Time 


Humidity:  75%  Relative 

Condensation 

Rain 

Dry  Air 

JP-4  Fuel 


100.0  (Internal) 


45.8 
3.7 
0.7 

49.8 
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Ground  Exposure 


%  Ground  Time 


Condensation 

Rain 

JP-4  Fuel 


Humidity:  50-  75%,  Relative 


75-100%  Relative 


35.2 

34.1 

19.7 

11.0 


100.0  (Internal) 


The  above  corrosive  exposure  criteria  were  established 
through  analysis  of  planned  geographic  location  and  planned 
mission  usage  during  service.  The  baseline  wing  box  is  a 
fuel  tank  so  the  most  significant  exposure  at  the  critical 
lower  surface  is  JP-4  fuel. 

The  details  of  the  work  done  to  establish  both  thermal  and 
chemical  environment  for  the  baseline  are  included  in  paragraph 
IX. 3. 5  of  Appendix  IX. 


7.3  CONCEPT  ANALYSIS  AND  EVALUATION 


Evaluation  of  cross  section  and  analytical  assembly  con¬ 
cepts  has  been  accomplished  primarly  through  development  of 
fracture  design  data  sheets.  These  data  sheets  indicate  the 
interaction  between  stress  and  initial  flaw  size  for  a  given 
period  of  airplane  life.  They  were  generally  used  by  the  design 
team  to  establish  allowable  stress  levels  for  the  critical  lower 
surface.  Preliminary  design  data  was  generated  for  each  of  the 
materials  selected  for  evaluation  in  Phase  IA.  When  the  necessary 
material  data  (da/dN)  was  not  available,  representative  data  for 
similar  materials  was  used  until  test  data  could  be  generated. 

Flaw  types  initially  assessed  included  both  bolt  holes  and  surface 
flaws.  The  preliminary  allowables  required  to  tolerate  bolt  hole 
flaws  quickly  substantiated  the  early  decision  to  eliminate 
fasteners  in  the  lower  surface  to  enable  achievement  of  minimum 
weight.  Design  data  was  not  generated  for  the  upper  surface  for 
the  same  reasons  given  in  paragraph  6.2.1  on  fatigue  design  data-- 
very  little  significant  tensile  stress  is  experienced  by  the  upper 
surface.  A  fracture  analysis  for  one  upper  surface  bolt  hole  flaw 
case  was  performed  on  preliminary  design  610RW006  to  illustrate 
this  (paragraph  7.4). 
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7.3.1  Fracture  Design  Data 


Fracture  design  (allowable)  data  curves  were  prepared  early 
in  Phase  IA  using  preliminary  fracture  data.  The  general  develop 
ment  procedure  is  depicted  in  Figure  71  and  specifically 
involved  the  following: 

(1)  For  each  anticipated  flaw  type  and  thickness,  flaw 
growth  analyses  were  performed  to  establish  a  series 
of  growth  curves  representing  a  range  of  factors  on 
stress  level. 

(2)  From  (1)  the  maximum  initial  flaw  size  that  permitted 
one  interval  of  subsequent  growth  as  a  function  of 
the  maximum  stress  in  the  spectrum  was  determined. 

The  interval  selected  was  a  function  of  the  specified 
period  of  unrepaired  service  usage  for  the  applicable 
degree  of  inspectability. 

(3)  The  allowable  spectrum  stress  was  plotted  as  a  func¬ 
tion  of  initial  flaw  size. 

(4)  The  allowable  spectrum  stress  level  was  determined 
from  the  plot  in  (3)  in  accordance  with  the  initial 
flaw  size  and  period  of  unrepaired  service  usage 
requirements. 

Procedures  and  assumptions  used  in  the  Phase  IA  fracture 
analysis  effort  are  discussed  in  paragraph  7.3.2.  The  basic 
fracture  data  utilized  for  analysis  in  Phase  IA  are  discussed 
in  paragraph  7.3.3. 

Fracture  design  data  curves  applicable  to  the  flaw  types 
and  materials  utilized  in  the  selected  preliminary  wing  designs 
are  shown  in  Figures  72  through  75  .  The  data  shown  in 

Figure  73  for  a  part  through  flaw  in  a  relatively  thick 
7050-T73651  aluminum  plate  (spar  cap)  includes,  for  comparison, 
a  curve  representing  the  8000- flight-hour  requirement  associated 
with  noninspectable  slow  crack  growth  structure.  The  advantage, 
from  a  minimum  weight  point  of  view,  of  designing  fail  safe 
structure  is  readily  apparent. 
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Figure  71  Crack  Growth  Allowable  Approach 
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Part  Through  Surface  Crack 
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Figure  74  Phase  IA  Fracture  Design  Allowables, Part  Through 
Surface  Flaw 


APPLICABLE  TO  7-050-T76  AL.  - 

eference  ADP  Data  Exchange /Lockheed  Data 
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Figure  75  Phase  IA  Design  Allowable  Curves  Surface  Flaw 


7.3.2  Analysis  Assumptions  and  Procedures 


The  fracture  analysis  process  developed  at  Convair  Aerospace 
for  metallic  structures  is  depicted  in  Figure  76  .  In  the 

interest  of  time  and  economy,  the  scope  of  the  process  shown  in 
the  figure  was  necessarily  limited  during  Phase  IA.  The  preferred 
flight-by-flight  spectrum  approach  yielded  to  a  more  easily  handled 
block  type  spectrum  in  Phase  IA.  However,  the  agreement  of  flaw 
growth  results  using  the  two  spectra  was  very  good  as  previously 
discussed  in  paragraph  7.2.1.  The  flight-by- flight  approach  will 
be  used  exclusively  in  subsequent  phases  of  this  program. 

The  second  Phase  IA  limitation  involved  the  relatively  small 
amount  of  testing  which  was  primarily  intended  for  material 
screening  purposes.  Sufficient  testing  to  provide  a  suitable 
fracture  data  base  and  to  provide  for  model  correlation,  particu¬ 
larity  spectrum  retardation  effects,  will  be  a  primary  objective 
of  the  follow-on  program.  The  data  exchange  program,  conducted  by 
the  Air  Force  for  the  benefit  of  all  ADP  Phase  IA  contractors, 
helped  to  alleviate  the  fracture  data  limitation  in  the  case  of 
7050-T76  aluminum  sheet. 

The  specific  assumptions  and  procedures  used  to  perform 
fracture  analysis  are  described  in  the  following  paragraphs. 


7. 3. 2.1  Flaw  Growth  Model 

The  basic  flaw  growth  model  used  for  Phase  IA  analysis  is 
described  as  follows: 


N 


n-1 


where 


Cp  -  Spectrum  interaction  parameter  that  reflects 
retardation  of  flaw  growth. 


The  spectrum  retardation  parameter,  cp,  is  the  basis  for  the 
Wheeler  model,  developed  for  use  during  the  F-lll  Recovery  Pro¬ 
gram.  See  Figure  77  .  The  Wheeler  model  is  intended  to  account 

for  spectrum  interaction  through  empirical  correlation  to  establish 
a  retardation  exponent  "m. "  The  value  of  "m"  is  varied  repetitively 
until  the  analysis  produces  a  crack  growth  curve  which  forms  a 
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Figure  76  Metals  Fracture  Analysis  Summary 
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Surface  Flaw  Growth  Test  Results  for  D6ac  Steel  Under 
Spectrum  Loading  In  JP-4  Fuel  Showing  Lower  Bound  m  ■  1.4 


Figure  77  Analytic  Flaw  Growth  Model 
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lower  band  of  spectrum/enviromnental  test  results.  Because 
spectrum/environmental  tests  were  beyond  the  scope  of  Phase  IA, 
an  "m"  factor  of  1.4  was  used  for  analysis.  This  value  is  based 
on  D6ac  steel  spectrum  tests  conducted  with  the  baseline  spec¬ 
trum  and  is  believed  to  be  conservative  for  aluminum  and  titanium. 
In  addition,  spectrum/environmental  tests  were  run  on  2024-T851 
aluminum  in  conjunction  with  the  baseline  damage  tolerance  assess¬ 
ment,  and  a  lower  bound  value  of  1.6  was  conservatively  established 
for  this  material.  See  paragraph  IX. 3  of  Appendix  IX  for  details 
of  this  work. 


7. 3. 2. 2  Stress  Intensity  Models 

The  stress  intensity  concept  is  used  in  relating  stress, 
flaw  size  and  basic  material  fracture  toughness  data  to  residual 
strength  and  flaw  growth.  Stress  intensity  expressions  used  for 
Phase  IA  analysis  are  shown  in  Figure  78  .  The  secant  correc¬ 
tion  was  used  to  account  for  finite  width  when  required. 

The  bolt  hole  models  account  for  geometric  stress  concen¬ 
tration  at  the  edge  of  the  hole  but  do  not  account  for  effects 
of  the  fastener  system.  The  GKT  model  was  also  used  for  the 
case  of  a  flaw  emanating  from  the  inboard  pivot  pylon  cutout  by 
allowing  decay  of  the  stress  concentration  to  occur  over  a 
distance  equal  to  the  width  of  the  reinforcement  fittings.  Stress 
concentration  assumed  for  the  cutout  was  identical  to  that  used 
for  fatigue  analysis.  However,  provision  was  made  to  handle  the 
case  when  stress  concentration  times  the  maximum  spectrum  stress 
exceeds  material  yield  stress.  The  maximum  value  of  GKT  is  then 
defined  as  the  ratio  (^ys/^max) •  This  definition  is  based  on 
the  reasoning  that  peak  stresses  are  limited  by  plastic  flow. 

The  semicircular  shape  has  been  assumed  for  analyses  involving 
part  through  surface  flaws  based  on  a/ 2c  measurements  taken  from 
the  postfailure  fracture  surfaces  of  baseline  2024-T851  aluminum 
specimens  tested  under  spectrum  loading.  These  measurements 
indicated  a  flaw  shape  of  0.5  and  greater  for  most  of  the  test 
history  on  each  specimen.  Similar  experience  with  surface  flaw 
D6ac  steel  specimens  tested  during  the  F-lll  Recovery  Program 
indicated  that  flaws  having  an  initial  a/ 2c  =0.1  would  grow 
rapidly  in  the  depth  direction,  tending  to  form  a  semicircular 
shape  early  in  the  spectrum  loading.  An  additional  study  of 
shape  variation  (initial  a/ 2c  =  0.1)  was  made  in  support  of  the 
Baseline  assessment  included  in  Appendix  IX.  This  study  also 
substantiated  use  of  an  a/2c  =0.5  ratio  for  flaw  growth  analysis. 
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•  BOLT  HOLES  (Bowie  Model) 
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Figure  78  Residual  Strength  with  Cracks 
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Figure  78  (Cont'd)  Residual  Strength  with  Cracks 


Backface  corrections  (Mfe)  for  part  through  flaws  were  based 
on  curves  given  in  AFFDL-TR-70-107 ,  which  describes  the  flaw 
growth  computer  program,  "CRACKS."  Additional  discussion  of  the 
Mfc  effect  and  comparisons  of  the  AFFDL  correction  with  that 
used  by  Convair  Aerospace  during  the  F-lll  Recovery  Program  is 
given  in  Appendix  VI. 

When  required,  transition  from  part  through  surface  flaw 
calculations  to  through  the  thickness  surface  flaw  calculations 
was  automatic  within  the  flaw  growth  computer  program. 

The  finite  element  stress  analysis  methods  described  in 
paragraph  5.2  were  used  to  establish  stress  distributions 
remote  to  the  flaw  locations.  Finite  element  solutions  for  stress 
intensity  expressions  were  not  available  for  use  in  Phase  IA. 

The  development  of  such  solutions  is  being  accomplished  on  the 
AMAVS  (carry  through  structure)  program  at  Convair  Aerospace.  It 
is  hoped  that  this  work  will  be  available  for  possible  use  in  the 
follow-on  phases  of  the  Advanced  Air  Superiority  wing  program. 

Flaw  growth  calculations  were  made  using  a  Convair  Aerospace 
developed  IBM  370  computer  program  identified  as  TD9.  This  pro¬ 
gram  produces  results  almost  identical  to  those  produced  by  the 
AFFDL-TR-70-107  CRACKS  program.  TD9  was  used  because  it  involves 
somewhat  less  run  time  for  a  typical  analysis.  CRACKS  is  avail¬ 
able  at  Convair,  and  a  check  run  was  made  for  one  of  the  baseline 
flaw  cases  to  verify  that  TD9  is  satisfactory.  The  details  of 
this  comparison  are  given  in  Appendix  VI. 


7. 3. 2. 3  Flaw  Growth  Spectra 

The  repeated  loads  spectra  used  for  flaw  growth  analysis 
was  representative  of  baseline  unrestricted  usage,  and  simplified 
as  described  in  paragraph  7.2.1.  The  wing  net  pivot  bending  moment 
spectrum  was  used  as  the  basis  for  analysis  in  conjunction  with 
unit  stress  factors  (coefficients).  Additional  discussion  of  the 
unit  stress  concept  and  use  of  pivot  bending  moment  spectra  for 
obtaining  stress  spectra  is  given  in  Appendix  VI. 


7. 3. 2.4  Initial  Flaw  Sizes 

The  damage  tolerance  criteria  specifies  initial  damage  for 
locations  other  than  bolt  holes  in  terms  of  a/Q.  For  intact  new 
fail  safe  structure,  the  requirement  is  a/Q  ■  0.03.  For  remain¬ 
ing  structure  at  time  of  and  subsequent  to  load  path  failure  or 
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crack  arrest  and  intact  structure  following  inservice  inspec¬ 
tions  the  requirements  are: 


(1)  a/Q  -  0.03  for  dependent  fail  safe  structure 

(2)  a/Q  *  0.01  for  independent  fail  safe  structure. 

Flaw  sizes  associated  with  a/Q  usually  involve  part  through 
flaws  in  relatively  thick  structure.  Application  of  the  a/Q 
requirements  to  thin  sheet  structure  was  accomplished  by  using 
an  approach  typically  described  as  follows  for  a/Q  -  0.03. 

Establish  the  crack  size  parameter  (K/<r)  for  a  part  through 
flaw,  and  then  calculate  the  size  of  a  through  the  thickness  flaw 
which  yields  an  identical  value  for  flaw  size  parameter. 

a/Q  «  0.03 

.  Part  through  flaw:  K  -  a0/Q  where 

a  *  crack  depth.  The  flaw  size  parameter  becomes: 


o 

Ignoring  plasticity  correction,  Q  «  fr  and  has  a  largest  value  of 
2.46  for  an  a/2c  =  0.5.  For  an  a/Q  ■  0.03,  the  value  of 
aQ  =  0.0738  inches.  The  flaw  size  parameter  becomes: 


.  Through  the  thickness  flaw:  K  =  <Tj-na0  where 

a  =  half  crack  length.  The  flaw  size  parameter  is: 


Substituting  the  value  for  flaw  size  parameter  of  a  part  through 
flaw  for  that  of  a  through  flaw  yields  the  following: 


0. 037 t  -  7ra0,  or 


aQ  ■  0.03  inches,  and 

2a0  “  0.06  inches  through  the  thickness  surface 


length 
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Therefore,  a  through  flaw  of  length  2a0  *  0.06"  was  assumed  for 
Initial  damage  corresponding  to  a/Q  -  0.03  in  sheet  <  0.074  inches 
thick.  Structure  having  a  thickness  greater  than  0.074  inches 
was  assumed  to  have  an  initial  part  through  semicircular  flaw 
0.074"  deep  and  0.148"  long. 

A  similar  development  for  a/Q  ■  0.01  resulted  in  a  through 
the  thickness  flaw  of  length  2aQ  ■  0.02"  for  thin  sheet  structure 
up  to  and  including  0.03  inches  thick.  Thicker  structure  was 
assumed  to  have  an  initial  part  through  flaw  0.025"  deep  and  0.05" 
long. 


7.3.3  Fracture  Data  Assumed  for  Analysis 


The  basic  fracture  data  necessary  for  a  comprehensive 
fracture  analysis  should  include  complete  definition  of  the 
following  for  each  material  utilized: 

(1)  Fracture  Toughness,  Kjc,  and  KxscC 

(2)  Crack  Growth  Data,  da/dN,  da/dt. 

The  scope  of  the  Phase  IA  test  program  was  not  sufficient  to 
provide  a  complete  data  base.  Some  additional  data  was  obtained 
from  outside  sources,  but  an  extensive  amount  of  testing  will 
be  required  in  Phase  lb  to  support  the  detail  design  effort. 

Thermal  effects  on  crack  growth  rates  were  neglected  for 
Phase  IA  analysis.  This  is  considered  somewhat  conservative, 
and  the  structural  temperature  extremes  for  the  F-111F  baseline 
are  not  particularly  severe  for  aluminum  and  titanium  alloys 
(+  10°F  min.  and  +  255°F  max.).  A  survey  of  available  fracture 
toughness  data  obtained  at  temperatures  other  than  room  temperature 
for  these  alloys  indicates  virtually  no  effect  due  to  temperature. 

Fracture  toughness  data  used  for  Phase  IA  design  analyses 
is  summarized  below. 


Material 

K1C,  KSI(in.)* 

Kc,  KSI(in.)* 

7050  Al. 

37 

75 

7475  Al. 

47 

100 

8-8-2-3  Ti. 

63 

80 
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The  values  shown  in  the  table  are  intended  to  represent  values  in 
the  L-S  direction  since  their  use  in  the  critical  wing  lower  sur¬ 
face  was  of  primary  interest  in  preliminary  design  analysis. 

A  Kjc  of  37  ksi(in.)^  was  expected  for  7050  aluminum  plate 
but  test  data  for  this  material  indicated  a  Kjq  of  only  27  ksi (in. )^. 
However.,  it  is  felt  that  the  limited  amount  of  test  data  generated 
in  Phase  IA  for  a  single  heat  .of  material  is  untypically  low. 

ALCOA  states  that  the  value  of  27  ksi (in. )^  would  represent  a 
definite  lower  bound  value  for  7050  plate  (See  Section  VIII  for 
additional  discussion  of  fracture  toughness  test  results) . 

Rather  than  reflect  what  seems  to  be  lower  bound  data  in  the 
analyses  of  Phase  IA  designs,  it  was  decided  to  retain  the  design 
allowable  value  of  37  ksi(in.)%  for  analysis  purposes.  Sufficient 
testing  will  be  included  in  the  follow-on  program  to  further 
characterize  the  fracture  toughness  of  the  7050  aluminum  material. 

The  expected  value  of  Kjc  for  7475  aluminum  plate  was 
47  ksi(in.)^  and  test  specimens  were  sized  in  accordance  with 
ASTM  requirements  for  this  value.  However,  test  results  for  this 
material  indicated  a  greater  toughness  than  anticipated  and  an 
average  Kq  =  63  ksi (in. )^  is  reported  in  Section  VIII.  Kq  values 
were  reported  because  the  specimens,  designed  for  Kjc  ■  4/  ksi(in.)^, 
were  of  insufficient  thickness  to  yield  valid  fracture  toughness 
values  according  to  the  ASTM  requirements.  While  Kq  values  indi¬ 
cate  greater  fracture  toughness,  it  was  decided  that  the  limited 
amount  of  testing  performed  in  Phase  IA  was  not  conclusive,  and 
the  more  conservative  value  of  47  ksi(in.)%  was  retained  for 
analysis  purposes.  Ultimately,  the  7475  material  was  not  used 
in  the  three  finally  selected  Phase  IA  designs  since  the  higher 
strength  (yielding  lower  weight)  7050  material  proved  to  be 
sufficient  from  a  fracture  standpoint. 

The  average  Kjc  test  value  for  8-8-2-3  titanium  was 
54  ksi(in.)%.  However,  the  specified  design  strength  for  this 
material  (175  ksi)  was  exceeded  in  the  sheet  material  received 
for  the  test  program.  Even  after  reaging,  the  tensile  strength 
obtained  was  184  ksi.  Since  the  design  application  of  8-8-2-3 
is  in  sheet  form,  the  higher  fracture  toughness  allowables  were 
retained. 

No  testing  to  determine  plane  stress  fracture  toughness 
(Kc)  was  included  in  the  Phase  IA  test  program.  The  values  shown 
in  the  table  were  based  on  data  from  other  sources  (7050  and 
7475  Al.)  or  engineering  judgment  (8-8-2-3  Ti) .  Testing  to 
establish  thickness  versus  Kc  curves  for  7050  and  8-8-2-3  will 
be  included  in  Phase  lb. 
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The  surface  flaw  cyclic  crack  growth  (da/dN)  data  generated 
by  the  Phase  IA  test  program  proved  to  be  of  limited  use  for 
preliminary  design  analysis  because  the  fail  safe  design 
philosophy  forced  utilization  of  bonded  and  braced  sheet  struc¬ 
ture.  Crack  growth  data  required  to  perform  detail  design  must 
reflect  not  only  sheet  forms  of  the  chosen  materials  but  also 
the  decrease  in  growth  rate  expected  when  sheets  are  bonded  and 
brazed  over  large  areas.  The  constraint  on  crack  growth,  of 
flaws  in  thin  materials,  at  the  bond  or  braze  lines  should  be 
significant.  Test  data  reflecting  such  arrestment  will  be 
emphasized  in  Phase  lb. 

The  crack  growth  data  ultimately  used  for  analysis  of  the 
Phase  IA  preliminary  wing  designs  is  summarized  in  Table  XXXII. 
Crack  growth  plots  (da/dN  vs.  aK)  are  shown  in  Figures  79 
through  83 .  The  f orman  equation  was  used  to  account  for 
spectrum  R  values  when  data  was  available  for  only  one  R  value, 
and  the  equation  coefficients  are  shown  on  the  figures.  The 
data  shown  in  Figure  79  reflects  three  R  values,  and  line  fits 
of  the  data  are  parallel.  This  allowed  use  of  the  Paris  equation 
approach  with  interpolation  accounting  for  other  R  values. 

The  use  of  the  7050-T73651  compact  tension  data  instead  of 
surface  flaw  data  tested  in  Phase  IA  was  justified  on  two  accounts. 
First,  the  Phase  IA  test  data  was  completed  late  in  the  program 
while  the  data  in  Figure  79  was  readily  available.  Secondly, 
the  compact  tension  data  was  better  defined,  reflecting  three  R 
values  and  higher  da/dN  rates.  However,  the  Phase  IA  surface  flaw 
da/dN  data  was  more  severe  than  the  selected  compact  tension  data 
as  shown  by  Figure  126  of  Appendix  VIII.  There  has  not  been 
sufficient  testing  to  determine  whether  the  differences  noted 
may  be  due  to  specimen  type  and/or  the  lower  ductility  experienced 
with  the  single  heat  of  7050  plate  material  tested  in  Phase  IA. 
However,  to  illustrate  the  effect  of  the  more  severe  data,  the 
analysis  for  the  lower  spar  cap  of  wing  design  610RW003  was 
repeated  using  the  surface  flaw  dry  air  data  shown  in  Figure 
126  .  The  results  are  given  in  paragraph  7.4.1  where  the  full 

wing  analyses  are  discussed.  Additional  da/dN  testing  for 
7050-T73651  plate  is  scheduled  for  the  follow-on. 

The  AK  threshold  values  assumed  for  flaw  growth  analyses  are 
summarized  below: 

(1)  Aluminums  AK  -  3.0  ksi  (in.)^ 

(2)  Titaniums  AK  ■  5.0  ksi  (in.)^ 
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Table  XXXII  FLAW  GROWTH  DATA  USED  FOR  PRELIMINARY  DESIGN  ANALYSIS 
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CRACK  PROPAGATION  RATE,  10“^  inchet/cycU 


Figure  79  Crack  Growth  Rate  Data  for  7050-T3651  Aluminum  Plate 
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CRACK  PROPAGATION  RATE,  da/dN  ,  10'6  inches/cycle 
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Figure  80  Crack  Growth  Rate  Data  for  7050-T76  Aluminum  Sheet 
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CRACK  PROPAGATION  RATE,  <j|sj  ,  10“6  inches/cycle 


Figure  81  Crack  Growth  Rate  Data  for  8-8-2-3T1  Plate 
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Fatigue  Crack  Propagation  Rate,  da/dN,  in. /cycle 
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CRACK  PROPAGATION  RATE,  g,  10-6  inchw/cycle 


Figure  83 


Preliminary  da/dN  Data,  6A1-4V  Titanium  Recrystalized 
Annealed  Plate 
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The  limited  amount  of  da/dN  data  obtained  for  8- 8- 2- 3  plate 
titanium  indicates  a  relatively  rapid  growth  rate  compared  with 
the  6A1-4V  annealed  data  in  Figure  83  •  However,  the  8-8-2-3 

growth  rate  is  less  than  that  for  6A1-4V  STA  and  6- 2- 2- 2- 2  STA 
titanium.  It  is  felt  that  an  improvement  in  growth  rate  will  be 
obtained  for  8-8-2-3  when  bonded  or  brazed  thin  ply  laminates 
are  tested  in  Phase  lb.  This  judgment  contributed  to  the  decision 
to  assume  such  an  improved  growth  rate  can  be  approximated  by  the 
data  available  for  6A1-4V  Recrys.  annealed  titanium.  This  decision 
and  the  6A1-4V  data,  was  utilized  to  analyze  all  or  portions  of 
the  8-8-2-3  titanium  preliminary  wing  designs  in  paragraph  7.4. 

The  other  important  item  requiring  test  data  in  Phase  lb  is  the 
effect  of  the  baseline  environment  (water  saturated  JP-4)  on 
the  laminated  8- 8- 2- 3  titanium  crack  growth  data. 


The  results  of  the  material  screening  eight- load  level 
block  spectrum  tests  also  indicate  the  sensitivity  of  the  high 
strength  8-8-2-3  titanium  plate  to  the  presence  of  flaws.  The 
results  are  summarized  in  Table  XXXIII.  Additional  details  of  the 
testing  including  the  eight- load  level  spectrum  are  given  in 
Section  VIII  on  Materials  Engineering.  The  specimens  utilized 
for  this  testing  were  relatively  small  in  cross  section.  The 
initial  flaws  introduced  were  relatively  large  compared  with 
those  required  to  meet  the  damage  tolerance  requirements.  The 
8-8-2-3  specimens  failed  very  early  (400  to  800  flight  hours)  in 
a  dry  air  environment,  and  the  maximum  spectrum  stress  was  68  ksi 
compared  with  the  92.5  ksi  currently  used  in  the  preliminary 
designs.  Consequently,  the  use  of  8-8-2-3  titanium  plate  for 
highly  stressed  primary  structure  would  seem  to  be  undesirable. 

Again,  the  optimism  for  the  Phase  IA  designs  using  this  material 
depends  on  the  improvement  expected  by  brazing  8- 8- 2- 3  in  thin 
sheet  laminates.  In  addition  to  the  risk  involved  with  developing 
a  corrosion  resistant  brazement,  the  use  of  8-8-2- 3  titanium 
itself  involves  risk  until  an  adequate  test  program  can  be  conducted. 
Evaluation  of  risks  such  as  these  is  an  objective  of  Advanced 
Development  Programs. 

The  growth  data  shown  in  Figure  83  represents  the  pre¬ 
liminary  results  for  three  compact  tension  L-T  specimens  tested 
at  Convair  Aerospace  under  contract  from  NAR-LAD.  Other  data 
available  for  the  T-R  direction  was  not  shown  but  fits  within 
the  scatter  bands  indicated  in  Figure  83  .  The  specimens 

represented  on  the  figure  are  summarized  below: 
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Table  XXXIII  SUMMARY  OF  MATERIAL  SCREENING  TESTS 
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MATERIAL:  T1-6A1-4V  Recrys  Ann 

FORM:  Unknown  TEMP  -  RT 
SPECIMEN  NO.:  76NRW61-16 
FREQUENCY  -  360  cpm  R  -  0.08 
ENVIRONMENT:  Low  Humidity  Air 

MATERIAL:  T1-6A1-4V  Recrys  Ann 
FORM:  2- Inch  Plate  TEMP  -  RT 

SPECIMEN  NO.:  68NRW32-12 
FREQUENCY  -  360  cpm  R  -  0.08 
ENVIRONMENT:  Low  Humidity  Air 

MATERIAL:  T1-6A1-4V  Recrys  Ann 
FORM:  2-Inch  Plate  TEMP  -  +  150°F 
SPECIMEN  NO.:  68NRW32-11 
FREQUENCY  -  60  cpm  R  -  0.08 
ENVIRONMENT:  Sump  Water 

Flaw  growth  analysis  due  to  sustained  loading  was  considered 
beyond  the  scope  of  Phase  IA;  however,  each  of  the  materials 
ultimately  used  for  preliminary  design  was  rated  according  to 
the  following  criteria: 

Sustained  load  crack  growth,  da/dt  was  assumed  negligible 
if  the  relationship  defined  below  was  met. 

Max  1-g  Sustained  Tensile  Stress,  ft  (1-9)  KISCC 

- — - - -  /  _ _ 

Max  Service  Tensile  Stress,  ft  K  (or 


Typical  results  are  summarized  as  follows  : 


Material  and 

ideation .. 

ft  (i-g)/fc 

KISCc/Kxc  (°r  Kc) 

7050-T73651 

Lwr  Surface 

7.7/37.1  -  0.21 

35/37  -  0.95(1) 

8-8-2-3 

Lwr  Surface 

19.1/92/5  -  0.21 

24.3/54  -  0.45 

6A1-4V  Ann 

Lwr  Surface 

12.1/58.5  -  0.21 

60/80  -  0.75 

(1)  Kjgcc  data  for  the  L-S  direction  was  not  available.  The 
value  of  35  shown  in  the  table  was  therefore  derived  based 
on  the  relationship  between  Kiscc  and  Kic  established  for 
this  material  in  the  S-L  direction,  i.e.,  KjscC  “  22  ksi(in.)^ 
and  Kjc  “  23  ksi(in.)^. 
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Sustained  stresses  were  computed  for  the  lower  surface  based  on 
1-g  inflight  loading.  The  ability  of  each  material  to  meet  the 
material  selection  objective  of  Kiscc/Kic(or  Kc)  “  0*5  is  also 
indicated  by  the  above  table.  The  sheet  forms  of  7050  and  8-8-2-3 
were  assumed  to  have  Kiscc  values  which  are  no  less  than  that 
determined  for  plate.  Stress  corrosion  testing  for  sheet  will 
be  conducted  in  Phase  lb. 

7.4  PRELIMINARY  DESIGN  ANALYSIS 

Analyses  sufficient  to  assess  the  conformance  of  three  Phase 
IA  preliminary  wing  designs  with  the  damage  tolerance  requirements 
are  presented  in  this  paragraph.  The  criteria,  analysis  proce¬ 
dures  and  fracture  data  utilized  were  discussed  in  paragraphs 
7.1,  7.2,  and  7.3  respectively. 

The  three  designs  included  for  assessment  are  the  top  three 
among  nine  reviewed  and  ranked  according  to  the  ranking  system 
described  in  Section  V.  The  analyses  are  presented  in  an  order 
consistent  with  the  rankings.  Analyses  are  primarily  directed 
at  the  lower  surface  of  each  configuration. 

An  analysis  of  a  bolt  hole  flaw  in  the  6A1-4V  STA  titanium 
upper  skin  of  design  610RW006  (deleted  from  the  top  three 
selections  by  the  final  rankings)  was  performed  to  verify  that 
the  upper  surfaces  are  not  critical.  Results  of  this  analysis 
are  shown  below: 

610RW006  Upper  Skin 

6A1-4V  STA  titanium  plate  da/dN  data  -  reference  Figure  82 

Assumed  bolt  hole  flaw  was  a  through  thickness  crack  of 

initial  length  0.07  inches.  An  initial  0.05  inches  was 

attempted  but  would  not  grow  at  all. 

The  size  of  the  0.07  crack  after  60,000  flight  hours  was 

only  0.074  inches. 

The  lower  surface  of  each  configuration  was  classified  as 
fail  safe.  Multiple  spars  provide  over-all  redundancy.  Crack 
arrest  was  provided  by  planking  the  lower  surfaces*  Laminated 
structure  was  treated  as  multiple  load  path  structure,  i.e., 
each  ply  was  considered  a  load  path  within  the  laminate,  and 
each  ply  was  made  independent  fail  safe  by  using  bonding  and 
brazing  techniques  rather  than  fasteners.  Each  element  or  load 
path  was  snalyzed  using  safe  crack  growth  procedures.  An  attempt 
was  made  to  include  the  decreased  crack  growth  rate  expected  in 
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brazed  and  laminated  titanium  structure  by  using  the  da/dN  data 
in  Figure  83.  The  da/dN  data  used  for  each  analysis  is  given  on 
the  figures  used  to  illustrate  the  discussions  in  paragraphs 
7.4.1  through  7.4.3.  See  paragraph  7.3.3  for  a  previous  discus¬ 
sion  of  crack  growth  data. 

The  basic  approach  to  satisfying  the  criteria  for  fail  safe 
structure  was  to  check  a  primary  and  adjacent  load  path  for 
conformance  with  applicable  criteria  requirements.  Two  of  the 
four  preliminary  wing  box  designs  have  multiple  load  paths  in 
an  overall  sense,  i.e.,  multiple  spars  and  planked  lower  skin 
panels.  In  some  cases,  skin  panels  were  themselves  comprised 
of  multiple  elements  or  load  paths.  Therefore,  the  assumed 
analysis  procedure  was  to  consider  this  structure  as  having  a 
primary  load  path  and  one  or  more  adjacent  load  paths.  The 
calculated  time  to  fail  both  a  primary  and  an  adjacent  load  path 
in  these  cases  had  to  exceed  the  specified  period  of  unrepaired 
service  usage.  Additionally,  if  the  total  calculated  time  to 
failure  for  both  elements  exceeded  the  required  time  to  failure 
by  a  factor  of  two,  it  was  assumed  that  further  consideration  of 
an  adjacent  load  path  for  the  overall  structure  (an  adjacent 
panel)  was  not  necessary. 

There  were  several  sequences  of  failure  possible  in  each  of 
the  designs.  The  sequences  assumed  for  analysis  are  considered 
conservative.  The  increased  stress  in  an  adjacent  load  path 
subsequent  to  failure  of  the  primary  load  path  was  estimated 
based  on  the  percentage  of  load  carrying  area  lost.  Finite 
element  stress  analysis  procedures  will  be  used  in  Phases  lb 
and  II  to  perform  residual  strength  analysis  of  the  multielement 
designs.  The  general  area  of  the  lower  surface  picked  for  pre¬ 
liminary  analysis  was  the  forward  auxiliary  spar  at  center  spar 
station  140.  Thicknesses  and  other  geometry  are  representative 
of  this  area  except  in  the  case  of  pylon  cutouts. 

Fastener  holes  were  not  a  consideration  for  analysis,  but 
pylon  cutouts  necessitate  having  holes  through  the  lower  surface. 
Special  attention  in  these  areas  resulted  in  the  design  of  rein¬ 
forcement  fittings  to  decrease  stress  levels.  An  analysis  for 
one  inboard  pylon  cutout  (610RW003)  is  included  as  a  typical  case. 

The  stress  intensity,  K,  was  calculated  using  and  the 
flaw  size  present  in  each  adjacent  load  path  (a/Q  -  0.01  +  Aa). 

The  calculated  value  is  shown  on  the  figures  and  was  a  relatively 
small  percentage  of  critical  fracture  toughness  in  each  case. 

The  stress  intensity  corresponding  to  load  path  failure  or  crack 
arrest  (1.15  P^t)  may  be  conservatively  approximated  by  increasing 
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the  K  for  Plt  by  the  ratio  of  stresses  squared.  Each  adjacent 
load  path  (remaining  structure)  was  also  able  to  sustain  this 
increased  stress  intensity  due  to  dynamic  effects.  A  summary  of 
stresses  in  the  primary  and  adjacent  load  paths  assumed  for  each 
damage  tolerance  analysis  is  given  in  Table  XXXIV.  Maximum 
stresses  corresponding  to  Plt  and  limit  load  are  shown  for  the 
primary  load  path  for  reference.  Stresses  at  1.15  PLT  and  limit 
load  were  also  calculated  for  the  adjacent  load  path  reflecting 
both  the  dynamic  factor  and  the  redistribution  of  stress  due  to 
failure  of  the  primary  element.  Limit  load  stresses  are  also 
shown  for  reference.  In  every  case,  these  maximum  stresses  are 
less  than  the  yield  strength. 

Critical  crack  sizes  were  calculated  using  the  stress 
intensity  expressions  previously  defined  and  Plt  (previously 
defined  as  15.6  x  10"b  in-lbs  pivot  bending  moment).  The  stress 
state  definition  was  assumed  as  follows  where  t  ■  part  thickness: 


Plane  Strain 


Plane  Stress 


Mixed  Mode 


Plane  strain  fracture  toughness  (Kjq)  was  used  for  critical  crack 
size  calculations  in  parts  classified  as  plane  strain.  Plane 
stress  fracture  toughness  was  directly  applicable  to  parts 
classed  as  plane  stress.  The  data  required  to  establish  Kr  vs  t 
curves  was  not  available  to  determine  fracture  toughness  for 
parts  classed  as  mixed  mode.  A  survey  of  critical  part  thickness 
indicated  that  none  of  the  parts  were  in  mixed  mode.  See  Table  XXXV. 


7.4.1  Preliminary  Design  610RW003  - 

Laminated  Lower  Skin,  Corrugated 
Spar  Webs,  Aluminum 


.  Multiple  Load  Path/Crack  Arrest  (Ranked  No.l) 

.  Multiple  Spars  and  Skin  Panels 

.  Panels  comprised  of  Sheet  Plies  Bonded  into  Laminates 


213 


Table  XXXIV  RESIDUAL  STRENGTH  SUMMARY  FOR  LOWER  SURFACE  OF 
PRELIMINARY  WING  BOX  DESIGNS 
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NOTE:  PLT  DEFINED  AS  15.6  x  10°  IN.  LBS.  WING  PIVOT  BENDING  MOMENT. LIMIT  LOAD 
DEFINED  AS  19.52  x  106  IN.  LBS.  WING  PIVOT  BENDING  MOMENT 


Table  XXXV  PRELIMINARY  WING  DESIGNS  LOWER  SURFACE  STRUCTURE/ 
ASSUMED  STRESS  STATE 
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.  Assumed  sequences  of  failure  for  analysis: 

(1)  Part  thru  crack  in  lower  spar  cap  (Figure  84  ) 

.  Assumed  noninspec table  structure 

.  Unstable  crack  propagation  failure  assumed  to 
omit  primary  spar  cap  as  tensile  load  carrying 
member  although  arrestment  would  probably  occur 
at  spar  cap-to-panel  bond  lines.  Loss  of  spar 
cap  produces  a  fuel  leak.  Initial  damage 
a/Q  -  0.03  not  to  grow  critical  in  4000  hours 
due  to  application  of  PLT. 

.  Adjacent  load  path  assumed  to  be  adjacent  spar 
cap.  Initial  damage  a/Q  -  0.01  plus  delta  growth 
that  occurs  during  time  to  fail  primary  spar  cap; 
not  to  grow  critical  and  cause  loss  of  remaining 
structure  in  4000  hours  due  to  application  of  p._. 

Stress  increase  of  107.  due  to  failure  or  primary* 
spar  cap.  Residual  strength  required  in  remaining 
structure  at  time  of  prime  spar  cap  failure  ■* 

P  lt>  x  1  •  15 . 

.  Figure  85  presents  an  identical  analysis  for  the 
610RW003  spar  caps  except  the  surface  flaw  da/dN  data 
obtained  from  the  Phase  IA  test  program  was  utilized. 

The  reduction  in  growth  interval  is  significant  but 
the  requirements  are  still  met. 

(2)  Part  Thru  Crack  in  Laminated  Lower  Skin  Panel  (Figure  86  ) 

.  Assumed  noninspectable  structure. 

.  Complete  failure  of  a  load  path  (skin  panel)  requires 
failure  of  all  five  plies.  Therefore,  it  was  assumed 
for  analysis  that  no  more  than  two  plies  could  fail 
in  a  total  of  4000  flight  hours.  The  highly  stressed 
outer  ply  was  treated  as  a  primary  load  path,  and  the 
second  ply  was  treated  as  an  adjacent  load  path  with 
respect  to  initial  damage  and  residual  strength 
requirements.  Arrestment  of  crack  growth  due  to  bond 
lines  was  not  included  in  the  analysis  although 
definite  crack  arrest  would  occur  at  the  skin  panel- 
to-spar  cap  bonded  joints. 

.  Initial  damage  in  the  primary  ply  was  a/Q  •  0.03. 
Residual  strength  required  -  PLT.  Calculated  time 
to  failure  was  1700  hours. 
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©SURFACE  FLAW  IN  SPAR  CAP  7050-176511  Al  MACHINED  EXTRUSION  (7050-T73651  Al 
PL.  da/dN  DATA)  NONINSPECTABLE-4000  FLIGHT  HOURS) 
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Figure  84  610RW003  Wing  Box  Laminated  Lower  Skin,  Corrugated  Spar  Webs, 

Aluminum  Phase  IA  Fracture  Analysis 


*NI  *=>2  *3ZIS  tVfli 


w 

co 

s> 


B 

o 

M 

sB 

£  CO 
CM  §  W 
•H  ffi  g 

H  D 

X  CK 

a  s 

*  M 

§2 

<  H 

X  M 

s: 

H  9 


oo 


w 

co 


2  IB 


co 

Xi 

d) 

£ 

V4 

cd 

a 

CO 

X) 

CD 

X 

Cd 

00 

3 

Ul 

J-I 

o 

o 


c 

•r-l 


X 

CO 

CO 

•r-l 

CO 

J-I 

cu 

r— 1 

s 

cd 

o 

c 

hJ  < 

X 

(U 

(V 

J-I 

X 

cO 

X 

c 

u 

•H 

cd 

B 

j-i 

cO 

X 

X 

C 

X 

M 

o 

PQ 

<D 

CO 

00 

cd 

c 

X 

•r-l 

cu 

CO 

s 

o 

o 

c 

a 

•iU 

& 

e 

o 

d 

r— 1 

r— 1 

X 

c 

in 

oo 

<u 

J-i 

D 

00 

•r-l 

(J-I 


®  PART  THROUGH  SURFACE  FLAW  IN  LAMINATED  LOWER  SKIN  PANEL  7050-176  Al  SHEET 
(7050-T76  Al  SHT.  da/dN  DATA)  NON  I  NS  PECTABLF--4000  FLIGHT  HOURS 


CO 

Xl 

0) 

£ 

u 

ed 

CL 

CO 

<D 

4J 

Cd 

00 

a 

u 

u 

o 

o 


c 

•r-l 

CO 

u 

(0 

Z 

o 

hJ 


TJ 

<D 

cd 

c 

•r^ 


XI 

X 

o 

PQ 

00 

C 

•r-l 

£ 


CO 

o 

o 

§ 

o 

—I 

vO 


VO 

00 

<D 

U 


3 

00 

•r^ 


219 


Aluminum  Phase  IA  Fracture  Analysis 


•  Initial  damage  in  the  adjacent  ply  was  a/Q  ■  0.01 
plus  the  delta  growth  that  occurred  during  time  to 
fall  the  primary  ply.  The  stress  increase  due  to 
failure  of  primary  ply  was  3%.  Residual  strength 
required  at  time  of  primary  ply  failure  -  1.15  x  PIT. 
The  initial  damage  in  the  adjacent  ply  could  not 
grow  critical  in  4000  -  1700  -  2300  hours.  Calculated 
time  to  failure  was  8500  hours. 


(3)  Semi-circular  Corner  Crack  in  Spar  Cap  Adjacent 

to  Inboard  Pivot  Pylon  Cutout  (Figure  87  ) 

•  Assumed  noninspectable  structure. 

.  Analysis  performed  identical  to  case  (1)  except 
for  flaw  type.  Stress  concentration  (k1  -  2.5) 
adjacent  to  cutout  accounted  for  in  analysis. 
Adjacent  load  path  assumed  to  be  spar  cap  on  the 
opposite  side  of  cutout. 

7.4.2  Preliminary  Design  610RW002  - 
Multi  Wet  Cell,  Planked  Lower 
Skin,  Titanium 

.  Crack  Arrest/Multiple  Load  Path  (Ranked  No.  2) 

.  Lower  Skin  Planks  provide  Multiple  Load  Paths  and 
Crack  Arrest. 

.  Brazed  thln-ply  laminate  assumed  to  exhibit  a  decreased 
crack  growth  rate  compared  with  that  exhibited  by  the 
unbrazed  titanium.  Reduced  rate  represented  by  data 
for  6A1-4V  recrys  annealed  titanium. 

.  Assumed  Sequence  of  Failure  for  Analysis 

(1)  Through  the  Thickness  Crack  in 
Laminated  Lower  Surface  Plank 

(Figure  88  )  ~ 

.  Assumed  Depot  Inspectable  Structure 

.  The  analysis  was  directed  at  the  thickest  ply 
(0.060")  as  the  worst  case. 


220 


@  CORNER  FLAW  IN  INBOARD  PIVOT  PYLON  CUTOUT  7050-T76511  Al  MACHINED  EXTRUSION 
(7050-T73651  Al  PL.  da/dN  DATA)  NONINSPECTABLE--4000  FLIGHT  HOURS 
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Figure  88  610RW002  Wing  Box  Multi  Wet  Cell,  Planked  Lower  Skin 

Phase  IA  Fracture  Analysis 


.  Unstable  crack  propagation  failure  was  assumed  to 
omit  the  primary  skin  plank  as  a  tensile  load 
carrying  member  with  crack  arrestment  occurring 
at  the  edges  of  the  plank.  Initial  damage  was 
a/Q  -  0.03  not  to  grow  critical  In  2000  flight 
hours  due  to  application  of  Residual  strength 

required  in  the  remaining  structure  at  time  of 
primary  load  path  failure  equals  1.15  x  PLT. 

.  The  adjacent  load  path  was  assumed  to  be  an 
adjacent  0.06"  plank.  Initial  damage  was 
a/Q  ■  0.01  plus  the  delta  growth  that  occurred 
during  time  to  fail  primary  plank.  In  addition, 
it  was  arbitrarily  assumed  that  two  planks  had 
completely  failed  making  the  stress  increase  in 
the  adjacent  load  path  18%.  The  initial  damage 
could  not  grow  critical  and  cause  failure  of  the 
remaining  structure  due  to  the  application  of  PT  . 

LiT 

7.4.3  Preliminary  Wing  Design  610RW004  - 

Adhesive  Bonded  Honeycomb  Skin  Panels, 

Upper  and  Lower,  Aluminum 

Multiple  Load  Path  Fail  Safe  (Ranked  No.  3) 

.  Multiple  Spars  and  Honeycomb  Skin  Panels 

.  Lower  Panels  comprised  of  TWo  Skins 

Assumed  Sequences  of  Failure  for  Analysis 

(1)  Part  Thru  Crack  in  Spar  Cap  Slug 

(Figure  89  ) 

.  Assumed  noninspectable  structure. 

.  Unstable  crack  propagation  failure  assumed  to 
omit  primary  spar  cap  as  tensile  load  carrying 
member.  Loss  of  spar  cap  will  produce  a  fuel 
leak.  Initial  damage  a/Q  -  0.03  not  to  grow 
critical  in  4000  hours  due  to  application  of  Plx>. 

.  Adjacent  load  path  assumed  to  be  adjacent  spar  cap. 
Initial  damage  a/Q  ■  0.01  plus  delta  growth  that 
occurs  during  time  to  fail  primary  spar  cap;  not 
to  grow  critical  and  cause  loss  of  remaining 
structure  in  4000  hours  due  to  application  of  PLT. 
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(T)  PART  THROUGH  SURFACE  FLAW  IN  LOWER  SPAR  CAP  7050-T73651  Al  PLATE 
(7050-T73651  Al  PL.  da/dN  DATA)  NONINSPECTABLE— 4000  FLIGHT  HOURS 
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Stress  increase  of  19%  due  to  failure  of  primary 
spar  cap.  Finite  width  correction  included  in  the 
analysis.  Residual  strength  required  at  time  of 
prime  spar  cap  failure  ■  P^  x  1.15. 

(2)  Part  Thru  Crack  in  Outer  Skin  of 

Lower  Panel  (Figure  90  ) 

.  Assumed  noninspectable  structure. 

.  Complete  failure  of  a  load  path  (skin  panel) 
requires  failure  of  both  (2)  skins.  Therefore, 
it  was  assumed  for  analysis  that  both  skins  could 
not  fail  in  a  total  of  4000  flight  hours.  The 
highly  stressed  outer  skin  was  treated  as  a  primary 
load  path,  and  the  inner  skin  was  treated  as  an 
adjacent  load  path  with  respect  to  initial  damage 
and  residual  strength  requirements.  Crack  arrest 
would  probably  occur  at  the  skin-to-spar  cap  bond 
lines  and  definitely  occurs  at  the  free  edges  of 
the  skins. 

.  Initial  damage  in  the  primary  skin  was  a/Q  -  0.03. 
Residual  strength  required  ■  Plt*  Calculated  time 
to  failure  was  1700  hours. 

Initial  damage  in  the  adjacent  skin  was  a/Q  -  0.01 
plus  the  delta  growth  that  occurred  during  the  time 
to  fail  the  primary  skin.  The  stress  increase  due 
to  failure  of  primary  skin  was  6%.  Residual  strength 
required  at  time  of  primary  skin  failure  ■  1.15  x  Plt. 
The  initial  damage  in  the  adjacent  skin  could  not 
grow  critical  in  4000  -  1700  ■  2300  hours.  Calcu¬ 
lated  time  to  failure  was  7400  hours.  Residual 
strength  required  in  the  remaining  structure  at 
time  of  primary  skin  failure  ■  1.15  x  Plt*  A  fuel 
leak  would  occur  when  complete  panel  fails,. 
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©  PART  THROUGH  SURFACE  FLAW  IN  LOWER  PANEL  OUTER  SKIN  7050-T76  Al  SHEET 
(7050-T76  Al  SHEET  da/dN  DATAI  NON  I  NS  PECTA  BLE — 4000  FLIGHT  HOURS 


II 


1—1 

cu 

c 

cd 

CX, 

Sh 

£ 

CO 

o 

•i-l 

o 

CO 

CD 

i—l 

c 

cd 

o 

C 

k  <: 

X> 

CU 

<U 

Xl 

TJ 

D 

C 

u 

O 

o 

PQ 

cd 

Xi 

CU 

[Xi 

> 

•r-l 

c 

CO 

M 

CU 

rC 

CU 

'TD 

CO 

< 

cd 

rC 

X 

P-H 

O 

PQ 

Xi 

(U 

bO  £ 

C 

o 

•r-l 

hQ 

T3 

<r 

C 

o 

cd 

o 

x< 

& 

cu 

o 

a 

cx 

\D 

O 

<d 

u 

2 

bO 

•r-l 

fXl 

‘3 1  3ZIS  MVId 


<5>  <S> 

CVJ  CNJ 


226 


7.5  RISK  ASSESSMENTS 


Risk  assessments  have  been  performed  to  aid  in  establishing 
conservative  structural  inspection  intervals  for  the  wing  struc¬ 
ture  of  the  primary  design  selection,  610RW003.  The  assessments 
can  be  described  as  the  probabilistic  quantifications  of  the 
in-flight  failure  potential  of  an  individual  airplane  wing 
structure  and  of  the  fleet  of  wing  structures.  Failure  is 
defined  as  the  fracture  of  a  structural  element  which  due  to 
multiple  load  path  design  of  the  wing  structure  results  in  only 
fractional  loss  of  wing  strength.  The  risk  assessment  discussion 
will  present  first  a  summary  of  the  input  data  and  procedures 
used  to  derive  the  risk  assessments  and  secondly  the  assessment 
results. 


7.5.1  Assessment  Method 

The  major  evaluation  tool  used  in  the  analysis  is  the  risk 
assessment  model  developed  under  the  F-lll  program.  The  model, 
which  is  programmed  into  the  IBM  360  computer,  consists  of  a  set 
of  mathematical  equations  which  describe  a  close  approximation 
of  the  probability  of  no  structural  failure  during  aircraft 
operations  in  the  service  environment.  The  equations  are  a  function 
of  those  inputs  that  influence  failure.  For  this  study  the 
following  input  data  were  used: 

o  Fleet  size  of  506  airplanes 

o  When  a  wing  structure  was  assumed  to  have  an  Initial 
flaw  upon  delivery  to  inventory,  it  was  also  assumed 
that  the  flaw  of  maximum  size  (after  NDI)  was  located 
at  the  most  critical  location  (fracture  control  point) 
and  was  positioned  in  the  most  critical  direction. 

The  initial  flaw  size  characterization  used  (See 
Figure  91  )  was  derived  from  best  judgment  of 

probability  of  flaw  detection  using  penetrants  by 
differentiating  the  probability  of  flaw  detection 
curve  to  derive  the  initial  flaw  size  frequency 
distribution  curve. 

o  Flight  spectrum  -  7.33g. 

o  Flaw  propagation  based  on  da/dN  for  the  expected 
environment  and  a  retardation  factor  of  m  -  1.4. 

The  propagation  curves  used  were  those  established 
for  610RW003  in  paragraph  7.4.1. 
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Figure  91  Initial  Flaw  Length-Inches  Flaw  Fracture  Risk  Assessment, 
610RW003  Flaw  Size  Distribution  Lower  Skin  Outer  Ply 


The  method  used  within  the  risk  assessment  model  for  the 
determination  of  control  point  probability  of  no  structural 
failure  is  illustrated  in  Figure  92  .  The  assessment  is 

performed  by  a  statistical  combination  of  the  initial  flaw 
condition  in  the  part  after  inspection  with  the  flaw  propagation 
to  failure  in  flight.  For  example,  looking  at  Figure  92  , 

assume  there  is  a  flaw  at  the  control  point  under  investigation 
and  this  flaw  is  from  a  population  of  flaws  whose  flaw  lengths 
are  characterized  by  some  frequency  distribution  f(x).  The 
probability,  AP,  that  the  flaw  length  x  lies  within  the  small 
interval  between  x^  and  X2  is  the  small  area  under  f(x)  between 
xi  and  x2.  Assuming  then  that  there  exists  a  flaw  length  x, 
the  probability  of  survival  at  some  flight  time  T  can  be 
calculated.  Let  <j>( T)  denote  the  cumulative  probability 
distribution  function  and  0  (t)  denote  the  associated  probability 
density  function  of  operational  life  (distribution  of  flight 
times  for  the  propagation  of  a  flaw  from  length  x  to  critical 
length  xc  causing  failure  in  flight.)  These  probability  functions 
are  determined  by  a  scale  and  shape  parameter.  The  scale  parameter 
is  evaluated  using  fracture  mechanics  flaw  growth  prediction 
techniques  which  evaluate  the  median  flight  hours  (M)  for  a  flaw 
of  length  x  to  grow  to  critical  dize,  xc,  in  flight.  The  shape 
parameter  is  derived  from  variations  in  load  history,  Ktc  values, 
flaw  growth  calculations,  etc.  The  probability  that  a  failure 
will  occur  at  some  flight  time  T  is  the  integral,  <f>( T),  of  the 
life  distribution  from  0  to  T  as  presented  in  the  Figure  92 
The  combination  of  AP  and  <^>(T)  then  are  used  as  shown  to 
establish  the  probability  of  no  structural  failure  in  T  flight 
hours . 


7.5.2  Assessment  Results 

A  quantification  of  in-flight  failure  potential  for  the  air¬ 
plane  wing- structure  has  been  established  based  upon  fracture 
mechanics  techniques  for  three  different  cases  of  flawed  wing 
structure.  Risk  assessments  were  performed  for  an  individual 
wing  and  for  the  fleet  assuming  initial  flaws  existed  in  the 
following  locations  on  the  610RW003  wing  when  the  wing  was 
delivered  to  inventory: 

.  Lower  Skin  Outer  Ply 

.  F.A.S.  Lower  Cap 

.  Inboard  Pivoting  Pylon  Cutout 
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FLAW  SIZE  DISTRIBUTION  PART  FLAW  PROPAGATION  DURING 

AFTER  NDI  _ 
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Figure  93  and  Table  XXXVI  present  the  results  for  the 
case  of  flawed  wing  structure  at  the  lower  skin  outer  ply 
critical  point.  If  it  is  assumed  that  an  individual  wing  has  an 
initial  flaw  of  the  size  and  location  described  in  paragraph  7.5.1, 
then  there  is  a  0.975  probability  of  a  failure  occurring  in  the 
wing  during  a  4000- flight  hour  period.  Failure  is  defined  as  the 
fracture  of  a  structural  element  which  due  to  multiple  load  path 
design  results  in  only  fractional  loss  of  wing  strength. 

If  it  is  assumed  that  10  wings  in  the  fleet  of  506  airplanes 
have  an  initial  flaw  located  at  the  lower  skin  outer  ply  area, 
there  is  a  0.776  probability  that  the  fleet  will  not  encounter 
any  failed  lower  skin  plies  due  to  these  flaws  during  the 
flight  period  covering  the  first  4000  hours  of  flight  on  each 
and  every  airplane  in  the  fleet. 

The  risk  assessment  study  indicates  that  there  is  essentially 
no  probability  of  failure  for  the  individual  wing  or  the  fleet 
for  a  4000  hour  period  when  it  is  assumed  that  flaws  exist  in  the 
FAS  lower  cap  or  the  inboard  pivoting  pylon  cutout  critical 
points. 


231 


CO 


o 

o 

o 


o 

o 

o 

m 


o 


i  awn  iHonj 

13313  NI  39miV3  ON  30  Aini9V90^3 


co 

& 

8 

i 


H 

EC 

O 

M 

P 

O 

< 

< 

p 

p 


Q 


CD 

a 

•r-l 

H 


60 


w 

> 

CD 

3 

i— I 
•r-l 

cfl 

Pl, 

O 

M-l 

O 


•r-l 

x> 

o 

u 

p 


cn 

a> 

CD 

J-4 

D 

60 

•f^ 

PL( 


232 


Table  XXXVI  FLAW  FRACTURE  RISK  ASSESSMENT  610RW003 
FAILURE,  506  AIRCRAFT  FLEET 
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FAILURE  DEFINED  AS  FRACTURE  OF  STRUCTURAL  ELEMENT  WITH  ONLY 
FRACTIONAL  REDUCTION  IN  WING  STRENGTH  DUE  TO  MULTIPLE  LOAD 
PATHS. 


SECTION  VIII 
MATERIALS  ENGINEERING 

8.1  MATERIAL  SELECTION  CRITERIA 

The  goal  in  the  material  selection  process  has  been  to  obtain 
a  high  level  of  reliability,  integrity,  and  efficiency  at  minimum 
cost  by  considering  materials  in  combination  with  design  and  struc¬ 
ture  . 


Primary  consideration  has  been  given  to  the  ability  of  the 
materials  to  resist  crack  growth  and  corrosion  (particularly  under 
conditions  of  fatigue,  stress  and  environments),  as  well  as  strength, 
toughness,  and  weight.  Also  considered  has  been  the  interrelated 
effects  of  fabricating  and  manufacturing  conditions  such  as  heat 
treating  and  temperatures  for  brazing  or  bonding.  A  summary  scheme 
on  the  materials  selection  process  is  shown  in  Figure  94  . 

Candidate  aluminum,  titanium,  and  steel  alloys  considered  at 
the  beginning  of  this  program  are  listed  in  Tables  XXXVII , XXXVIII,  and 
XXXIX,  respectively,  and  are  discussed  in  following  paragraphs. 

In  addition  two  new  aluminum  valloys,  X2048  and  Alcan  GB  X3058, 
are  listed  in  Table  XXXVIII  even  though  their  initial  vendor  test 
data  has  been  obtained  since  the  beginning  of  this  program.  Can¬ 
didate  materials  were  selected  for  their  potential  to  provide  the 
level  of  stress  corrosion  cracking  resistance,  reliability,  integ¬ 
rity,  and  efficiency  required  in  the  proposed  wing  designs.  The 
materials  together  with  the  design  concepts  considered  were  intended 
to  supply  the  required  level  of  fracture  resistance  to  satisfy  the 
damage  tolerant  requirements  of  the  fracture  control  plan. 


Figure  94  Materials  Selection  Process 
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table  xxxvii  CANDIDATE  MATERIALS  -  ALUMINUM  ALLOYS 
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TABLE  XXXVIII 

CANDIDATE  MATERIALS  -  TITANIUM 
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NOTtS:  1.  Seta  Alloys  Involve  Higher  Producer  Costs,  lov.er  User  Cost.  Al!  Beta's  shown  have  Superior  Deep  Hardenabie 
Properties  Compared  to  Alpha-BetaS 


TABLE  XXXIX 

CANDIDATE  MATERIALS  -  STEEL 
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8.2  CANDIDATE  MATERIALS 
8.2.1  Baseline  Materials 


The  F-lll  wing  utilizes  2024-T851  aluminum  for  upper  and  lower 
skins,  intermediate  spars  and  ribs  in  an  efficient  form,  as  numer¬ 
ically  controlled  machined  plate  with  spars  spaced  to  achieve  a 
high  buckling  strength  and  a  high  degree  of  material  utilization. 
Front  and  rear  spars  are  machined  from  higher  toughness  2124-T851 
plate.  A  pivoting  pylon  fitting  is  machined  from  a  large  2024-F 
die  forging  and  heat  treated  to  the  T6  temper.  This  is  an 
economically  produced  and  structurally  efficient  wing  with  a  demon¬ 
strated  high  structural  reliability.  As  a  baseline,  it  presents  a 
major  challenge  for  weight  and  cost  reduction  and  for  increased 
fatigue  life. 


8.2.2  Candidate  Aluminum  Alloys 

In  the  last  decade,  development  of  metals  has  been  concen¬ 
trated  on  improving  material  reliability  with  little  increase  of 
ultimate  tensile  strength.  The  aluminums  have  been  improved  to 
overcome  their  serious  vulnerability  to  exfoliation  and  stress 
corrosion  of  the  high  strength  alloys  such  as  7079  and  7075  in  the 
T6  temper.  With  the  new  zinc  alloys  of  aluminum,  7050  and  7475  in 
the  improved  tempers,  major  improvements  in  exfoliation,  stress 
corrosion  resistance  and  fracture  toughness  have  been  achieved 
while  maintaining  ultimate  tensile  strength.  Since  elevated 
temperatures  cause  more  strength  loss  in  7000  series  aluminum 
alloys  than  in  2000  series  alloys,  time  and  temperature  combinations 
are  of  major  importance  in  aluminum  alloy  selection.  Two  new 
copper  alloys  of  aluminum  appear  to  be  competition  with  2024/2124  at 
elevated  temperatures  but  with  improved  ductility.  They  are  the 
Reynolds  Metals  Company  X2048  and  the  British  Alcan  GB  X3058  alloy. 
The  latter  is  copper -magnesium -germanium  alloy  of  aluminum  developed 
by  the  Fulmer  Research  Institute  with  the  laboratory  name  "Almagen" 
and  now  being  manufactured  by  Alcan  Booth  Sheet,  Ltd.  Plate  of  both 
new  2000  series  alloys  would  have  higher  strength  and  possibly 
equal  fracture  toughness  to  2219-T851  plate.  The  latter,  despite 
its  low  yield  strength,  has  been  the  only  elevated  temperature 
aluminum  alloy  plate  tougher  than  2124-T851  plate  for  fracture 
critical  designs. 

The  F-lll  wing  skins  and  the  spars  under  three  inches  in  plate 
thickness  are  of  conventional  2024-T851.  This  has  proven  to  be  a 
good  material  for  that  program.  For  plate  thicknesses  above  three 
inches,  the  procurement  specification  required  that  control  of 
short  transverse  ductility  be  achieved.  Thus,  the  heavier  spars 
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have  been  procured  to  this  requirement.  A  later  specification 
which  required  short  transverse  ductility  control  from  1.5  to  3.0 
inches  of  plate  thickness  was  released.  Suppliers  were  compelled 
to  provide  a  higher  purity  2024-T851,  identified  now  as  2124-T851, 
to  meet  the  short  transverse  requirements  in  the  new  specifications. 
This  alloy  has  excellent  exfoliation  and  stress  corrosion  resis- 
ance,  adequate  fracture  toughness,  and  remains  a  competitive  can¬ 
didate,  along  with  the  newer  7000  series  alloys  and  tempers, 
principally  because  of  its  superior  performance  at  elevated  temp¬ 
eratures.  Spars  can  be  improved  by  the  use  of  7050-T73651  plate 
if  skin  stresses  are  raised  to  permit  higher  spar  cap  stresses. 
Fracture  toughness  of  the  7475  is  higher  than  that  of  the  7050, 
but  the  7050  is  substantially  tougher  than  the  2024/2124-T851 
alloys.  The  tensile  strength  of  the  7050  is  higher  than  the  7475. 

Designs  that  shift  from  the  present  F-lll  machined  plate 
concept  to  manufacturing  from  aluminum  sheet  would  have  to  choose 
from  a  number  of  candidate  materials.  Both  7475-T761  and  7050-T76 
would  be  stronger  than  2000  series  alloys  unless  temperature-time 
combinations  were  too  high.  The  2000  series  sheet  alloys  would 
be  2024-T81,  2618-T6,  X2048-T81,  and  Alcan  GB  X3058-  x6  . 

8.2.3  Candidate  Titanium  Alloys 

Candidate  titanium  alloys  include  the  improved  6A1-4V  ver¬ 
sions,  Beta  III,  and  the  newer  beta  alloys  Ti-8Mo-8V-2Fe-3Al  and 
Beta  C. 

Ti-8-8-2-3  and  Beta  C  alloys  have  typical  properties 
comparable  to  Beta  III  but  at  the  beginning  of  Phase  1A  of  this 
program  insufficient  test  data  existed  for  vendors  to  show 
guaranteed  properties  for  these  two  alloys  which  are  as  good  as 
Beta  III.  Ti-8-8-2-3  and  Beta  C  alloys  have  excellent  fabric- 
ability  in  the  ST  condition  and  a  lower  density  and  higher  stiff¬ 
ness  than  Beta  III.  Condition  STA  target  properties  of  175  ksi 
minimum  ultimate  strength  were  chosen  for  design  considerations. 

The  6AI-4V  material  in  the  recrystalized  annealed  condition, 
in  the  Beta  processed  annealed  and  in  the  solution  treated  and 
over-aged  conditions  achieves  a  high  fracture  toughness  and 
fatigue  strength,  but  has  low  tensile  strength  in  all  three  con¬ 
ditions.  Design  allowables  on  6A1-4V  material  in  various 
manufactured  conditions  is  available. 
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8.2.4  Candidate  Steel  Alloys 


As  is  the  case  with  aluminum,  the  emphasis  in  steel  develop¬ 
ment  during  the  last  decade  has  been  toward  an  improvement  of 
fracture  toughness  and  stress  corrosion  resistance.  Consequently, 
steel  with  adequate  fracture  toughness  is  not  competitive  with 
aluminum  and  titanium  on  a  strength-to-weight  ratio  for  airframe 
applications  except  in  some  areas  that  are  space  limited  and  have 
a  concentration  of  high  loads  or  where  stiffness -to-weight  is  more 
important  that  strength-to-weight. 

For  this  program,  it  was  expected  that  concentrated  load 
fittings  would  be  of  steel  or  titanium.  Steel  alloys  in  the  200 
ksi  or  220  ksi  heat  treat  range,  with  ample  fracture  toughness, 
could  be  used  to  an  advantage  in  the  wing  root  area.  Candidate 
alloys  included  D6ac,  the  U.  S.  Steel  lONi-Cr-Mo-Co ,  Republic 
Steel  Corporation  9Ni-4C0- . 20C ,  and  maraging  200  grade.  D6ac  at 
200  ksi  has  a  Kjc  of  approximately  90  ksi  in  and  10  Ni  (HY180) , 
9Ni  and  Maraging  200  are  well  above  100  ksi  /in.  All  of  these 
alloys  are  weldable.  The  lONi  alloy  under  development  by  U.  S. 
Steel,  is  believed  to  have  better  stress  corrosion  resistance  than 
the  other  candidates.  For  strength  above  220  ksi,  maraging  250 
grade  is  a  candidate  because  of  its  ease  of  user  processing.  How¬ 
ever,  industry  familiarity  in  aircraft  applications  of  the  marag¬ 
ing  steels  is  limited. 


8.3  TEST  PROGRAM 
8.3.1  Test  Plan 

The  basic  Phase  IA  material  test  program  is  shown  in  Table 
XLIII  in  Appendix  VIII.  In  addition  to  the  basic  program  spectrum 
environmental  tests  were  conducted  on  surface  flawed  specimens  of 
the  baseline  2024-T851  plate  material  in  support  of  the  baseline 
damage  tolerance  analysis.  The  basic  Phase  IA  material  test 
program  represents  a  minimum  dollar  expenditure  to  fill  in  pre-design 
material  screening  gaps.  In  selecting  test  materials  consideration 
was  given  to  other  test  programs  in  progress.  Specific  consider¬ 
ations  are  discussed  below. 

Aluminum  Alloys 

Most  needed  design  information  on  2024,  2124,  and  2219  was 
available  or  was  being  obtained  in  other  programs.  The  2618  alloy 
used  in  Europe  in  sheet  and  plate  forms  would  need  more  character¬ 
ization  regarding  fracture  toughness,  stress  corrosion,  and  crack 
growth  rates.  Since  its  superiority  over  2024-T81  and  -T851  in 
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creep  is  only  for  long  soak  times  at  temperatures  in  the  range 
300° F  to  323° F  (or  shorter  times  at  higher  temperature),  2618 
alloy  test  consideration  was  dropped.  All  testing  was  planned 
to  characterize  the  two  new  Alcoa  developed  stress  corrosion 
resistant  alloys  7475  and  7050.  Particular  emphasis  was  aimed 
at  filling  in  information  gaps  on  the  effect  of  elevated  tempera¬ 
ture  to  permit  a  choice  between  them  and  2024/2124  for  wing 
exposure  near  300° F. 

Titanium  Alloys 

Data  on  the  recrystalized  annealed  6A1-4V  titanium  alloy 
would  be  available  from  the  tests  being  accomplished  by  Rockwell 
International  for  the  B-l  aircraft.  Data  for  the  beta  processed 
annealed  6A1-4V  titanium  and  Beta  C  alloy  would  be  evaluated  in 
Convair's  Advanced  Metallic  Air  Vehicle  Structure  (AMAVS)  Contract 
F33615-73-C-3001.  Both  sheet  and  plate  in  Ti-8Mo-8V-2Fe-3Al 
(Ti-8-8-2-3)  alloy  in  the  STA  condition  were  selected  for  test. 


Steel 


No  steels  were  selected  for  tests  due  to  the  fact  that  the 
most  promising  high  strength  ductile  alloys  were  scheduled  to  be 
tested  either  in  the  B-l  aircraft  program  or  by  Convair  in  its 
AMAVS  program. 


8.3.2  Test  Specimens 

Test  specimen  configurations  are  shown  in  Figures  69 
through  72  in  Appendix  VIII.  Standard  tensile  and  compression 
specimens  are  shown  in  Figure  69.  Compact  tension  specimens 
for  KIc  and  KIscc  tests  are  shown  in  Figure  70.  The  configu¬ 
rations  of  edge  notched  fatigue  specimens  are  shown  in  Figure 
71.  Figure  72  shows  the  standard  configuration  for 

surface  flawed  da/dN  specimens.  Note  from  the  dimension  table 
that  the  grip  end  widths  were  wider  for  Ti-8-8-2-3  and  2024-T851 
specimens.  Figure  73  shows  the  specimen  identification 
system  used  for  the  compact  tension  fracture  mechanics  specimens. 
Application  of  the  same  system  to  Figure  72  surface  flawed 
specimens  would  specify  "L-S"  for  loading  specimen  in  rolling 
direction  with  the  crack  growing  in  the  plate  thickness  direction. 

8.3.3  Materials  Tested 

One  piece  of  a  7050-T76  aluminum  alloy  sheet  0.063"  x  48" 
x  48"  from  Alcoa  Lot  No.  109-216  was  procured  for  test.  The 
thickness  measured  .060  inch.  Test  specimen  locations  within 
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this  sheet  are  shown  in  Figure  74  in  Appendix  VIII. 

One  piece  3.0"  x  60"  (LT)  x  50"  (L)  of  X7050-T7E60  was 
obtained  from  the  Grumman  Aerospace  Corporation  which  had  been 
procured  from  Alcoa  Lot  No.  729-091.  Information  from  Alcoa 
indicated  that  the  artificial  age  cycle  used  on  this  lot  for 
"-T7E60"  temper  has  been  adopted  as  the  artificial  age  cycle  for 
future  7050-T73651  plates.  Therefore,  throughout  this  report 
the  7050  plate  will  be  considered  to  be  7050-T73651  material. 
Specimen  locations  are  shown  in  Figures  75  through  77  in 
Appendix  VIII.  As  noted  in  Figure  75  ,  a  30  inches  wide 

section  from  the  center  of  the  60  inches  wide  plate  was  selected 
for  test  material  and  was  sawed  into  six  pieces  labeled  A,  B,  C, 

D,  E,  and  F.  Figures  76  and  77  show  the  layout  of  all 
specimens.  Sections  A,  B,  C,  and  D  were  milled  on  each  surface 
prior  to  layout.  Specimens  with  the  letters  "A"  or  "B"  were 
tested  from  the  plate  quarter  thickness  and  the  remainder  tested 
from  the  plate  center  thickness. 

One  sheet  0.125"  x  48"  x  144"  of  7475-T61  was  procured 
from  Alcoa  Lot  No.  102-145  from  master  Lot  No.  681-036.  A  piece 
was  cut  from  each  end  of  the  full  sheet  for  test  use  and  these 
were  additionally  artifically  aged  at  Convair  per  Alcoa's 
recommendation  to  the  -T761  temper.  This  Convair  age  was  15 
hour 8  at  325°F  -5°F.  Orientation  and  location  of  test  specimens 
in  the  two  pieces  of  7475-T761  test  material  are  shown  in  Figure 
78  in  Appendix  VIII. 

One  piece  of  7475-T7351  aluminum  alloy  plate  1.5"  x  18"  (LT) 
x  48"  (L)  was  procured  from  Alcoa  Lot  No.  S -416232  and  master 
Lot  No.  S-395607 .  Specimen  layout  for  this  material  is  shown  in 
Figure  79.  Note  that  the  fatigue  specimens  were  from  the 
plate  one  quarter  thickness  while  the  tensile  specimens  were  from 
the  center  thickness  to  match  area  tested  for  crack  growth  rate. 

Three  pieces  of  0.125  inch  thick  Ti-8Mo-8V-2Fe-3Al  titanium 
alloy  sheet  from  Titanium  Metals  Corporation  of  America  (TMCA) 

Lot  No.  K4179  were  received  in  the  STA  condition.  Surfaces  had 
been  ground  and  the  largest  piece  was  nearly  one  inch  out  of  flat 
due  to  a  gentle  bow  that  could  be  easily  flattened  by  hand  pressure. 
Layout  of  test  specimens  on  the  three  pieces  is  shown  in  Figure 
80.  After  three  tensile  specimens  and  four  notched  fatigue 

specimens  had  been  tested,  desire  for  improved  ductility  necessi¬ 
tated  additional  aging  of  remaining  specimens.  After  coordina¬ 
tion  with  TMCA,  the  remaining  fatigue  and  additional  tensile 
specimens  were  aged  6  hours  at  1050® F  in  a  retort  under  a  dried, 
purified  (hot  titanium  chips)  atmosphere.  This  reduced  the 
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ultimate  tensile  strength  in  the  longitudinal  direction  from 
193.2  ksi  to  184.1  ksi,  still  meeting  the  target  of  175  ksi 
minimum. 

One  Ti-8Mo-8V-2Fe-3Al  titanium  alloy  plate  1"  x  36"  (LT) 
x  48"  (L)  was  received  from  TMCA  Lot  No.  V4743,  TS  L8143  in  the 
STA  condition.  Surfaces  had  been  ground  and  the  plate  was 
extremely  wavy.  A  check  of  the  deviation  from  flatness  was  made 
by  using  a  straight  edge  contacting  high  points  at  center  width 
and  four  inches  in  from  each  edge.  The  center  width  had  a  bow 
up  to  .31  inch  maximum  in  34  inches  of  length.  Plate  flatness 
problems  would  have  to  be  resolved  if  this  material  were  used  on 
production  parts.  Specimens  were  located  in  the  test  plate  so 
that  flatness  would  not  be  a  problem.  Specimen  layout  for  the 
1  inch  thick  Ti-8-8-2-3  titanium  alloy  plate  is  shown  in  Figure 
81  in  Appendix  VIII. 

Prior  to  machining  of  specimens,  TMCA's  tensile  data  was 
completed  at  their  mill.  The  results  indicated  the  ultimate 
tensile  strength  of  the  1  inch  thick  plate  to  be  so  far  above 
the  target  175  ksi  that  ductility  might  be  lowered.  Based  on 
TMCA  lab  tests  on  LT  direction  plate  samples,  Convair  additionally 
aged  all  plate  material  6  hours  at  1100° F.  When  L  direction 
specimens  were  tested,  it  was  noted  that  resulting  tensile  values 
in  the  longitudinal  direction  were  below  the  target  of  175  ksi 
even  though  LT  direction  properties  were  near  182  ksi. 

Material  for  the  baseline  randomized  spectrum/ environmental 
fatigue  program  was  from  a  piece  of  1%  inches  thick  2024-T851 
plate  from  Alcoa  Lot  No.  217-921  that  met  Convair  specification 
fMS-1010.  Layout  for  those  fatigue  specimens  with  accompanying 
tensile  and  fracture  toughness  coupons  is  in  Figure  82  of 
Appendix  VIII. 
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8.2.4  Test  Procedures 


Testing  procedures  for  tension,  compression,  fatigue, 
fracture  toughness  (KIc),  stress  corrosion  (Kt  ),  and  crack 
growth  rate  specimens  are  described  in  the  following  paragraphs. 

Tensile 


The  0.505  and  0.357  inch  diameter  tensile  specimens  were 
tested  in  a  120,000  lb.  capacity  BLH  hydraulic  universal  test 
machine.  The  0.27.  offset  yield  strength  was  determined  using 
either  a  PS-5M  or  PS-2M  extensometer.  The  0.5  inch  wide  sheet 
specimens  were  tested  in  a  20,000  lb.  capacity  Instron  TT-D  test 
machine.  A  T-1M  extensometer  was  used  to  determine  the  yield 
strength. 

Elevated  temperature  tests  at  270,  300,  and  350° F  for 
aluminum  alloy  specimens  were  conducted  in  a  Missimers  environ¬ 
mental  chamber.*  Temperature  was  monitored  by  a  thermocouple 
attached  directly  to  the  specimen.  Temperature  was  controlled  to 
3  F.  All  specimens  were  soaked  \  hour  in  the  test  chamber  prior 
to  testing.  Long  time  temperature  exposure  was  accomplished  in  a 
Hevi-duty  Temprite  air-recirculating  oven  with  the  temperature 
monitored  directly  from  a  thermocouple  attached  to  a  test  coupon. 
All  test  procedures  met  the  requirements  of  Federal  Test  Method 
Standard  151a,  Method  211.1  and  ASTM  E8-68. 

Testing  of  the  short  transverse  7050  plate  specimens  was 
performed  by  the  Process  Control  Department  using  the  "tight 
control"  method  used  in  production  for  measuring  low  tensile 
ductility  aluminum  material. 

Compression 

The  1.0  inch  diameter  compression  specimens  from  the  7050- 
T73651  aluminum  alloy  plate  were  tested  in  a  120,000  lb.  capacity 
BLH  hydraulic  universal  test  machine.  A  spherically-seated  lower 
compression  platen  and  rigid  upper  platen  were  used  to  apply 
uniform  loading  to  the  specimen.  A  PC-1M  averaging  compressometer 
was  used  to  measure  the  0.27.  offset  yield  strength. 

The  7050  sheet  specimens  were  tested  in  compression  using  a 
specially  designed  fixture  to  prevent  buckling  of  the  specimen. 

The  fixture  employed  1/16  inch  diameter  ball  bearings  on  1/8  inch 
centers  to  maintain  contact  with  the  restraining  fixture, 
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thus  preventing  buckling  while  providing  minimum  friction.  A 
PS5M  averaging  extensometer  was  attached  to  each  edge  of  the 
specimen  by  knife  edges  and  extension  arms.  The  raicroformer  was 
outside  the  oven.  Testing  was  conducted  on  the  6,000  lb.  range 
of  the  BLH  test  machine.  Both  the  compressometer  and  extensometer 
were  calibrated  prior  to  testing  to  improve  the  accuracy  of  the 
modulus  determination.  Accuracy  of  strain  readings  met  the  require¬ 
ments  of  ASTM  E83-67  for  Class  B-2,  which  would  result  in  some 
scatter  in  modulus  values  obtained.  All  compression  testing 
met  the  requirements  of  ASTM  E9-67. 


Elevated  temperature  testing  at  270,  300,  and  350° F  on 
aluminum  alloy  specimens  was  conducted  in  a  Convair  constructed, 
electrically  heated,  air  recirculating  oven.  Temperature  was 
controlled  to  -5°F.  All  specimens  were  soaked  at  temperature  \ 
hour  before  testing,  long  time  exposure  was  conducted  identically 
to  the  tensile  specimens. 


Fracture  Toughness 

Fracture  toughness  testing  of  the  compact  tension  specimens 
was  conducted  in  an  Instron  TT-D  test  machine.  Fatigue  precrack¬ 
ing  was  performed  in  a  Sonntag  SF-l-U  fatigue  machine  using  a  5:1 
multiplying  fixture.  Two  decreasing  fatigue  loads  were  used  to 
crack  the  specimens  such  chat  the  final  stress  intensity  was 
<fCKic/2  as  required  by  the  ASTM  E399-71  testing  specification. 
The  fatigue  cracking  conditions  (R  =  0.1)  were  as  follows: 

7475-T7351  l-%  Inch  Thick  Specimens 


Max.  Kf 
Lbs .  ksi-^tnT 


Approx.  No.  Crack  Growth 
Cycles  x  10^  a.  Inch _ 


Final  Crack 
Length.  Inch 


2830  11  45  0.10 

2100  9  40  0.05 


1.55 

1.6 


X7050-T73651  1  Inch  Thick  Specimens 

1450  9.4  30  '  0.05  .97 

1000  7  45  0.05  1.02 


8-8-2-3  Titanium  Cond,  STA  1  xnch  Thick  Specimens 

2100  13  25  0.05  .95 

1300  9  25  0.05  1.00 
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A  calibrated  double  cantilever  compliance  gage  was  used  to 
obtain  the  crack  opening  displacement  (COD).  Flat  bottom  fixtures 
and  undersize  pins  were  used  to  minimize  frictional  load  effects 
as  the  crack  propagated.  All  test  procedures  met  the  requirements 
of  ASTM  E399-71. 

Stress  Corrosion 

Stress  corrosion  (Kxscc)  tests  in  3.57.  NaCl  were  conducted 
on  the  short  transverse  grain  direction  of  the  7050  aluminum  plate 
using  the  same  type,  precracked,  compact  tension  specimens  used 
for  Kxc  tests.  The  specimens  were  sustain-loaded  in  a  Riehle 
12,000  lb.  deadweight  creep  machine.  The  sustained  load  was 
calculated  in  relation  to  the  static  Kxc  of  the  material.  Testing 
was  conducted  to  failure  or  1000  hours  if  no  crack  growth  was 
detected.  If  failure  did  not  occur,  the  specimens  were  statically 
tested  and  the  residual  Kq  strength  measured.  One  specimen 
(50-59)  was  progressively  step  loaded  in  100  lb.  increments  until 
measurable  crack  growth  occurred. 

Stress  corrosion  specimens  were  fabricated  from  the  Ti-8  -8-2-3 
plate  in  the  L-T  and  T-L  directions.  The  short  transverse  direc¬ 
tion  could  not  be  tested  because  of  the  plate  thickness.  The 
specimens  were  loaded  at  a  stress  intensity  level,  Kn,  which  was 
below  the  Kxscc  of  the  material.  The  loads  were  then  progressively 
increased  at  approximate  24  hour  intervals  until  crack  growth  or 
failure  occurred.  The  highest  load  attained  in  the  step  loading 
procedure  was  considered  as  Kxscc. 

Crack  growth  was  monitored  with  a  creep  extensometer  which 
had  been  modified  to  clip  into  the  specimen  notch.  COD-time 
curves  were  recorded  from  which  incubation  time  and  da/dt  curves 
could  be  obtained.  \ 

The  3.57.  NaCl  corrodent  was  contained  in  a  plexiglas  container 
adhesively  attached  to  both  sides  of  the  specimen  with  an  expand¬ 
able  rubber  seal  in  the  notch.  Corrosion  of  the  aluminum  formed 
a  deposit  in  the  notch  which  had  to  be  flushed  out  weekly.  Eva¬ 
poration  losses  were  replaced  during  the  week  with  distilled 
water.  The  corrodent  was  entirely  replaced  weekly. 

Fatigue 

Constant  amplitude,  axial  fatigue  testing  of  the  side  notched, 
flat  Kt  ™  3  or  5,  plate  and  sheet  specimens  were  conducted  in 
Sonntag  SF-l-U,  SF-10-U,  or  MTS  fatigue  machines.  All  testing 
was  performed  at  a  stress  ratio,  R  ■  0.1,  and  at  either  6  or  30  Hz. 
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Notched  aluminum  and  titanium  alloy  plate  fatigue  specimens  were 
machined  0.300  inch  thick  from  plate  quarter  thickness.  Fixturing 
was  properly  pre-aligned  to  provide  only  true  axial  loading  with 
no  bending.  The  edges  of  the  notches  were  carefully  deburred  by 
hand  using  fine  emery  paper  and  a  45X  stereomicroscope.  The 
notches  of  the  specimens  were  tested  in  the  "as  mill  machined" 
condition  for  the  aluminum  and  titanium  alloy  plate  specimens  and 
tested  in  the  "as  ground"  condition  for  the  titanium  sheet  speci¬ 
mens.  The  notches  of  all  specimens  were  measured  with  an  optical 
comparator  for  conformity  to  the  drawing  tolerances. 

The  Kt  =  5  titanium  plate  specimens  were  remachined  to  Kt  =  2 
when  it  was  determined  that  this  stress  concentration  was  more 
meaningful  for  design  considerations.  Because  of  the  larger 
radius  (R  =  0.145  inch)  of  the  Kt  “  2,  it  was  possible  to  polish 
the  notch  with  fine  emery  paper  to  eliminate  any  transverse 
machining  marks  from  the  notch  milling  operation. 

The  small  number  of  twelve  specimens  tested  per  condition 
provided  a  limited  study  of  the  S-N  behavior  to  the  materials. 

Some  endurance  limits  were  not  adequately  defined.  The  static 
notch  tensile  strength  was  determined  by  testing  the  unfailed 
"run-out"  specimens.  Fracture  surfaces  of  the  statically  failed 
specimens  were  examined  for  fatigue  origins.  Unfortunately,  the 
fracture  surfaces  of  all  fatigue  failed  specimens  were  obliterated 
in  the  failure  process  and  could  not  be  examined. 

Fatigue  Crack  Growth 

The  da/dN  crack  growth  characteristics  of  the  materials  was 
measured  with  surface  flawed  specimens.  The  surface  cracks  were 
prepared  by  first  providing  a  starter  location  by  arcing  a  small 
crater  with  a  mini- thermocouple  welder  in  the  center  of  the  speci¬ 
men.  This  crater  was  then  subjected  to  tensile  bending  fatigue  in 
a  SF-l-U  fatigue  machine.  The  specimen  was  precracked  by  loading 
it  as  a  cantilever  with  a  \  inch  diameter  rod  fulcrum  located  on 
the  opposite  surface,  directly  in  line  with  the  crater.  Initially, 
problems  were  encountered  with  back  side  cracking  from  the  bending 
fatigue.  This  was  circumvented  by  machining  enough  material  (up 
to  1/8  inch)  to  remove  any  fatigue  cracks.  Some  of  the  last  speci¬ 
mens  were  machined  with  an  extra  1/8  inch  to  the  thickness  which 
was  finished  to  a  final  thickness  of  0.5  inch  after  precracking. 
Precracking  was  in  three  stages  with  diminishing  loads  as  the 
crack  grew  to  0.1  inch  length  for  the  aluminum  alloys  and  0.2 
inch  for  the  titanium  alloy. 
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The  specimens  were  transferred  to  the  special  test  fixture 
shown  in  Figure  95  and  the  crack  was  extended  to  0.16/. 3  inch 
length  in  axial  tension  loading.  The  loading  magnitude  was 
lowered  for  the  final  0.020  inch  of  surface  crack  growth  so  that 
crack  extension  was  da/dN  2  x  10“'  inch/cycle. 

Two  types  of  tensile  load  application  could  be  applied  in 
the  hydraulic,  servo  controlled  fixtures  shown  in  Figure  96 
namely: 

1.  Constant  amplitude-constant  sinusoidal  frequency 
or 

2.  Spectrum  loading,  computer  control  of  varying 
amplitude,  frequency  and  number  of  cycles. 

For  constant  amplitude  testing  the  electronic  equipment 
shown  in  Figure  96  was  used.  Two  sets  of  the  38,000  lb. 

capacity  load  frames  were  controlled  by  two  MTS  Model  401.03 
servo  amplifiers  and  one  Model  410.22  function  generator.  The 
other  two  frames  were  controlled  by  two  Compudyne  Model  4196  servo 
controllers  and  a  Hewlett  Packard  Model  202A  function  generator. 
Each  load  frame  had  an  individual  counter  to  record  applied  cycles. 
Hydraulic  pressure  was  supplied  by  a  35  gpm  pump. 

Test  frequencies  were  360,  60,  or  6  cpm.  Environments  were 
dry  air  or  3.57.  NaCl.  For  constant  amplitude  testing,  surface 
crack  growth  was  measured  at  approximately  0.05  inch  intervals. 

A  Gartner  Scientific  Model  M101A  microscope  of  10X  magnification, 
equipped  with  a  cross  hair  was  used  to  measure  crack  growth.  For 
6  CPM  tests  in  3.57.  NaCl,  greater  magnification  was  required  to 
define  the  crack  tip  on  the  corroding  aluminum  specimens.  A  B&L 
45X  steromicroscope  was  used. 

A  Mylar  scale  with  0.010  inch  divisions  was  adhesively 
attached  to  the  specimen.  The  environmental  chamber  was  made  of 
plexiglas  and  was  clamped  to  the  specimen  with  an  "0"  ring  provid¬ 
ing  sealing.  While  conducting  the  da/dN  tests,  marker  bands  were 
applied  every  0.1  inch  by  lowering  the  load  257.  and  cycling  at 
360  cpm  until  0.05  inch  crack  growth  occurred.  From  these  marker 
bands  it  was  possible  after  failure  to  measure  the  crack  depth 
progression,  da,  from  the  fracture  surface  and  correlate  it  with 
the  2c  surface  crack  length  progression.  The  titanium  marked 
very  poorly  and  it  was  extremely  difficult  to  measure  crack  depth 
progression.  About  half  of  the  da/dN  specimens  were  statically 
tested  when  the  crack  progressed  through  the  back  surface  to  an 
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Figure  95  Surface  Flawed  Crack  Growth  Rate  Specimens  in  Test 
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Electronic  Control  Equipment  for  Crack  Growth  Rate  Testing 


approximately  3/4  inch  back  surface  crack  length.  About  midway 
through  the  program  it  was  decided  to  continue  gathering  da/dN 
data  for  a  through  crack  condition. 

The  titanium  specimens  were  axially  precrack  conditioned 
after  initial  bending  fatigue  in  a  50,000  lb.  MTS  electro-hydraulic 
machine.  This  was  necessary  because  much  higher  loads  were 
required  to  propagate  the  surface  flaws.  The  360  cpm  specimens 
were  also  completely  tested  in  the  MTS  machine. 

Eight  Layer  Spectrum  Program 

Testing  of  aluminum  surface  flawed  specimens  with  an  8 
layer  spectrum  was  accomplished  in  the  four  station 
frame  by  replacing  the  signal  from  the  function  generators  with 
command  signals  from  a  Varian  Data  Model  620  computer.  It  was 
necessary  to  lower  the  area  by  reducing  the  width  so  as  to  attain 
the  maximum  stress  of  24  ksi.  See  Table  XL  for  Spectrum. 

The  titanium  specimens  having  a  maximum  stress  of  68  ksi  at 
the  100%  layer  were  tested  in  the  100,000  lb.  capacity  CGS  electro- 
hydraulic  fatigue  machine  shown  in  Figure  97  .  The  specimens 
also  had  the  width  reduced  to  2  inches  to  accommodate  the  required 
higher  load. 

Randomized  Spectrum  Test  Program 

The  spectrum  for  this  program  (described  previously  in  this 
report)  selected  for  four  2024-T851  surface  flawed  specimens  was 
composed  of  20  blocks  with  111  layers  per  block.  Spectrum  loading 
was  accomplished  by  replacing  the  signal  from  the  function  genera¬ 
tors  with  command  signals  from  a  Varian  Data  Model  620  computer. 
This  time-share  computer  was  operated  at  a  remove  site  in  the 
Engineering  Test  Laboratory  with  specimens  being  in  the  Figure  95 
test  fixtures. 

Each  block  in  the  spectrum  had  13,756  cycles  which  took 
approximately  26  hours  for  completion.  The  computer  was  programmed 
to  stop  the  test  at  the  end  of  each  block  and  lower  the  load  to  5% 
of  maximum  load.  Every  20  blocks,  a  100%  load  was  applied  at 
Layer  No.  87  automatically  by  the  computer.  The  frequency  varied 
between  6,  60  and  180  cpm.  Environment  was  dry  air  or  water 
saturated  JP4  fuel.  Surface  flaw  2c  readings  were  made  at  end  of 
each  block.  This  spectrum  is  shown  in  Appendix  IX* 
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Fracture  Analysis 


Post  failure  examination  of  the  fracture  surfaces  involved 
measuring  the  crack  depth.,  a9progression  and  correlating  this 
with  the  surface,  2c,  progression.  These  measurements  ranged 
from  relative  ease  for  the  7475  to  extreme  difficulty  for  the 
Ti-8-8-2-3.  Measurements  were  made  from  photographs  and  directly 
from  the  fracture  surface.  In  the  case  of  the  titanium,  darkfield 
viewing  with  a  Carl  Ziess  metallograph  at  150X  was  necessary  to 
follow  and  measure  crack  fronts. 

Fracture  Mechanics  Calculations 


Stress  intensity  factors  were  determined  from  the  following 
equations :  Ut( _ 
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A.  Surface  Flaw 
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B.  Center  Through  Crack 
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where  =  maximum  load 

R  =  stress  factor  =  Pmin 

^raax 

(Tg  =  gross  stress 
W  =  width 
B  =  thickness 
Fty  =  yield  stress 

0  =  elliptical  integral  of  second  order 
c  =  (surface  crack  length) /2 
a  =  crack  depth 
Q  =  flaw  shape  parameter 
8.3.5  Discussion  of  Test  Results 

Tables  and  figures  containing  material  data  are  contained 
in  Appendix  VIII  and  summarized  in  Table  XLI.  Each  specific 
test  is  discussed  below. 

Tensile 

Tensile  test  results  are  contained  in  Tables  XLTV 
through  L  of  Appendix  VIII.  Tensile  values  from  the  1.5 
inch  thick  plate  of  2024-T851  used  for  manufacturing  specimens 
for  the  spectrum/environmental  baseline  fatigue  program  are  in 
Table  XLIV  and  the  0.060  inch  thick  7050-T76  sheet  tensile  data 
at  room  and  elevated  temperature  is  in  Table  XLV.  The  effect 
of  elevated  temperature  on  room  temperature  properties  tested 
both  at  elevated  temperature  and  at  room  temperature  after  expo¬ 
sure  are  shown  in  Figures  83  through  86  of  Appendix  VIII. 
The  Convair  tensile  values  at  room  and  elevated  temperature  from 
the  3.0  inches  thick  by  60  inches  wide  7050-T73651  plate  are  in 
Table  XLVI.  The  effect  of  elevated  temperature  on  room  tempera¬ 
ture  7050-T73651  plate  properties  tested  both  at  elevated  tempera¬ 
ture  and  at  room  temperature  after  exposure  are  shown  in  Figures 
87  through  90  .  Table  XLVII  contains  Alcoa  test  data 

from  the  ends  of  the  parent  plate  of  7050-T73651  from  which  the 
3.0"  x  60"  wide  x  50"  long  piece  of  plate  used  at  Convair  was 
cut.  The  Convair  tested  material  has  significantly  lower  ductility 
in  the  short  transverse  direction  than  the  Alcoa  tests.  Two 
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SUMMARY  OF  MECHANICAL  PROPERTIES  OF  ALLOYS 
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*Kq,  NM  -  Not  measured.  £Ref.  9  on  2  Inches  thick  plate 
$  Crack  Loading/Propagation  Direction  L-S  Unless  Noted  Otherwise 


reasons  for  the  differences  would  be  location  of  specimens  and 
exactness  of  measuring  and  marking  gage  marks  for  elongation 
determination.  It  can  be  noted  from  Figure  75  of  Appendix  VIII 
Convair  test  specimens  were  removed  from  an  area  between  the  one- 
quarter  width  points.  This  contains  the  area  of  lowest  ductility 
on  plates  of  other  aluminum  alloys  and  probably  did  on  the  test 
plate  of  7050-T73651.  Convair  "tight"  testing  method  for  elonga¬ 
tion  involved  precision  marking  and  measuring  gage  marks  to 
nearest  0.002  inch. 

Table  XLVII  contains  room  temperature  tensile  test  data 
from  0.125  inch  thick  7475-T761  sheet  and  1.5  inches  thick  7475- 
T7351  plate. 

Table  XLIX  contains  room  temperature  tensile  test  data 
on  the  0.125  inch  thick  Ti-8Mo-8V-2Fe-3Al  condition  STA  sheet  both 
"as  received"  and  after  additional  aging  at  Convair.  The  addi¬ 
tional  aging  was  an  attempt  at  raising  the  ductility  and  notched 
fatigue  life,  and  still  obtain  a  target  minimum  tensile  ultimate 
strength  of  175  ksi.  Part  of  the  Kt  =  3  edge  notched  flat  fatigue 
specimens  were  tested  from  both  strength  levels. 

Table  L  contains  room  temperature  test  data  on  1.0 
inch  thick  condition  STA  Ti-8Mo-8V-2Fe-3Al  titanium  alloy.  All 
material  for  Ti-8-8-2-3  titanium  plate  specimens  received  the 
additional  aging  noted  in  Table  L  at  Convair.  Note  the 
directionality  effect  of  cross  rolling  on  the  tensile  properties 
of  this  one  inch  thick  plate.  Part  of  the  longitudinal  specimens 
would  not  meet  a  target  of  175  ksi  ultimate  tensile  strength. 

Compression 

Tables  LI  and  LII  contain  room  and  elevated  tempera¬ 
ture  compression  test  data  on  0.060  inch  thick  7050-T76  sheet 
and  3.0  inches  thick  7050-T73651  plate,  respectively.  Figures 
91  and  92  show  the  effect  of  elevated  temperature  on 

the  compression  properties  of  7050-T76  sheet  and  7050-T73651 
plate,  respectively. 

Fracture  Toughness 

Fracture  toughness  (Kjc)  values  for  the  1%  inches  thick 
2024-T851  aluminum  alloy,  3.0  inches  thick  7050-T73651  aluminum 
alloy,  1.5  inches  thick  7475-T7351  aluminum  alloy,  and  1.0  inch  thick 
Ti-8Mo-8V-2Fe-3Al  titanium  alloy  plate  in  this  program  shown  in 
Tables  LIII  through  LVI  .  Toughness  values  on  the  3.0 
inches  thick  by  60  inches  wide  7050-T73651  plate  were  below 
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expectation  compared  with  limited  testing  by  Alcoa  in  the  develop¬ 
ment  stages  of  the  alloy  7050.  At  least  six  subsequently  manu¬ 
factured  lots  of  7050-T73651  plate  have  shown  higher  toughness. 

Alcoa  personnel  have  expressed  the  opinion  that  the  Table  LIV 
Kj  values  are  expected  to  represent  the  lower  limit  for  7050- 
T7§651  plate. 

The  1.5  inch  thick  7475-T7351  plate  was  the  toughest 
structural  aluminum  alloy  plate  material  ever  tested  at  Convair. 

Although  the  1.5  inch  thick  compact  tension  specimen  used  was _ 

valid  for  47  ksi-fln. ,  Kq  values  obtained  were  63  to  65  ksi-fin. 
for  the  L-T  direction.  All  validity  requirements  of  ASTM  E399-T71 
were  met  except  specimen  thickness. 

There  were  no  directionality  effects  in  the  Kxc  of  the  Ti- 
8Mo-8V-2Fe-3Al  plate  in  the  two  directions  tested,  T-L  and  L-T, 

Typical  fractures  of  the  fracture  toughness  specimens  are 
shown  in  Figure  93. 

Stress  Corrosion  (Kts^) 

Fatigue  cracked  compact  tension  3%%  NaCl  water  environmental 
sustained  load  stress  corrosion  test  data  are  shown  in  Tables 
LVII  and  LVIII  for  7050-T73651  aluminum  alloy  and  Ti-8Mo-8V- 
2Fe-3Al  titanium  alloy  plate. 

The  7050-T73651  plate  appeared  to  be  resistant  to  stress 
corrosion  cracking  in  the  S-L  direction  (normally  for  aluminum 
alloys  the  least  resistant  direction).  Three  specimens  were  tested 
over  1000  hours  at  KI;L  =  0.84  to  0.97  KIc  with  no  crack  growth 
recorded.  Because  of  difficulty  encountered  with  corrosion 
products  clogging  the  notch  in  the  compact  tension  stress  corro¬ 
sion  specimens  tested  with  a  stagnant  environment,  one  specimen, 
50-58,  was  tested  with  a  flowing  environment  and  =  0.97  K^c. 

The  3.5%  NaCl  corrodent  was  gravity  fed  at  a  flow  rate  of  one 
quart/hour  through  the  notch.  No  effect  on  SCC  properties  was 
detected  in  1000  hours  despite  keeping  the  notch  front  free  of 
stagnant  corrodent.  One  specimen  was  step-loaded  as  shown  in 
Figure  94  and  no  corrosive  crack  growth  was  observed  at 
slightly  less  than  KIc.  Despite  the  lower  ductility  and  tough¬ 
ness  for  this  plate  than  had  been  expected,  the  7050  had 
excellent  stress  corrosion  properties. 

The  step-loading  SCC  procedure  was  very  effective  in  establish¬ 
ing  the  Kt  of  the  Ti-8M0 -8V-2Fe-3Al  plate.  As  shown  in  Figure 
95  tSe  KIscc  of  the  plate  in  either  the  L-T  or  T-L  direction 
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was  23  ksi- fin.  or  447,  of  Kjc.  No  incubation  time  or  slow  sub- 
critical  crack  growth  was  measured.  Six  of  the  specimens  failed 
within  5  minutes  of  being  loaded  at  or  above  Kjscc  and  only  one 
specimen  showed  slow  crack  growth  for  0.7  hour. 

Fatigue 

Notched  axial  fatigue  data  for  Kt  =  3  or  5  at  R  =  0.1  are 
shown  in  Tables  LIX  through  LXIV  for  longitudinal 
edge-notched  specimens  from  each  sheet  and  plate  material  in 
this  test  program.  =  2  tests  were  substituted  for  the  K  =  5 

Ti-8-8-2-3  plate  specimens.  Notched  tensile  values  were  obtained 
on  "run-out"  specimens  after  each  had  been  fatigued  for  the 
number  of  cycles  shown.  These  results  are  shown  in  Table 
LXV.  The  fracture  surfaces  were  examined  for  fatigue  cracks 
which  would  have  lowered  the  notch  strength  because  of  a  higher 
stress  concentration.  Plots  of  the  S-N  data  are  summarized  in 
Figures  96  and  97  .  Individual  material  plots  are  shown 
in  Figures  98  through  103  . 

From  Figures  96  and  97  ,  it  can  be  seen  that  both 
the  7050  and  7475  plate  aluminum  alloys  had  better  room  tempera¬ 
ture  notched  axial  fatigue  strength  than  2024-T851  plate  currently 
used  in  the  F-lll  wing.  The  improvement  at  Kt  =  3  was  more  signif¬ 
icant  than  at  Kt  =  5.  At  Kt  =  3,  7050  plate  had  better  fatigue 
strength  than  another  high  strength  Al-Zn-Mg  alloy,  7079.  Thus, 
the  7050-T73651  alloy  has  combined  excellent  stress  corrosion 
resistance  with  good  fatigue  strength.  At  the  higher  stress 
concentration  of  Kt  =  5  there  was  very  little  difference  in  fatigue 
strength  at  10^  cycles  for  the  7050,  7475,  and  7079  alloys  in 
plate  form.  At  Kj.  =  3  the  7050-T73651  plate  had  a  slightly  higher 
endurance  limit  than  the  7475-T7351  plate. 

The  notched  fatigue  properties  of  the  7050  sheet  were  lower 
than  expected  for  such  a  high  tensile  strength  material.  Recent 
data  by  Alcoa  (Ref.  2  )  is  plotted  on  Figure  98  .  As  can  be 
seen,  the  Alcoa  data  was  consistently  higher  with  an  endurance 
limit  of  15.5  ksi  being  obtained  compared  to  12  ksi  for  the 
Convair  data.  The  reason  for  the  difference  could  be  either  a 
variation  in  properties  from  one  sheet  to  another  or  a  difference 
in  manufacturing  techniques  in  notch  preparation.  The  Convair 
specimens  were  tested  in  the  "as  milled"  condition  with  no  notch 
polishing  other  than  careful  sanding  of  the  edges  of  the  notch 
to  produce  about  a  .005  inch  radius. 

Good  agreement  was  obtained  between  Convair  and  Kt  =  3 
fatigue  data  from  an  Alcoa  modified  Goodman  diagram  for  the  7475 
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sheet  as  shown  on  Figure  100.  The  scatter  in  points  for  the 
Convair  data  and  the  limited  definition  of  the  Kj.  ■  5  curve 
indicate  the  need  for  further  testing  to  establish  more  confidence 
in  the  fatigue  curves.  The  small  number  of  twelve  specimens  were 
intended  to  screen  materials  to  determine  which  materials  were 
worthy  of  establishing  complete  S/N  curves  during  following  study/ 
design  phases. 

The  fatigue  data  for  the  Ti-8-8-2-3  sheet  was  surprisingly 
low.  The  Kt  =  3  endurance  limit  of  25  ksi  was  only  147.  of  the 
ultimate  strength  of  the  material.  The  K^.  «  5  endurance  limit  of 
15  ksi  was  87.  TUS.  Because  of  the  difficulty  in  machining  the 
STA  condition  titanium,  the  notches'  in  the  sheet  had  to  be  ground. 
Some  burning  of  the  side  of  the  notch  was  noted  as  shown  in  Figure 
104  but  the  base  of  notch  did  not  show  any  affects  of  localized 
heating.  Referring  to  Table  LXIII,  it  can  be  seen  that  part  of 
the  Kt  ■  3  sheet  specimens  were  reaged  for  6  hours  at  1050F  to 
reduce  the  ultimate  strength  from  193  to  184  ksi.  No  effect  on 
fatigue  properties  was  observed.  Thus, if  any  resolutioning  had 
occurred  from  the  heat  of  grinding,  the  aging  treatment  should 
have  partially  compensated  the  effect,  of  course,  the  effect 
of  hydrogen  contaminate  pick  up  would  not  be  eliminated. 

A  comparison  of  the  Kt  ■  3  fatigue  data  for  Ti-8-8-2-3  sheet 
and  plate  shows  the  plate  having  a  4  ksi  higher  endurance  limit 
than  the  sheet.  Machining  techniques  had  been  improved  by  the  time 
the  plate  arrived  so  that  the  Kt  =  3  specimen  notches  were  milled 
rather  than  ground.  It  is  possible,  therefore,  that  higher  results 
could  have  been  obtained  for  the  sheet  if  the  notch  had  been 
milled  instead  of  ground.  The  Rf.  =  2  notch  of  the  plate  was 
sufficiently  large  to  permit  hand  polishing. 

In  comparison  to  other  reported  data  on  Beta  titanium  alloys, 
in  the  STA  condition,  Ti-8-8-2-3  appears  to  have  inferior  notched 
fatigue  strength  as  shown  below : 


Kt  «  3,  R  -  0.1 

Alloy  Form  Life  at  107  Cycles  Ref 


Ti-13V-llCr-3Al  Sheet 


Ti-8-8-2-3  Plate 


Beta  III  Sheet 

Beta  C  Billet 
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30 
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4 
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However,  comparison  to  data  generated  in  the  AMAVS  program  at 
Convair  on  Beta  C  shown  in  Figure  105  indicates  the  results 
fall  within  the  range  of  the  Ti-8-8-2-3  plate  curves.  For  designs 
that  eliminate  holes  in  Condition  STA  Ti-8-8-2-3,  such  as  in 
brazed  structure,  fatigue  life  would  be  considerably  raised  as 
shown  for  Kt  =  2.0  data. 

Fatigue  Crack  Growth  Rate 

The  results  of  the  da/dN  tests  on  the  7050,  7475  and  Ti-8-8- 
2-3  plates  are  presented  in  the  computer  printout  of  Tables 
LXVI  through  LXXXII.  The  computer  plots  of  the  da/dN  data  are 
contained  in  Figures  106  thru  125  (App.  VIII).  Besides  the  basic 
da/dN  vs  AK  data,  points  are  also  plotted  of  the  change  in  one 
half  the  surface  flaw  crack  length,  dc/dN,  and  the  change  in  the 
flaw  shaped  parameter,  d(a/Q)/dN.  For  through-crack  conditions, 
plots  of  dc/dN  are  also  provided.  The  slopes  M,  and  intercepts 
C,  of  the  da/dN  were  determined  by  a  least  squares  regression 
analysis  of  individual  data  points.  The  Paris-Erdogan  relation 
for  crack  growth  was  applied, 

da/dN  =  C  AKm, 

to  establish  the  straight  line  function.  A  compilation  of  these 
slopes  and  intercepts  for  the  materials,  crack  growth  directions, 
cyclic  rates  and  environments  studied  is  presented  in  Table 
DQCXDX  A  composite  of  da/dN  curves  for  the  individual  materials 
is  given  in  Figures  126  through  128 

Two  of  the  da/dN  curves  have  very  limited  data  because  of 
premature  failures  resulting  from  secondary  cracks  starting  from 
the  back  surface  or  a  corner.  The  back  surface  crack  originated 
during  the  bending  precrack  operation.  This  problem  was  eliminated 
by  finish  machining  the  back  surface  after  precracking  the  surface 
flaw.  The  corner  failure  originated  from  a  sharp  edge  which  had 
not  been  properly  deburred.  Three  other  specimens  failed  from  hole 
failures  despite  the  installation  of  a  1/8"  thick  bronze  bushing 
press-fitted  into  all  holes  to  eliminate  fretting.  These  fail¬ 
ures  were  traced  to  improper  hole  machining  and  deburring. 

Six  of  the  specimens  have  both  surface  flaw  and  center 
through-crack  da/dN  curves.  This  reflects  an  added  effort  to 
obtain  more  crack  growth  data  in  the  faster  da/dN  ranges.  The 
specimen  width  and  thickness  limited  the  amount  of  data  which 
could  be  obtained  before  back  surface  penetration  occurred.  It 
should  be  noted  that  the  crack  propagation  direction  .translates 
from  the  "S"  to  the  "T"  or  "L"  direction  as  the  crack  becomes  a 
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through  crack. 

As  seen  in  Figures  126  through  129  the  crack  shape 
transition  from  a  surface  flaw  to  a  through  crack  is  accompanied 
by  a  decrease  in  the  rate  of  crack  growth.  This  is  partially 
explained  by  the  90°  switch  in  the  direction  of  crack  growth 
measurement.  Also  plotted  on  Figure  126  are  some  comparative 
compact  tension  data  on  7050-T73651  (Ref.  7)  from  Rockwell 
International's  B-l  program  run  under  identical  conditions  to 
the  dry  air  -360  CPM-  R  =  0.3  data.  As  can  be  seen  from  the  data, 
the  crack  growth  rate  of  the  compact  tension  specimen  is  slower 
than  for  the  surface  flaw  specimen.  Also  included  on  the  same 
figure  is  data  on  1-3/8"  thick  2024-T851  plate.  It  was  tested 
(Ref.  5)  as  a  center  crack  tension  specimen  under  nearly  identical 
circumstances  except  that  the  environment  was  lab  air,  20-607. 
relative  humidity.  The  results  indicate  that  7050  would  have 
superior  dry  air  crack  growth  resistance  particularly  at  slow 
crack  rates  <L0”°  inch/cycle. 

The  effects  of  crack  growth  direction,  cyclic  rates  and 
environment  are  difficult  to  differentiate  because  of  the  scatter 
in  data.  First,  consider  the  7050  plate  results  in  Figure  VIIX-58. 
At  slow  cyclic  crack  growth  rates  of  10”^  inch/cycle,  there  is  no 
significant  difference  in  the  range  of  stress  intensity  factor, 
aK  for  the  L-S  or  T-S  specimens.  In  the  range  10”  to  10“^ 
inch/cycle  the  L-S  direction  fatigue  cracked  slower  than  the  T-S 
direction.  In  a  surface  flaw  configuration,  no  significant  effects 
were  observed  from  the  3.57.  NaCl  environment  or  changing  the 
cyclic  rate  from  6  to  60  CPM.  In  a  through  crack  condition  the 
crack  growth  in  the  T-L  direction  was  greater  at  6  CPM  than  at 
60  CPM 

For  the  7475  plate  ,da/dN  results  shown  in  Figure  127  , 
the  L-S  direction  had  slower  crack  growth  in  dry  air  than  the 
T-S  direction.  The  effect  of  3.57.  NaCl  environment  at  60  CPM  was 
to  increase  the  crack  growth  in  the  T-S  direction  compared  to  the 
dry  air  results.  For  example  at  AK  =  5  ksi-  fin.  the  da/dN  would 
double  to  1.5  x  10"^  inch/cycle.  This  same  effect  was  observed  in 
the  L-S  direction  for  the  6  CPM  results.  However,  as  the  crack 
growth  rate  increased  above  10”  ^  inch/cycle,  the  effect  was  less 
pronounced.  Comparison  to  compact  tension  7075-T7351  plate  results 
(Ref.  8)  shows  that  the  7475-T7351  surface  flaw  configuration 
provides  a  more  severe  crack  growth  condition. 

The  effects  of  crack  growth  direction  on  the  da/dN  results 
were  not  well  defined  for  the  Ti-8-8-2-3  plate, as  shown  in  Figure 
128.  The  dry  air-surface  flaw  curves  and  the  60  CPM,  3.57. 
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NaCl  through  crack  curves  cross  each  other  showing  faster  crack 
growth  rates  for  the  L-S  or  L-T  directions  than  the  T-S  or  T-L 
directions.  Such  differences  were  not  observed  in  the  aluminum 
alloys.  Considering  the  KIscc  results,  such  anisotrophy  was  not 
demonstrated.  There  was  very  little  difference  in  the  longitu¬ 
dinal  and  transverse  directions.  The  tensile  results  for  the 
Ti-8-8-2-3  plate  did  show  higher  TUS  (182  vs  174  ksi)  in  the  long 
transverse  direction. 

A  comparison  of  the  60  CPM  -3.57.  NaCl  results  shows  the 
expected  slower  crack  growth  rates  in  the  L-S  direction.  The  dry 
air  T-S  results  more  closely  parallels  the  60  CPM  3.5%  NaCl  results 
than  do  the  L-S  dry  results.  Consider  the  method  in  which  the 
tests  were  conducted  as  observed  in  Tables  LXVI  through 

LXXXI  .  It  can  be  seen  that  the  loads  were  increased  as  the 

crack  grew  for  all  specimens  except  the  L-S  dry  air  specimen. 
Possibly  some  stress  level  effects  as  proposed  by  Tiffany  caused 
the  variation  in  results.  The  effect  of  3.5%  NaCl  was  to  double 
the  crack  growth  rate  of  the  surface  flawed  T-S  specimens  at  rates 
above  10"6  inch/cycle.  The  effect  of  3.5%  NaCl  on  the  crack 
growth  rate  was  much  greater  in  the  10"^  inch/cycle  range  where  a 
through  crack  existed.  In  this  range  the  crack  growth  rate 
increased  by  a  factor  of  four  in  going  from  dry  air  to  3.5%  NaCl 
environment.  Unfortunately,  the  6  CPM  test  was  not  completed  in 
time  to  be  reported. 

A  comparison  of  the  overall  results  of  each  material  is 
plotted  in  Figure  129  showing  the  relative  position  of  the 
envelope  of  results,  regardless  of  test  conditions.  As  can  be 
seen,  the  aluminum  alloys  more  or  less  coincide  with  each  other. 

The  crack  growth  rates  for  the  Ti-8-8-2-3  STA  plate  are  lower. 

Photographs  of  the  constant  amplitude  da/dN  fracture  surfaces 
are  given  for  each  specimen  tested  in  Figures  130  ,  131  ,  and 

132  .  it  is  evident  that  the  flaw  shape  for  the  7475  could  be 

established  very  easily  by  the  marking  bands  established  by  lower¬ 
ing  the  AK  by  257. .  The  7050  crack  shapes  were  somewhat  more 
difficult  to  ascertain.  The  Ti-8-8-2-3  fracture  surfaces  were 
extremely  difficult  to  analyse  for  crack  shape  progression. 

Spectrum  fatigue  crack  progression  was  more  easily  defined  as  is 
evident  in  the  fracture  surfaces  shown  in  Figure  133.  A  summary 
of  the  spectrum  fatigue  tests  are  given  in  Section  7  Fracture 
Analysis  of  this  report. 
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8.4  SELECTED  MATERIALS 


Since  the  selected  designs  for  Phase  lb  are  mainly  of  sheet 
construction,  more  testing  emphasis  in  Phase  lb  will  have  to  be 
placed  on  sheet  properties.  In  the  aluminum  choices  from  a  sheet 
product,  7050-T76  won  over  7475-T761  even  though  the  7475  alloy 
has  higher  toughness.  In  consideration  of  thin  sheet  <.125  inch 
thick,  plane  stress  or  mixed  mode  failure  considerations  plus 
the  higher  strength  of  7050-T76  indicate  it  to  be  adequate  from 
a  fracture  mechanics  standpoint  and  the  strongest  of  the  two. 

Time-temperature  combinations  for  elevated  temperature 
exposure  are  critical  in  aluminum  alloy  selection.  Because  high 
maneuver  loads  on  the  F-lll  come  at  points  during  flight  where 
the  temperature  is  less  than  200°F} 7050-T76  is  slightly  superior 
in  strength  to  2024-T81  and  should  prove  tougher  than  2024-T81. 
However,  if  the  performance  of  a  vehicle  were  raised  so  that 
maneuvers  occurred  at  higher  temperatures  than  270°F,  a  shift  to 
one  of  the  2000  series  alloys  shown  in  Table  XXXVII,  would  be 
necessary.  The  high  values  obtained  during  the  small  amount 
of  testing  to  date  on  both  the  Alcan  GB  X3058  and  the  Reynolds 
X2048  sheet  products  are  very  attractive.  The  smaLl  amount  of 
testing  indicates  that  both  alloys  have  strength  at  elevated 
temperatures  near  that  of  2024-T81.  For  Phase  lb  program  7050 
products  have  been  selected  since  the  design  data  is  more  nearly 
complete  and  indicated  temperature  effects  are  not  damaging  enough 
to  warrant  the  large  testing  program  needed  for  the  two  newer 
alloys . 

Even  though  the  STA  condition  of  Ti-8-8-2-3  titanium  alloy 
sheet  appears  to  have  some  notched  fatigue  problems  at  a  high  Kj. , 
the  designs  selected  have  low  and  the  high  strength  can  be 
used  to  advantage.  At  the  start  of  Phase  lb ,  if  it  has  been 
determined  from  the  in  house  AMAVS  test  program  that  Beta  C  has 
an  advantage  at  low  K^,  a  change  could  be  made  to  the  Beta  C 
alloy.  Vendor  production  capabilities  should  be  more  clearly 
defined  on  both  Ti-8-8-2-3  and  Beta  C  at  that  time. 

In  Phase  lb  extensive  bonding  studies  will  need  to  be 
conducted  on  7050-T76  sheet.  For  adhesives  to  operate  in  the 
250-300°F  range  presently  used  adhesive  system  are  cured  at 
350°F.  Since  the  350°F  cure  would  be  detrimental  to  a  7000  series 
alloy's  strength,  the  adhesive  used  will  be  one  of  the  epoxy- 
novalac  adhesives  recently  available  that  cure  at  270°F  and  can 
be  used  at  higher  temperatures.  Also  in  Phase  lb ,  joint  allowables 
and  the  effect  of  the  brazing  temperatures  on  the  STA  condition  of 
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both  Ti-6A1-4V  and  Ti-8-8-2-3  titanium  alloys  will  be  determined. 
The  brazing  alloy  to  be  used  is  presently  being  developed  under 
a  corporate  funded  IRAD  program. 
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SECTION  IX 


VALUE  ENGINEERING 


Accurate  cost  data  has  been  computed  for  design  concepts 
at  each  phase  of  the  program  identifiable  by  element  within 
the  concept.  These  costs  were  then  used  to  identify  to  the 
designer  the  areas  within  a  concept  that  contribute  the  most 
to  the  total  cost  and  need  further  trade  study  effort.  The 
final  concept  costs  have  then  been  used  to  arrive  at  a  weighted 
cost  score  as  a  part  of  the  overall  evaluation  and  ranking  for 
each  phase  of  the  Phase  IA  effort. 

9.1  COST  ESTIMATING  PROCEDURES 

The  ground  rules  for  Phase  IA  were  established  at  the 
beginning  of  the  program  and  the  baseline  costs  were  defined. 
This  was  reported  in  FZM-5990  entitled  "Advanced  Air  Superiority 
Fighter  Wing  Structures  Baseline  Definition  Cost  Description" 
and  these  details  are  described  in  Volume  III  Appendix  VII 
of  this  report. 


9.1.1  Detail  Estimates 

The  detail  estimates  were  developed  in  consonance  with 
Industrial  Engineering,  Tooling,  and  Material  Department 
estimators.  A  "grass  roots"  type  estimating  system  was  used 
which  utilized  vendor  material  quotes  and  data  from  recent 
purchase  orders  in  conjunction  with  manufacturing  and  tooling 
time  standards.  Experience  curves  were  then  used  to  project 
these  standards  to  the  appropriate  baseline  unit  and  in  accord 
with  the  program  groundrules.  The  aforementioned  departments 
provided  the  designers  with  detail  costs  to  the  level  of 
fasteners,  adhesives,  etc.,  that  resulted  in  highlighting  areas 
of  excessive  cost  concepts  and/or  manufacturing  techniques  so 
that  cost  effective  final  wing  configurations  are  achieved. 

The  detail  cost  estimates  were  developed  for  all  concepts, 
including  the  baseline,  at  each  of  the  following  phases  of  the 
Phase  IA  effort: 

(a)  Cross  Section  Concepts 

(b)  Analytical  Assembly  Concepts 

(c)  Optimized  Full  Wing  Box  Concepts 
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9.1.2  Example  of  Detail  Estimating 
Procedures 

Analytical  Assembly  610RA006  (reference  Figure  98)  will  be 
used  to  provide  an  explanation  of  the  detail  estimating  procedure 
used  in  this  program.  This  particular  analytical  assembly  is 
traceable  to  element  concepts  610-132,  610-127,  610R-013B  and 
610R029  (reference  Appendix  I,  Volume  II)  one- inch  cross 
section  concepts  No.  610R013B,  610R029  (reference  Appendix  II, 
Volume  II)and  full  wing  drawing  No.  610RW003  (reference 
Appendix  IV,  Volume  II)  the  number  one  ranked  full  wing  concept. 

References  to  Tables  which  are  in  this  particular  section 
will  be  to  the  Tables  on  Figure  98.  The  explanation  will  start 
with  Table  II  since  Table  I  details  are  contained  therein. 

The  particular  portion  of  this  Table  pertinent  to  this  discussion 
is  as  follows: 


Table  II  -  -801  Lower  Surface  Assembly 

No.  Raw  Stock  Finished 

Detail  Part  No.  &  Name  Req'd  Weight  Weight 


-7 

Front  Spar 

1 

233.52 

15.79 

-9 

Fwd.  Aux.  Spar  Cap 

1 

67.52 

21.46 

-11 

Center  Spar  Cap 

1 

61.12 

18.54 

-13 

Aft  Aux  Spar  Cap 

1 

55.06 

14.91 

-15 

Rear  Spar 

1 

206.01 

10.75 

All 

Lower  Surface  Skin 
(See  Table  I) 

- 

54.55 

Adhesive  63.25  ft.^ 

- 

6.33 

Factory  Estimates 

There  are  a  number  of  different  Industrial  Engineering  techniques 
for  use  in  arriving  at  the  anticipated  cost  of  a  machined  part. 
For  instance:  use  of  feed  and  speed  data  in  conjunction  with 
square  inches  and  depth  of  material  to  be  removed,  similarity 
of  parts  and  use  of  historical  data,  pounds  of  material 
removed,  etc..  The  particular  method,  which  is  used  by  an 
Industrial  Engineer  in  arriving  at  the  most  accurate  projected 
cost  of  machining,  is  a  matter  of  part  configuration  and 
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and  engineering  judgement.  In  each  instance  Industrial  Engineer¬ 
ing  used  the  technique  which  they  determined  would  give  them 
the  greatest  degree  of  accuracy  in  their  estimate.  In  providing 
the  detail  estimates  for  the  -7,  -9,  -11,  -13  and  -15  spars,  the 
manufacturing  man-hour  task  was  developed  through  application  of 
a  manufacturing  estimating  standard  involving  use  of  an  aluminum 
material  removal  rate  factor.  There  are  two  of  these  factors:  one 
for  machining  the  other  for  hand  finishing  after  machining.  For 
example,  on  the  -7  front  spar  the  following  calculations  and 
formulas  were  used  in  arriving  at  a  labor  cost: 

.  Raw  Stock  weight  less  finished  weight  equals  pounds  of 
material  removed  (233.52  -  15.79  equals  217.73#). 

.  (Pounds  of  material  removed)  X  (Material  removal  rate  time 
standard  for  machining  aluminum)  equals  machine  hours. 

.  (Pounds  of  material  removed)  X  (Time  standard  for  material 
removal  rate  for  hand  finishing)  equals  hand  finish  hours. 

.  (Machine  hours  +  hand  finish  hours)  X  (Processing  factor  5%) 
equals  #1  Manufacturing  hours  for  the  -7  detail. 

•  (#1  Manufacturing  hours)  X  (Learning  curve  factor  at  Unit 
No.  506)  equals  Manufacturing  hours  for  -7  front  spar 
(20.57  hrs.). 

.  A  composite  rate  was  established  for  factory  operation  such 
as  direct  labor  costs,  quality  control,  overhead,  etc.  The 
composite  rate  was  then  applied  to  the  detail  manufacturing 
hour  cos ts  to  provide  a  dollar  cost  for  manufacturing. 

The  -7  front  spar  factory  cost  was  for  example  established 
at  $276.46. 

The  same  factory  man-hour  development  and  composite  rate 
application  procedure  was  used  in  arriving  at  costs  for  each 
of  the  other  spars  in  Table  II.  It  was  also  used  in  arriving 
at  the  $132.68  manufacturing  cost  for  the  -65  upper  skin  which 
is  called  out  in  the  -1  analytical  assembly  concept  summary  Table. 

The  eighteen  lower  surface  skins  were  costed  in  a  detail  manner 
using  manufacturing  estimating  time  standard  data  for  shearing 
each  skin  to  size,  deburring,  and  processing.  Both  set-up  and 
operational  costs  were  considered.  The  set-up  costs  were 
prorated  over  an  assumed  50  unit  production  lot.  The  #1  produc¬ 
tion  unit  cos t  was  ascertained  and  projected  on  a  learning  curve 
to  unit  #506. 
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Factory  man-hour  costs  for  bonding  of  the  Table  II  details 
were  developed  through  use  of  bonding  standard  factory  hour 
historical  data.  Again,  there  are  a  number  of  methods  for 
gathering  bonding  standard  hour  data.  Convair  standard  data 
used  in  developing  the  cost  for  bonding  the  -801  Lower  Surface 
Assembly  involved  use  of  bonding  hours  based  on  the  number  of 
square  foot  of  surface.  After  developing  the  square* feet  of 
surface  area  in  this  particular  assembly,  the  following  formulas 
were  applied  in  arriving  at  a  manufacturing  cost: 

o  Number  one  unit  bonding  cost  per  square  foot  times  the 
number  of  square  feet  equals  unit  number  one  factory 
cost  for  the  assembly. 

o  Number  one  unit  costs  for  the  factory  man-hours  were 
then  projected  on  a  learning  curve  to  production  unit 
#506  manhour  cost  of  35.7  labor  hour. 

o  A  composite  factory  rate  was  then  applied  to  arrive  at 
a  cost  of  $479.81  for  bonding  the  -801  Lower  Surface 
Assembly. 

Tables  III,  IV  and  V  of  Figure  98  contain  the  detail  informa¬ 
tion  on  the  forward  auxiliary,  center,  and  aft  auxiliary  spars, 
respectively.  Information  from  Table  III  will  be  used  to  illus¬ 
trate  the  methods  used  in  arriving  at  a  factory  man-hour  cost 
for  one  of  the  inner  spar  assemblies.  The  remaining  two 
assemblies  used  exactly  the  same  approach. 

Table  III  identifies  the  details  in  the  -803  Forward  Auxiliary 
Spar  Assembly,  specifically  the  -53  Forward  Auxiliary  Cap, 
the  -59  spar  web  and  .04  pounds  of  adhesive. 

The  -53  forward  auxiliary  spar  is  finish  machined  from  an 
extrusion.  In  calculating  the  machining  cost,  a  factory  time 
standard  was  used  involving  the  numbers  of  finish  machine 
passes,  the  length  of  the  part  and  the  number  of  surfaces  to 
be  finished. 

The  calculated  inches  of  machining  was  multiplied  times  the 
standard  hours  per  inch  of  machining  to  arrive  at  a  machining 
hour  estimate.  Costs  for  the  other  operations,  such  as  sawing 
the  extrusion  to  size,  part  numbering, processing,  etc.,  were 
factored  from  historical  standard  data  and  Industrial  Engineer¬ 
ing  judgement  at  two  and  one-half  times  the  cost  of  the  machine 
operation.  Total  cost  for  the  cap  was  established  at  .69 
manhours.  A  composite  labor  rate  was  applied  to  the  labor  hours 
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to  arrive  at  a  factory  cost  of  $9.27  for  the  -53  forward 
auxiliary  spar  cap. 

The  -59  corrugated  spar  web  costs  were  developed  considering 
that  the  bends  would  be  accomplished  on  the  brake  machine.  The 
bend  form  operations  were  calculated  by  counting  the  number  of 
bends  that  would  be  necessary  in  a  48"  section  predicated  on  one 
bend  for  each  2  1/2"  span.  A  standard  set-up  time  for  the 
brake  machine  was  prorated  over  an  assumed  fifty  unit  production 
lot.  The  estimating  standard  for  the  brake  machine  run  time 
was  then  used  to  develop  costs  for  the  forming  operation  using 
a  formula  of  (48"  wing  span  2.5"  spacing/bend)  X  (Manufacturing 
standard  hour  per  bend) .  Cost  of  the  forming  operations  was  then 
added  to  the  proportionate  share  of  set-up  costs  and  the  total 
multiplied  by  120%  to  account  for  added  processing  costs. 

Trimming  the  corrugated  spar  web  to  size  was  calculated  using 
saw  set-up,  part  handling  and  layout,  sawing,  and  burring  standards. 
For  the  sawing  and  de- burring  costs  the  number  of  inches  of  trim 
were  calculated  and  multiplied  times  the  manufacturing  standard 
estimating  factor  for  sawing  and  de-burring.  This  factor  is 
calculated  on  a  per  inch  basis.  Parts  handling  and  layout  cost 
are  a  standard  factor  in  the  sawing  operation  and  were  included 
along  with  the  prorata  share  of  saw  set-up  costs  based  on  a 
groundruled  50  unit  production  lot.  After  the  trimming, 
deburring,  set-up,  parts  handling  and  other  costs  were  accumulated 
a  20%  processing  cost  was  added.  The  #1  unit  cost  of  all  the 
forming  and  sawing  operations  was  then  extended  on  a  learning 
curve  to  unit  #506  and  a  composite  labor  rate  applied  to  arrive 
at  a  manufacturing  cost  of  $3.01  per  web. 

Manufacturing  costs  were  then  developed  for  weld  bonding  of 
the  -59,  -61  and  -63  corrugated  spar  webs  to  the  upper  and  lower 
spar  caps.  This  process  combines  spot  welding  and  adhesive 
bonding.  Manufacturing  labor  hours  for  application  of  the 
adhesive,  and  performance  of  the  spot  weld  operations,  were 
determined  after  the  number  of  spots  on  the  upper  and  lower  caps 
was  ascertained.  The  quantity  of  spots  (173)  was  multiplied 
by  the  standard  hour  per  spot  weld.  Learning  curves  were  again 
applied  and  a  total  cost  of  3.2  labor  hours  for  the  -59,  61  and 
-63  corrugated  spars  was  projected.  A  composite  labor  rate  was 
applied  and  a  manufacturing  cost  per  spar  of  $14.34  for  these 
operations  was  determined. 
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Sub-assembly,  assembly  and  other  operations  were  also 
detail  estimated  as  above.  Costs  for  installation  of  the  various 
details  into  the  assembly  fixture  were  also  projected  using  an 
analysis  of  fixture  preparation  time  required,  part  handling 
time,  hole  drilling  cost,  de-burring,  bolt  installation,  etc. 
These  costs  were  projected  to  be  $64.26  per  Analytical  Assembly 
at  Unit  #506. 

The  costs  of  all  the  various  operations,  such  as  parts 
fabrication,  adhesive  bonding,  weld  bonding,  assembly,  etc., 
were  finally  accumulated  to  a  total  manufacturing  cost  of 
112.95  hours  per  48"  assembly. 

Material  Cost 


Material  costs  for  each  of  the  details  were  projected  on 
an  appropriate  dollars  per  pound  basis  for  raw  material. 

Material  cost  estimating  accuracy  requires  that  factors  other 
than  base  price  be  considered.  For  example,  the  base  cost  of 
8AI-IM0-IV  Titanium  is  quoted  at  $7  per  pound.  Thickness  and 
width  costs  are  considered  "extras"  and  in  some  dimensions 
add  $40  per  pound  "extra"  cost  to  the  base  cost  of  the  material. 
Other  extras  that  were  considered  besides  material  size  were 
such  factors  as  cut  length,  heat  treating  and  material  form. 

For  example,  the  -7  front  spar  in  Table  II  was  machined  from 
Raw  7050  aluminum  material  (4.7"  x  9.3"  x  54")  costed  at 
$1. 045/pound.  Material  cost  for  the  -7  was  calculated  by 
multiplying  233.52  pounds  times  $1. 045/pound  for  a  total 
material  cost  of  $244.03.  The  next  item  in  Table  II,  the  -9 
forward  auxiliary  spar  is  machined  from  a  7050  aluminum 
extrusion.  The  cost,  per  pound  of  raw  material  was  adjusted 
for  material  form.  Material  cost  of  the  -9  spar  was  determined 
through  the  following  calculation:  67.52  pounds  of  raw  extruded 
material  times  $2.79  per  pound  equals  $188.38. 

Adhesives  were  calculated  on  the  basis  of  weight.  For 
example,  adhesives  for  the  -803  forward  auxiliary  spar  assembly 
in  Table  III  were  calculated  as  follows:  .04  pounds  times 
$5. 00/pound  equals  $  .20. 

Hardware  was  calculated  on  a  per  item  basis.  For  example, 
the  -1  Analytical  Assembly  Concept  Data  Summary  Table  calls 
for  (96)  C387V4-9  bolts.  These  bolts  were  priced  at  $.44  each 
for  a  total  of  $42.24.  Hardware  cost  call  outs  on  the  610RA006 
Analytical  Assembly  totaled  $251.51. 
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Tooling  Cost 


Tool  Manufacturing  manhours  provide  a  base  from  which 
other  tooling  costs,  such  as  tool  engineering,  tool  maintenance, 
tool  material,  etc.,  can  be  projected  or  to  which  they  can  be 
related.  Tool  Manufacturing  man-hours  were  calculated  by 
Tooling  Department  estimators  using  a  comprehensive  set  of 
tool  manufacturing  time  standards.  These  standards  were 
derived  from  historical  tool  manufacturing  data  and  experience. 
Each  of  the  details  in  the  analytical  assemblies  were  evaluated 
for  tool  manufacturing  manhour  requirements  and  a  composite 
rate  was  applied  to  arrive  at  a  tooling  cost  for  each  concept. 
Rate  tooling  was  also  a  major  consideration  since  a  twenty  unit 
per  month  production  rate  was  specified  in  the  program  costing 
groundrules.  The  basic  and  rate  tooling  for  the  -7  front  spar, 
for  example,  consisted  of  four  mill  fixtures  at  a  tool  manu¬ 
facturing  cost  of  forty  hours  each.  The  composite  rate  was 
applied  to  arrive  at  a  non-recurring  tooling  cost  for  the  -7 
spar  of  $3,347.20.  This  cost  could  then  be  prorated  over 
506  units  at  $6.62  per  unit.  Prorating  the  cost  over  800  units 
would  further  have  reduced  it  to  $4.18.  However,  since  the 
manufacturing  and  material  costs  were  evaluated  at  unit  #506,  a 
like  number  of  production  units  were  assumed  for  consistency 
purposes. 

Another  factor  to  be  considered  in  the  tooling  cost  is 
tool  maintenance.  The  maintenance  rate  was  established  at  1% 
per  month  based  on  total  tool  manufacturing  hours.  This  factor 
is  determined  from  historical  standards  and  can  be  applied  to 
the  -7  spar  for  example  as  follows:  The  sum  of  (160  Tool 
Manufacturing  Hours)  x  (Tool  Maintenance  Rate)  x  (1%  per  month) 
x  (25  production  months)  is  divided  by  506  production  units.  The 
tool  maintenance  cost  for  each  unit  of  the  -7  spar  then  is 
calculated  to  be  $1.06  over  the  life  of  the  program. 

While  this  particular  configuration  tends  to  lend  itself 
to  assignment  of  tooling  cost  on  a  detail  level,  several  of  the 
other  configurations  do  not.  The  question  of  how  to  properly 
allocate  the  cost  of  assembly  tools,  braze  tools,  etc.,  to  a 
detail  level  was  left  unresolved  in  favor  of  providing 
expeditious  recurring  type  costs  to  the  design  team.  Tool 
Manufacturing  hours  were  detail  estimated  and  the  total  cost 
for  these  hours  determined,  however,  the  information  was  left 
available  to  the  design  team  in  the  form  of  tool  manufacturing 
hours  and  is  included  in  the  cost  column  as  a  prorata  share  of 
a  bulk  figure. 


277 


For  example,  Figure  98  shows  a  -1  assembly  cost  of 
$784.95.  Of  that  amount  $198.42  represents  the  prorata  share 
of  the  Analytical  Assembly  tooling  cost  determined  as  follows: 
The  sum  of  (4138  tool  manufacturing  hours  x  Tooling  composite 
rate)  plus  (4138  TMH  x  Tool  Maintenance  rate  x  1%  x  25  months) 
is  $100,398.23.  When  this  amount  is  prorated  over  506  units, 
each  unit  is  assigned  $198.42  of  cost. 

Summary 

Finally,  the  detail  factory,  material, and  prorata  share  of 
tooling  costs  were  accumulated  and  a  total  analytical  assembly 
cost  derived.  A  material  and  labor  cost  breakdown  for  the 
610RA006  drawing  is  illustrated  below: 


Table  No.  from  Figure  98 

Material 

Labor 

Total 

Table  I 

$(64.87) 

$(19.24*) 

$ 

(84.11*) 

Table  II 

1,036.70 

762.11 

1,798.81 

Table  III 

34.02 

12.26 

46.28 

Table  IV 

35.16 

12.26 

47.42 

Table  V 

33.51 

12.26 

45.77 

Upper  Skin 

236.32 

132.68 

369.00 

Hardware 

251.51 

- 

251.51 

Assembly  Costs 

- 

- 

586.53 

Prorata  Share  of  Tooling  Cost 

- 

— 

$ 

198.42 

3,343.74 

*  Included  in  Table  II. 

9.2  BASELINE  COSTS 

The  first  cost  task  was  that  of  defining  the  baseline.  This 
was  developed  and  reported  as  noted  above  (reference  Appendix  VII 
Volume  III).  This  document  defined  the  costs  associated  with 
producing  the  F-lll  wing  box  at  production  unit  #506.  From  this 
cost  point,  learning  curve  and  rate  projections  were  applied  to 
achieve  recurring  costs  for  units  numbered  1,  2,  50,  200  and  800 
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at  a  production  rate  of  twenty  aircraft  per  month.  Baseline 
component  costs  were  also  established  for  skins,  ribs,  pylon, 
etc.,  at  aircraft  no.  506.  This  information  later  served  to 
initially  highlight  the  areas  for  greatest  potential  cost 
savings.  The  report  also  included  a  description  of  the  manufactur¬ 
ing  sequence  of  the  F-lll  wing  and  illustrated  the  basic  cost 
structure  used  by  Convair  Aerospace  Division,  Fort  Worth  Operation 
of  the  General  Dynamics  Corporation. 

9.3  CROSS  SECTION  CONCEPTS 

Following  design  innovation  and  compilation  of  the  element 
concepts;  fifty (50)  one- inch  cross  section  concepts,  some 
with  multiple  iterations,  were  selected  and  costed  in  detail 
against  the  baseline. 

9.3.1  Early  Cost  Estimating  Problems 

The  novel  nature  of  some  of  the  designs;  difficulty  in 
applying  existing  cost  standards  and  learning  curves  to  unconven¬ 
tional  designs,  plus  the  use  of  non-standard  material  shapes  and 
gauges,  presented  problems  during  the  early  cost  estimating 
effort.  The  first  two  problems  caused  manpower  estimates  to  be 
made  in  great  detail  rather  than  by  using  ready  made  standards 
and  procedures.  The  third  problem,  non-standard  material  shapes 
and  gauges  required  special  coordination  with  metal  producers 
and  design  personnel. 

9.3.2  Cross  Section  Data 

For  comparison,  evaluation,  prediction,  and  ranking  purposes, 
a  one-inch  baseline  cross  section  was  identified  and  completely 
costed.  A  summary  may  be  found  in  Volume  II  Appendix  II.  A 
considerable  amount  of  the  cost  data  generated  in  this  phase 
was  found  to  be  useful  in  other  Air  Force  and  NASA  programs. 

These  programs  involve  use  of  computer  developed  estimates. 

Such  information  was  forwarded  to  those  programs,  as  applicable. 

9.4  ANALYTICAL  ASSEMBLY  CONCEPTS 

The  next  phase  of  the  program  involved  development  of 
detail  cost  estimates  for  twenty-five,  constant  cross  section, 
forty-eight  inch  span,  analytical  assemblies.  This  phase  per¬ 
mitted  additional  refinement  of  the  cost  estimates  due  to  the 
larger  sections.  Again,  detail  costs  and  support  were  provided 
to  the  designer  for  use  in  achieving,  or  exceeding,  program  goals. 
During  this  phase,  brazing  was  highlighted  as  a  significant  cost 
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factor  in  the  concepts.  This  is  largely  attributable  to  the 
recurring  cost  nature  of  the  braze  tooling.  As  such,  it  becomes 
assignable  to  each  unit  of  production  in  lieu  of  a  one-time 
cost  which  can  be  amortized  over  a  large  production  run. 

Again,  for  comparison  purposes  and  to  eliminate  deviations 
attributable  to  "actual  costs  versus  standards  applications," 
two  baseline  analytical  assemblies  were  designed  and  detail  estimated. 
These  estimates  used  the  same  standards  criteria  as  was  used  in 
the  other  analytical  assemblies.  This  effort  proved  to  be  an 
invaluable  aid  in  providing  a  "pre-look"  at  complete  wing  concept 
costs  during  the  fourth  step  of  this  program.  A  summary  of  the 
Analytical  Assembly  costs  may  be  found  in  Volume  II  Appendix  III. 

9.5  FULL  WING  BOX  PRELIMINARY  DESIGN  CONCEPTS 

The  48"  analytical  assembly  costs  were  used  to  project 
complete  wing  costs  based  on  the  relationship  of  the  baseline 
analytical  assembly  recurring  costs  to  the  baseline  full  wing 
recurring  costs.  The  projections  were  accomplished  on  nine 
different  concepts  using  the  following  rationale. 

Loads  path  curves  indicated  the  logical  location  for 
a  splice  would  be  CSS280.  Therefore,  the  analytical 
assembly  at  CSS140  would  be  180"  long,  while  the 
analytical  assembly  at  CSS340  would  be  89"  long. 

For  a  preliminary  screening  tool  the  non-recurring  costs 
were  removed  from  the  estimates  and  only  the  recurring  costs 
were  compared  to  the  baseline.  (These  non-recurring  costs  had 
been  provided  as  a  separate  line  item  along  with  the  recurring 
costs  for  the  analytical  assemblies  in  order  to  provide  a 
total  comparison  of  all  occurring  cost  factors).  The  following 
relationship  was  then  developed:  [(Recurring  cost  of  CSS140 
Analytical  Assembly)  (48")]  x  (180)  plus  [(Recurring  cost 
of  CSS340  Analytical  Assembly)  h-  (48")]  x  (89")  relates 
to  the  unknown  cost  of  a  full  wing  as  the  [(Recurring  cost  of 
baseline  analytical  assembly  at  CSS140)  -4-  (48")] x  (180")  plus 
[(Recurring  cost  of  baseline  analytical  assembly  at  CSS340) 
t  (49")]  x  (89")  relates  to  the  recurring  cost  of  the  full 
baseline  wing  as  outlined  in  FZM-5990,  the  baseline  document. 

9.5.1  Splices 

Since  it  is  possible  to  reduce  weight  and/or  cost  by 
splicing  two  different  wing  concepts  together,  four  different 
wing  splice  concepts  were  defined  and  costed.  Full  wing  costs 
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involving  splices  were  then  projected  using  the  relationship 
discussed  in  the  preceding  paragraph.  Costs  for  manufacturing 
and  installing  each  splice  were  established  and  added  as  a 
separate  input  to  the  projection  to  arrive  at  a  full  spliced 
wing  cost.  Utilizing  these  projections  in  conjunction  with 
the  other  performance  ratings,  the  four  full  wing  box  configura¬ 
tions  receiving  the  highest  overall  evaluation  in  the  total  merit 
rating  system  were  chosen  for  additional  optimization  in  the 
next  phase  of  the  Phase  IA  program.  A  summary  of  the  nine 
full  wing  box  costs  may  be  found  in  Volume  II  Appendix  IV. 

9.6  OPTIMIZED  FULL  WING  BOX 
CONCEPTS 

Costs  on  four  full  wing  drawings  were  developed  using  a 
"grass  roots  bid  exercise  as  outlined  in  paragraph  9.1.1  and 
as  further  defined  in  Appendix  VII  of  Volume  IV.  Factors  such 
as  material  attrition  rates,  over-head  rates,  etc.,  were  applied 
against  the  basic  estimate  and  are  exactly  the  same  as  those 
applied  to  the  baseline  costs.  This  provides  for  a  direct 
comparison  of  the  costs  for  the  four  full  wing  boxes  against 
the  F-lll  wing  box  baseline  cost. 

9.6.1  Final  Cost  Comparisons 

Table  XLII  is  included  to  provide  a  comparison  of  the  costs 
for  the  full  wing  drawings  as  compared  to  the  costs  in  the  base¬ 
line  document.  The  table  highlights  an  item  which  merits 
additional  explanation  in  this  text,  namely  item  #C1  "Purchased 
Parts  and  Outside  Production." 

The  baseline  document  (FZM-5990)  reflects  actual  cost 
experiences  on  the  F-lll-F  wing  box  as  projected  to  a  twenty 
per  month  production  rate.  As  such,  a  portion  of  the  costs  are 
vendor,  or  supplier  generated  in  payment  for  machining,  fabrica¬ 
tion,  etc.  Since  obtaining  numerous  vendor  quotes  was  prohibitive 
because  of  schedule  and  the  task  involved,  a  ground  rule  was 
established  by  Value  Engineering  that  all  machining  and  other 
fabrication  costs  were  to  be  considered  as  an  in-house  task. 
Therefore,  costs  that  would  normally  have  been  accumulated 
under  the  terminology  "Purchased  Parts  and  Outside  Production" 
are  now  included  in  Raw  Material,  factory,  Quality  Assurance, 
etc.  Differences  in  the  proportionate  amount  of  costs  that 
are  attributable  to  materials  and  labor  among  the  various  con¬ 
cepts  are  also  clearly  discernable  in  Figure  99. 
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Table  XLII 

ADVANCED  AIR  SUPERIORITY  FIGHTER 
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NOTE:  This  category  of  purchased  parts  and  outside  vendor  production  was  eliminated.  Providing 

timely  estimates  required  ground  ruling  that  all  brazing,  welding,  machining,  etc.,  was 
to  be  considered  and  bid  as  an  in-house  task.  Therefore,  these  costs  were  included  in 
raw  materials,  factory,  and  tooling  as  applicable. 
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Figure  99  -  Rating  System  for  the  Analytical  Assembly  Drawings** 

Advanced  Air  Superiority  Fighter  Wing  Structures  Program 


9.6.2  Comparison  of  Estimating  Techniques 

Throughout  this  program,  the  gass  roots  estimating 
methodology  has  been  used  in  developing  costs.  This  technique 
was  again  used  in  arriving  at  full  wing  cost  estimates.  However, 
for  comparison  purposes,  a  cost  estimate  was  developed  on  full 
wing  drawing  number  610  RW  004  "A"  utilizing  the  AFFDL  cost 
estimating  technique  for  Aerodynamic  surfaces. 

This  technique  involves  use  of  a  computer  program  which 
retains  and  utilizes  various  cost  estimating  relationships  to 
predict  the  cost  of  flight  vehicle  structure.  The  principal 
author  and  project  leader  on  this  program  is  Mr.  R.  E.  Kenyon 
of  the  Convair,  San  Diego  Operation. 

Information  provided  to  Mr.  kenyon  for  use  in  AFFDL  computer 
program  included:  Certain  weight  and  other  information  on  various 
wing  components  such  as  skins,  types  of  fasteners,  skin  thickness, 
type  of  material,  etc;  learning  curves  for  use  in  projecting 
the  number  one  cost  value  to  the  appropriate  production  unit; 
a  copy  of  the  610  RW  004  "A"  full  wing  drawing;  and  a  copy  of 
the  F-111F  baseline  cost  document  FZM-5990. 

Results  of  these  two  estimating  methods  are  as 
follows:  The  AFFDL  computer  estimating  method 

reflected  a  total  manufacturing  cost  at  unit 
number  506  of  2875  hours.  Of  this  amount  2430 
hours  are  assignable  to  the  manufacturing  and 
assembly  tasks  and  445  hours  are  assignable  to 
quality  control.  Cost  of  material  on  a  95% 
learning  curve  at  unit  #506  is  $10,400. 

The  grass  roots  estimating  method  which  has  been 
used  in  developing  all  of  the  costs  for  the  various 
phases  of  this  program  reflected  a  total  manufactur¬ 
ing  cost  at  unit  #506  of  2907  hours.  Of  this  amount 
2401  hours  are  assignable  to  factory.  Cost  of  mat¬ 
erial  at  unit  #506  is  $11,284. 

A  comparison  of  material  and  manufacturing  costs  in  terms 
of  dollars  and  including  overhead  and  general  administrative 
expenses  is  reflected  in  Table  XLIII. 
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Table  XLIj.1 

ESTIMATING  METHODOLOGIES  COMPARISONS  FOR  6lORWOOU"A' 
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9.7  DESIGN  SUPPORT  ACTIVITIES 


Value  Engineering,  in  consonance  with  estimating  personnel, 
have  continuously  provided  cost  evaluations  and  support  to  the 
design  personnel  as  they  developed  the  one- inch  cross  section 
concepts;  and  analytical  assembly  concepts,  and  the  full  wing 
box  drawings.  This  cost  information  has  been  developed  on 
multiple  concepts  of  the  various  details  within  the  assemblies, 
such  as  spars,  spar  caps,  fastener  costs,  installation  variables, 
machining  variables,  etc.  Intent  of  these  exercises  was  to 
highlight  cost  savings  opportunities  while  still  in  the 
Analytical  Assembly  stage.  With  this  information  the  designer 
could  in  some  cases  replace  an  element  within  an  Assembly  with 
a  less  costly  element  from  another  Assembly  to  optimize  a  new 
Analytical  Assembly  for  cost.  These  efforts  could  then  be 
transcribed  into  hardware  and  design  cost  savings  for  the 
entire  wing  box  concept  stage  and  subsequently,  the  follow-on 
program. 


9.7.1  Support  Benefits 

As  stated  previously,  costs  were  provided  on  a  detailed 
level  to  the  designers  on  the  program.  One  of  the  distinct 
advantages  gained  from  this  type  cost  approach  was  traceability. 
Inasmuch  as  detail  manufacturing,  material,  and  tooling  costs 
were  incorporated  on  a  drawing  and  left  open  and  available  in  the 
design  area,  the  reason  for  high  cost  was  only  a  step  away  from 
any  of  the  design  boards.  Additionally,  since  in  essence  the 
Air  Force  Materials  Lab  had  established  a  "design  to  cost" 
approach,  and,  since  the  estimated  costs  were  provided  to  the 
designer  in  a  timely  and  valid  manner,  the  designer  had  at  hand 
a  target  and  performance  rating. 

Results  of  the  costing  activities  are  reflected  in  the 
final  wing  box  configurations  with  savings  in  the  following 
areas : 

a.  A  savings  of  raw  material  and  metal  removal  through 
utilization  of  sheet  stock  in  lieu  of  plate  stock. 

b.  Use  of  extrusions  and  castings  in  lieu  of  metal 
removal  on  heavy  plate  and  billets. 

c.  Elimination  of  Taper  lock  fasteners  from  the  lower 
surface. 

d.  Reduced  finished  weight  through  special  design 
configurations  which  consequently  reduced  raw  stock 
requirements. 
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e.  Replaced  bolts  and  Davis  pressnuts  in  upper  surface 
with  blind  fasteners  thus  reducing  both  labor  and 
material  cost. 

In  addition  to  the  design  support  outlined  in  the  preceding 
paragraphs,  cost  information  has  also  been  supplied  at  various 
times  to  personnel  at  the  Air  Force  Materials  Lab.  This  informa¬ 
tion  has  included  such  items:  Cost  of  certain  Titanium  materials 
and  production  and  life  cycle  cost  savings  per  1,000#  of  weight 
savings  based  on  a  "rubber  airplane  concept".  Additionally 
support  has  been  provided  to  an  Air  Force  Flight  Dynamics 
Laboratory  structure  estimating  program  in  being  at  Convair 
Aerospace  Division,  San  Diego  Operation,  of  General  Dynamics 
Corporation. 
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SECTION  X 


MANUFACTURING 

Tool  engineers  end  manufacturing  research  and  development 
engineers  have  provided  on-board  design  support  to  this  program 
from  the  original  "brainstorming"  sessions  to  the  completion  of 
wing  box  structural  designs.  Preliminary  concepts  were  reviewed 
by  manufacturing  specialists  to  determine  potential  applications 
of  new  manufacturing  methods  and  to  assess  their  risk  and  cost 
impact. 


10.1  INFLUENCE  OF  MANUFACTURING  ON  DESIGN 

As  a  minimum,  the  new  manufacturing  methods  as  shown  in 
Figures  100  and  101  were  proposed  candidates  in  the  pre-concept 
design  phase  of  the  program.  Numbers  under  "APPLICATIONS"  indi¬ 
cate  the  numbers  of  concept  drawings  which  considered  use  of  the 
method. 

The  prime  goal  of  the  manufacturing  engineer  for  this 
program  was  to  assist  the  design  engineer  in  utilizing  advanced 
manufacturing  technology  to  improve  weight,  cost  and  structural 
integrity. 

To  properly  assess  the  potential  of  new  and  emerging  manu¬ 
facturing  processes,  it  has  been  necessary  to  review  in-house 
independent  research  and  development  (IRAD)  programs,  vendors' 
equipment  and  process  developments,  and  Government  funded  con¬ 
tractor  research  and  development  (CRAD)  programs.  A  summary  of 
the  most  recent  and  applicable  programs  reviewed  follows. 

10.1.1  Basic  Metal  Processing  Programs 

Evaluation  of  advanced  manufacturing  processes  applicable  to 
candidate  materials  and  basic  design  concepts  was  influenced  by 
the  following  development  programs: 

a.  Convair  IRAD  programs 

Elevated  Temperature  Creep  Forming  Titanium,  Report 

No.  FMR  72-2213 

Hot  Stretch  Forming,  Program  No.  C003756 

Diffusion  Molding  Titanium  Alloy  Fittings,  R.  K. 

Malik,  Convair  Aerospace  Division  of  General  Dynamics, 

San  Diego,  California 
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b.  Government- funded  programs  (CRAD) 

Isothermal  Forging  of  Titanium  Alloy  Main  Landing 
Gear  Wheels  and  Nose  Wheels,  Technical  Report 
AFML-TR-72-270 

Isothermal  Forging  of  Titanium  Alloy  Bulkheads, 

IIT  Research  Institute,  Chicago,  Illinois 
Contract  F33615-71-C-1167 

Isothermal  Forging  of  Titanium  Alloys  Using  Large 
Precision-Cast  Dies,  IIT  Research  Institute, 

Chicago,  Illinois,  Contract  F33615-67-C-1722 

High- Integrity  Forgings  of  Aluminum  and  Titanium 
Alloys,  Boeing  Aircraft  Corporation,  Seattle, 
Washington,  Contract  No.  F33615-71-C-1693 

Titanium  Casting  Development,  TRW,  Inc.,  Cleveland 
Ohio,  Contract  No.  F33615-70-C-1409 

Titanium  Casting  Development,  REM  Metals  Corporation, 
Albany,  Oregon,  Contract  No.  F33615-70-C- 1410 

Development  of  Design  and  Manufacturing  Technology 
for  Integrally  Formed  Structures,  LTV  Aerospace 
Corporation,  Dallas,  Texas,  Contract  No.  33(615)3756 

Titanium  Panel  Extrusion  Production  Program,  Lockheed 
Aircraft  Corporation,  Marietta,  Georgia,  Contract 
AF33 (615) 3839 

Manufacturing  Process  for  the  Production  of  Tapered 
Titanium  Alloy  Plate  and  Sheet,  TMC,  Toronto,  Ohio, 
Contract  F33615-71-C-1513 

Development  of  a  High  Temperature  Multi-Stage  Section 
Rolling  Machine,  Boeing  Aircraft  Corporation,  Seattle, 
Washington,  Contract  No.  F33615-67-C- 1164. 

c.  Other  information  sources 

Extruded  shapes,  H.  M.  Harper  Company,  Morton  Grove, 
Illinois,  Technical  Bulletin  No.  201-B 

Titanium  Extrusion,  H.  M.  Harper  Company,  Morton  Grove, 
Illinois,  Technical  Bulletin  No.  207 
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WHAT  TECHNOLOGY?  i=  USE  HOW? 
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FIGURE  100  ADVANCED  BASIC  MANUFACTURING  TECHNIQUES 
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FIGURE  101  ADVANCED  SECONDARY  MANUFACTURING  TECHNIQUES 


10.1.2  Secondary  Metal  Processing 

Development  of  element  concepts  and  cross  section  designs 
utilized  information  on  advanced  metal  joining  processes 
reported  in  part  under  the  following  programs. 

a.  Convair  IRAD  programs 

Electron  Beam  Welding  of  Complex  Structures 

Report  No.  FMS  72-2200 

Plasma  Arc  Welding  Developments,  Report  No.  PMR  72-2201 
Weldbonding  for  Multi- Temperature  Applications, 

Report  No.  FMR  72-2205 
Diffusion  Bond  Riveting,  Report  No.  C003753 

b.  Government  funded  programs  (CRAD) 

Weldbond  Flight  Component  Design/Manufacture 
Program,  Lockheed  Aircraft  Corporation 
Marietta,  Georgia  Contract  F33615-71-C-1716 

Adhesively  Bonded  Multi-Layer  F-104  Aft  Fuselage 
Ring  Fitting,  LTV  Aerospace  Corporation,  Dallas,  Texas 
Contract  F33615-72-C-1618 

High  Frequency  Resistance  Welded  Structures 
(Titanium),  Battelle  Memorial  Institute, 

Columbus,  Ohio,  Contract  F33615-68-C-1289 

Brazing  Alloy  Development  (Titanium  Honeycomb) 

Rohr  Aircraft,  San  Diego,  California,  Contract 
F33615- 7 1*C- 1888 

The  Roll  Diffusion  Bonding  of  Structural  Shapes 
and  Panels,  Battelle  Memorial  Institute,  Columbus, 

Ohio,  Contract  F33615-68-C-1325 

Low  Temperature  Brazing  of  Titanium  Sandwich 
Structures,  Aeronca,  Inc.,  Middletown,  Ohio, 

Paper  presented  to  the  1970  WESTEC  Conference, 

American  Society  of  Metals,  author:  Byron  L.  Reynolds 

Advanced  Lightweight  Fighter  Structural  Concept  Study, 
Northrop  Corporation,  Aircraft  Division, 

Contract  F33615-72-C-1451 
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Advanced  Metallic  Air  Vehicle  Structures  Program 
(AMAVS),  General  Dynamics,  Convair  Aerospace 
Division,  Fort  Worth,  Texas,  Contract  AF33615-73-C-3001. 
(Brazing  and  adhesive  bonding  of  titanium  laminates) 

c.  Other  information  sources 

Test  data  on  CSDB  (Continuous  Seam  Diffusion  Bonding) 
Solar  Division  of  International  Harvester  Company, 

San  Diego,  California,  Report  RDR  1639 

10.2  NEW  MANUFACTURING  METHODS  AND  THEIR  APPLICATIONS  TO 

DESIGN  CONCEPTS 


The  application  of  new  manufacturing  methods  was  stressed 
from  the  beginning  of  the  Element  Concept  Phase,  and  many 
were  introduced  somewhat  incorrectly.  No  effort  was  made 
to  back- track  and  clean  up  these  early  concept  drawings, 
but  each  succeeding  phase  attempted  to  correct  the  misuse 
and  effect  reliability  of  the  process  in  the  reiterated 
designs.  The  basic  approach  was  to  develop  a  design  con¬ 
cept  which  met  all  the  requirements  of  the  improved  structure 
including  weight  and  cost  and  at  that  point  evaluate  proposed 
manufacturing  methods  of  fabricating  the  concept. 

In  Tables  numbered  XLI  through  LXI  individual  drawings  are 
identified  with  advanced  manufacturing  processes.  Each 
advanced  method  lists  the  drawing  numbers  where  the  process 
is  shown  or  was  considered  applicable  by  manufacturing 
engineers.  Drawings  referenced  under  manufacturing  processes 
are  in  the  appendices  to  this  report.  These  appendices  are: 


Appendix  I 
Appendix  II 
Appendix  III 
Appendix  IV 


Element  Concepts 
Cross  Section  Drawings 
Analytical  Assembly  Drawings 
Preliminary  Design  Drawings 


Many  drawings  do  not  call  out  the  process  related  to  them 
in  the  tables.  Processes  other  than  those  indicated  on  the 
drawing  were  proposed  in  manufacturing  studies  of  finished 
drawings.  These  are  alternate  approaches  and  candidates 
for  trade  studies  in  final  design  evaluation. 
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10.2.1  Basic  Metal  Processing  Applications 

The  applications  for  advanced  methods  in  basic  metal  pro* 
cessing  of  individual  details  are  shown  in  Tables  XLIV  through 
XLXI . 


Table  XLIV 

TITANIUM  CASTINGS 

Appendix  No. 

Drawing  No. 

Application 

I 

610-500 

Ribs /Bulkheads 

I 

610-502 

Ribs /Bulkheads 

Applications  of  titanium  castings  are  most  desirable 
where  complex  shapes  are  required.  Most  rib  and 
bulkhead  designs  were  of  simple  configuration  and 
other  methods  appeared  less  costly. 


Table  XLV  DIFFUSION  MOLDING 


Appendix  No. 

I 

I 

I 

II 


Drawing  No. 

610-500 

610-502 

610-308 

610R009 


Application 
Ribs /Bulkheads 
Rib 8 /Bulkheads 
Spars 
Spars 


In  house  IRAD  developments  of  diffusion  molding  are  directed 
to  producing  reliable  structure  at  low  cost.  Very  favorable 
results  have  been  obtained.  Continued  developments  are  needed. 
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Table  XL VI 


PRECISION  FORGING 


>endix  No. 

Drawing  No. 

Application 

I 

610-105 

Lower  skin  planks 

I 

610-114 

Lower  skin  planks 

I 

610-131 

Lower  skin  planks 

I 

610-500 

Ribs /Bulkheads 

I 

610-502 

Ribs /Bulkheads 

IV 

610RW001 

Ribs /Bulkheads 

IV 

610RW003 

Ribs /Bulkheads 

IV 

610RW004 

Pylon  fitting 

Ribs /Bulkheads 

IV 

610RW005 

Ribs /Bulkheads 

IV 

610RW007 

Ribs /Bulkheads 

IV 

610RW008 

Ribs /Bulkheads 

Skin  planks  made  from  aluminum  precision  forging  were  con¬ 
sidered  only  for  the  outboard  sections  of  the  wing.  Equipment 
size  and  scale-up  restrictions  prevent  use  of  a  full  size  wing 
forging.  Most  aluminum  ribs  and  bulkheads  will  have  a  size  of 
less  than  400  square  inches  in  plan  view  area  (PVA)  which  is  the 
current  goal  of  CRAD  programs  for  development  of  precision 
forgings . 


Table  XL VI I 

ISOTHERMAL 

FORGINGS 

Appendix  No. 

Drawing  No. 

Application 

I 

610-105 

Lower  skin  planks 

I 

610-114 

Lower  skin  planks 

I 

610-131 

Lower  skin  planks 

I 

610-500 

Ribs /Bulkheads 

I 

610-502 

Ribs /Bulkheads 

IV 

610RW006 
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Pylon  fitting 

Isothermal  forgings  of  titanium  have  the  same  restrictions 
on  size  as  the  aluminum  precision  forgings.  Detail  designs  in 
the  follow-on  phase  of  a  final  wing  box  are  expected  to  find 
additional  applications  in  ribs,  bulkheads  and  fittings. 


Table  XLVIII 

INTEGRAL  PANEL 

EXTRUSIONS 

Appendix  No. 

Drawing  No. 

Application 

I 

610-101 

Lower  skin  planks 

I 

610-104 

Lower  skin  planks 

I 

610-114 

Lower  skin  planks 

I 

610-116 

Lower  skin  planks 

I 

610-121 

Lower  skin  planks 

I 

610-131 

Lower  skin  planks 

I 

610-202 

Spar/Skin  planks 

I 

610-207 

Spars 

II 

610R113"A" 

Upper  and  lower 
skin  planks 

II 

610R115 

Upper  and  lower 
skin  planks 

Integral  panel  extrusion  has  greatest  cost  saving  potential 
with  titanium  material.  It  can  be  best  utilized  with  parallel 
auxiliary  spar  designs.  The  basic  panel  must  be  extruded  with 
excess  material  to  be  machined  away  for  final  size. 
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Table  XLIX  PRECISION  TITANIUM  EXTRUSIONS 


Appendix  No. 

Drawing  No.  and  Applic; 

ation 

Upper  Skin 

Lower  Skin 

Spars 

I 

610-006 

610-101 

610-205 

I 

610-007 

610-104 

610-206 

I 

610-008 

610-112 

610-216 

I 

610-036 

610-113 

610-220 

I 

610-304 

II 

610RO15C 

610R015C 

610R019 

II 

610R018C 

610R018C 

610R012 

II 

610R021 

610R021 

.  610R021 

II 

610R024 

610R023 

II 

610R110 

610R110 

II 

610R111 

610R111 

II 

610R114 

610R114 

III 

610RA002 

III 

610RA008 

III 

610RA102 

III 

610RA105 

Precision  titanium  extrusions  have  found  a  wide  area  of 
usage.  The  process  is  quite  attractive  yet  difficult  in  thin 
gage  shapes.  Process  control  is  a  major  factor  in  producing 
reliable  extrusions  to  tolerance. 
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Table  L 


INTEGRAL  FORMED  PANEL 


Appendix  No.  Drawing  No. 


I 

610-118 

I 

610-124 

I 

610-210 

II 

610R002 

II 

610R009 

II 

610R019A 

II 

610R120 

III 

610RA011 

III 

610RA104 

Application 
Lower  skin  panel 
Lower  skin  panel 
Spar  panel 
Lower  skin  panel 
Upper  skin  panel 
Upper  and  lower  skin  panels 
Upper  and  lower  skin,  panels 
Upper  and  lower  skin  panels 
Upper  and  lower  skin  panels 


This  process  requires  high  cost  start-up  tooling, 
especially  for  titanium  alloys.  The  8-8-2-3  titanium  alloy 
appears  to  be  one  of  the  better  titanium  materials  for  this 
process.  Aluminum  and  titanium  alloys  have  been  proposed 
in  these  concepts.  The  formed  panels  are  used  with  subse¬ 
quent  operations  such  as  brazing  or  adhesive  bonding.  They 
provide  good  buckling  resistance  to  compressive  skin  loads 
on  the  upper  wing  surface  and  good  stiffness  to  resist 
internal  wing  box  fuel  pressures  on  both  upper  and  lower 
wing  surfaces. 


Table  LI  TAPERED  ROLLED  SHAPES 


Appendix  No. 

I 

I 

I 


Drawing  No. 

610-101 

610-121 

610-124 


Application 

Lower  wing  skin  stiffeners 
Lower  wing  skin  laminates 
Lower  skin  panel 
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Tapered  rolled  sections  were  not  good  members  for  wing 
skin  stiffeners  due  to  the  high  fuel  pressures  which  existed 
at  the  outboard  stations  of  the  wing  box.  Constant  sections 
were  more  attractive  to  the  structures  engineer. 

10.2.2  Secondary  Metal  Processing 

Advanced  methods  considered  for  joining  assemblies  and 
their  drawing  applications  are  listed  in  Tables  LII  thru  LXIV. 

Table  LII  DIFFUSION  BONDING 
Appendix  No.  Drawing  No.  Application 


I 

610-103 

Lower  wing  skin  and  spar 

I 

610-114 

Lower  wing  skin  panels 

I 

610-206 

Spar  web  panel 

I 

610-500 

Ribs /Bulkheads 

I 

610-502 

Ribs /Bulkheads 

II 

610R021 

Upper  and  lower  skin 

panels 

Diffusion  bonding  was  dropped  as  a  method  of  bonding 
skin  panels  due  to  high  cost  and  failure  of  the  process  to 
prevent  crack  propagation.  The  process  is  best  suited  for 
plate  material  in  applications  for  fittings,  bulkheads,  etc. 
High  tooling  cost  is  associated  with  the  process. 
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Table  LIII  CONTINUOUS  SEAM  DIFFUSION  BONDING  (CSDB) 


Appendix  No.  Drawing  No. 


I 

610-005 

I 

610-008 

I 

610-012 

I 

610-015 

I 

610-016 

I 

610-021 

I 

610-034 

I 

610-101 

I 

610-102 

I 

610-104 

I 

610-109 

I 

610-110 

I 

610-205 

I 

610-206 

I 

610-502 

II 

610R021 

II 

610R107A 

II 

610R113A 

II 

610R115A 

Application 

Skin  stiffener  attachment 

Skin  stiffener  attachment 

Skin  panel  trussed 

Upper  skin  panel 

Upper  skin  panel 

Upper  skin  panel 

Upper  skin  panel 

Lower  skin  panel 

Lower  skin  and  spar  joint 

Lower  skin  panel 

Lower  skin  and  spar  cap  joint 

Lower  skin  and  spar  cap  joint 

Spar  cap 

Spar  cap 

Ribs /Bulkheads 

Upper  and  lower  skin  stiffeners 
Lower  spar  web-to-cap  joint 
Upper  and  lower  skin  panels 
Upper  and  lower  skin  panels 


This  process  is  an  attractive  method  of  fabricating 
T-stiffener  details.  It  is  also  proposed  for  making 
T-stiffened  and  trussed  skins.  Major  equipment  modifications 
may  be  required  in  the  process  of  scale-up  to  a  wing  or  spar 
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Table  LIV  ROLL  DIFFUSION  BONDING 


Appendix  No. 

Drawing  No. 

Application 

i 

610-002 

Upper 

skin 

panel 

i 

610-012 

Upper 

skin 

truss 

panel 

i 

610-015 

Upper 

skin 

truss 

panel 

i 

610-016 

Upper 

skin 

truss 

panel 

i 

610-018 

Upper 

skin 

panel 

i 

610-021 

Upper 

skin 

panel 

i 

610-024 

Upper 

skin 

panel 

i 

610-029 

Upper 

skin 

panel 

i 

610-101 

Lower 

skin 

stiffened  panel 

i 

610-104 

Lower  skin  stiffened  panel 

ii 

610-020A 

Upper 

and 

lower  ; 

skin  trusse< 

The  basic  application  of  roll  diffusion  bonding  is  in  fabrica¬ 
tion  of  skin  panels.  It  was  dropped  from  consideration  because  of 
high  cost,  inspectability ,  contour  forming  problems,  and  other  design 
requirements . 
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Table  LV  DIFFUSION  BOND  RIVETING 

Appendix  No.  Drawing  No.  Application 


I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

I 

II 

II 

II 

II 

II 

II 

II 

II 

II 

II 

II 


610-005 

Skin  stiffener  attachment 

610-008 

Skin  stiffener  attachment 

610-032 

Skin  stiffener  fasteners 

610-105 

Lower  skin  and  spar  attachment 

610-106 

Lower  skin  and  spar  attachment 

610-107 

Lower  skin  and  spar  attachment 

610-108 

Lower  skin  and  spar  attachment 

610-114 

Lower  skin  and  spar  attachment 

610-120 

Spar  web/Cap/Skin  assembly 

610-122 

Lower  skin  and  spar  attachment 

610-131 

Lower  skin  plank  and  spar  attachment 

610-208 

Lower  spar  web  and  cap  attachment 

610-221 

Lower  spar-to-skin  attachment 

610-304 

Spar-to-skins  attachment 

610-400 

Skin,  spar  splice  joints 

610-500 

Rib/BUlkhead  installation 

610-600 

Stud  head- to-skin  attachment 

610-601 

Nut  plate-to-skin  attachment 

610-705 

Fitting  installating 

610R006 

Lower  skin  stiffener  attachment 

Spar  and  lower  skin  attachment 

610R012 

Spar  and  lower  skin  attachment 

610R017 

Spar  and  lower  skin  attachment 

610R020A 

Spar  and  lower  skin  attachment 

610R021 

Spar  and  lower  skin  attachment 

610R024A 

Spar  and  lower  skin  attachment 

610R110 

Spar  and  lower  skin  attachment 

610R111 

Spar  and  lower  skin  attachment 

610R113A 

Spar  and  lower  skin  plank  assy 

610R114 

Spar  and  lower  skin  attachment 

610R115 

Spar  and  lower  skin  attachment 
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Diffusion  bond  riveting  has  many  applications  where  titanium 
material  is  used.  It  is  an  improved  method  of  fastener  application 
which  promises  to  reduce  the  threat  of  cracking  around  holes.  Addi¬ 
tional  development  is  required  in  equipment  and  more  test  data  needs 
to  be  developed. 


Table  LVI  T-BURN  THROUGH  WELDING 


Appendix  No. 

Drawing  No. 

and  Applicat 

ion 

Upper  Skin 

Lower  Skin 

Spars 

i 

610-021 

610-101 

610-205 

i 

610-034 

610-129 

610-208 

i 

610-036 

610-213 

i 

610-219 

i 

610-302 

ii 

610R008 

610R009 

ii 

610R012 

ii 

610R017A 

610R017A 

610R017A 

ii 

610R018 

610R018 

610R018 

ii 

610R020A 

610R020A 

610R020A 

ii 

610R021 

610R021 

610R021 

ii 

610R023 

610R023 

ii 

610R031 

610R024 

ii 

610R109 

610R109 

ii 

610R110 

610R110 

ii 

610R113A 

610R113A 

ii 

610R115 

610R115 

hi 

610R002 

hi 

610RA004A 

610RA004A 

hi 

610RA013 

610RA007 

hi 

610RA012A 

hi 

610RA108A 

610RA108A 

610RA108A 

hi 

610RA109 

610RA109 

IV 

304 

Pylon  Fittings 


610RW002 


The  T-bum  through  process  has  received  much  IRAD  support 
in  the  Convair  Aerospace  Division  of  General  Dynamics.  The  basic 
application  has  been  established.  Above  average  tooling  costs 
are  associated  with  the  process.  Additional  testing  is  required 
for  engineering  data. 

Table  LVII  GAS  TUNGSTEN  ARC  WELDING  (PULSED) 

Appendix  No.  Drawing  No.  and  Application 


Upper  Skin  Lower  Skin 

Soars  and  Ri 

I 

610-004 

■610-103 

610-201 

I 

610-005 

610-109 

610-206 

I 

610-008 

610-111 

610-216 

I 

610-014 

610-112 

610-218 

I 

610-036 

610-113 

610-220 

I 

610-131 

610-301 

I 

610-302 

I 

610-305 

I 

610-502 

II 

610R001 

II 

610R008 

610R012 

II 

610R014 

II 

610R018 

610R015 

II 

610R019A 

II 

610R023 

610R023 

610R023 

II 

610R110 

610R110 

II 

610R111 

610R111 

II 

610R114 

610R114 

III 

610RA001 

III 

610RA002 

III 

610RA011 

III 

610RA105 

III 

610RA109 

IV 

610RW002 

Front  and  rear 

spar  web  to  cap 

IV 

610RW006 

Front  and  rear 

spar  web  to  cap 
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The  GTA  pulsed  welding  process  has  been  utilized  in  welding 
D6ac  steel  for  the  F-lll  airplane  wing  carry-through  structure 
and  the  wing  pivot  fitting  structure.  Much  additional  work  has 
been  done  by  Convair  Aerospace  Division  in  welding  titanium  alloys 
under  subcontract  and  IRAD  programs.  Development  and  testing  work 
would  be  needed  to  support  some  applications  presented  in  proposed 
concepts. 


Table  LVIII 

ELECTRON 

BEAM  WELDING 

Appendix  No. 

Drawing  No 

.  Application 

I 

610-023 

Upper  skin  panel 

I 

610-025 

Upper  skin  panel 

I 

610-026 

Upper  skin  panel 

I 

610-214 

Spar  web  to  cap 

I 

610-219 

Spar  web  panel 

I 

610-502 

Rib  truss  member 

II 

610R005 

Spar  web  panel 

II 

610R005 

Upper  skin  panel 

IV 

610RW002 

Front  and  rear  spar  web-to-caps 

Pylon  fittings 

IV 

610RW006 

Truss  members 

Industry  has  developed  many  applications  for  electron  beam 
welding.  It  is  well  adapted  for  titanium  in  the  material  gages 
being  considered.  A  prime  concern  is  the  requirements  for  large 
vacuum  chambers  to  accommodate  major  components.  Testing  is 
required  to  support  some  concepts  presented. 


Table  LIX 

HIGH 

FREQUENCY 

RESISTANCE  WELDING 

Appendix 

No. 

Drawing  No. 

Application 

I 

610-021 

Upper  skin  panel 

I 

610-034 

Upper  skin  panel 

I 

610-036 

Upper  skin  panel  stiffener 

I 

610-101 

Lower  wing  stiffener 

I 

610-205 

Spar  web  and  cap  joint 

I 

610-219 

Spar  web  panel 

III 

610RA008 

Truss  tube  members 

IV 

610RW006 
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Truss  tube  members 

This  process  is  considered  as  a  candidate  where  T-bum  through 
welding  or  CSDB  is  proposed.  It  is  considered  best  suited  for 
high  production  quantities  such  as  would  be  required  in  the  truss 
tube  members  as  shown  in  drawing  No.  610RW006. 

Table  LX  -  LOW  TEMPERATURE  BRAZING 


Appendix  No. 

Drawing  No. 

and  Application 

Upper  Skin 

Lower  Skin 

Spar 

Splice  and  Fittings 

I 

610-005 

610-103  ' 

610-200 

610-401 

I 

610-008 

610-112 

610-202 

610-700 

I 

610-010 

610-113 

610-211 

610-701 

I 

610-013 

610-114 

610-214 

I 

610-015 

610-115 

610-218 

I 

610-016 

610-122 

610-303 

I 

610-018 

610-123 

I 

610-019 

610-133 

I 

610-033 

I 

610-034 

I 

610-035 

II 

610R006 

610R006 

II 

610R007 

610R007 

II 

610R009 

II 

610R012 

II 

610R014 

610R014 

II 

610R015 

610R015 

II 

610R024 

610R024 

II 

610R031 

II 

610R101B 

610R101B 

II 

610R103A 

610R103A 

II 

610R106 

II 

610R107 

II 

610R108 

610R108 

610R111 

II 

610R114 

610R114 

IV 

610RW002 

Braze  core  assembly 

IV 

610RW006 

Truss  assy  and 

lover  skins 

Front  and  rear 

apart 
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Low  temperature  brazing  developments  are  needed  for  two 
major  reasons.  The  new  all  beta  titanium  alloys  need  to  be  brazed 
in  the  950  to  1050°  range  to  utilize  the  high  strength  advantage 
of  the  material.  Another  need  is  for  a  braze  alloy  to  braze  in 
the  1200°F  range.  This  alloy  would  perform  secondary  brazing 
operations  where  the  first  brazing  operation  was  at  1575°F  which 
is  the  temperature  being  used  on  the  current  AMAVS  program 
referenced  in  paragraph  10.1.2.b. 

Convair  Aerospace  Division  is  currently  evaluating  low 
temperature  brazing  alloys  developed  under  IRAD  programs.^  Prelim¬ 
inary  results  indicate  good  quality  braze  joints  are  botained. 
Stress  corrosion  and  other  aspects  are  being  evaluated. 
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Table  LXI 


ADHESIVE  BONDED  LAMINATES 


Appendix  No. 

Drawing  No. 

Application 

I 

610-100 

Lower  skin 

I 

610-114 

Lower  skin  planks 

I 

610-119 

Lower  skin  and  spar  cap 

I 

610-120 

Lower  skin 

I 

610-121 

Lower  skin 

I 

610-124 

Lower  skin  panel 

I 

610-132 

Lower  skin  and  spar  cap 

I 

610-200 

Lower  spar  and  skin  planks 

I 

610-211 

Spar  web 

I 

610-700 

Fitting 

I 

610-705 

Fitting 

II 

610R001 

Lower  skin  and  spar  caps 

II 

610R002A 

Lower  skin  and  spar  planks 

II 

610R004 

Lower  skin 

II 

610R013B 

Lower  skin  and  spar  caps 

II 

610R029 

Lower  skin  and  spar  caps 

II 

610R102 

Upper  and  lower  skin  planks 

III 

610R003 

Lower  skins  and  spar  caps 

III 

610R005 

Lower  skin  and  spar  caps 

III 

610R006 

Lower  skin  and  spar  caps 

III 

610R007 

Lower  skin  and  spar  caps 

III 

610R009 

Lower  skin  and  spar  caps 

III 

610R011 

Upper  and  lower  skin  panels 

III 

610R104 

Spar  concepts 

IV 

610RW001 

Lower  skin  planks 

IV 

610RW003 

Lower  skin  planks 

IV 

610RW007 

Lower  skin  planks 

IV 

610RW008 

Upper  and  lower  skins 

Basic  application  of  adhesive  bonded  laminates  is  for  lower 
skin  panel.  It  provides  excellent  fail  safe  characteristics  for 
multiple  load  path  design  and  stopper.  Development  is  needed  in 
the  process  of  coordinating  contoured  surfaces  during  bonding  cycle. 
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Size  of  the  wing  skin  makes  the  tooling  task  quite  difficult 
and  this  is  compounded  where  full  depth  spars  are  designed  as 
bonded  components  to  the  lower  skin  panel.  Other  process  develop 
ments  for  handling  large  thin  laminates  through  prefit  and 
cleaning  operations  are  needed.  These  requirements  have  become 
evident  from  the  work  performed  on  the  current  AMAVS  program 
(reference  paragraph  10.1.2.b  of  this  report).  The  AMAVS  program 
is  dealing  with  as  many  as  10  plies  of  flat  sheets  in  the  .090 
to  .125  inch  thickness  range. 

-fable  LX  1 1  RIVET  BONDING 


Appendix  No. 

Drawing  No. 

Application 

I 

610-005 

Upper  skin 

stiffener  attachment 

i 

610-032 

Upper  skin 

stiffener  attachment 

i 

610-120 

Spar  web  and  cap  joint 

i 

610-122 

Lower  spar 

web- to- cap  attachment 

i 

610-208 

Lower  spar 

web-to-cap  attachment 

i 

610-210 

Spar  web  stiffener  attachment 

i 

610-214 

Spar  web-to-cap  attachment 

i 

610-221 

Spar  web-to-cap  attachment 

i 

610-400 

Splice  joint 

i 

610-601 

Nut  plate  inst. 

i 

610-705 

Splice  joint 

ii 

610R002A 

Upper  skin 

stiffener  attachment 

ii 

610R006 

Lower  skin 

stiffener  attachment 

Lower  skin 

and  spar  attachment 

ii 

610R012 

Lower  skin 

panel  and  spar  attachment 

ii 

610R017A 

Lower  skin 

panel  and  spar  attachment 

ii 

610R020A 

Lower  skin 

panel  and  spar  attachment 
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Table  LXI I -  RIVET  BONDING  (Cont’d) 


II 

610R021 

Lower  skin  panel  and  spar  attachment 

II 

610R024A 

Lower  skin  panel  and  spar  attachment 

II 

610R026A 

Lower  skin  panel 

II 

610R029 

Spar  web  to  caps 

II 

610R100 

Lower  skin  panel  and  spar  cap  attachment 

II 

610R105 

Lower  skin  stiffener  attachment 

m 

II 

610R109 

Spar  web  straps  and  skins 

II 

610R110 

Lower  skin  panel  and  spar  assy 

III 

610RA006 

Corrugated  spar  web  and  spar  caps 

III 

610RA010 

Spar  web  stiffener  attachment 

III 

610RA011 

Upper  and  lower  skin  and  rib  attachment 

III 

610RA013 

Lower  skin  and  rib  attachment 

III 

III 

III 

610RA101 

6I0RA102 

610RA104 

Rib  assy,  lower  surface  and  spar  attachment 
Lower  skin  panel  and  spar  attachment 

Lower  skin  to  spar  and  ribs 

IV 

610RW003 

Corrugated  spars 

IV 

610RW004 

Lower  skin-to-spar  attachment 

IV 

610RW005 

Lower  skin-to-spar  attachment 

IV 

610RW007 

Lower  skin-to-spar  attachment 

IV 

610RW008 

Splice 

Upper  skin  stringer  attachment 

Rivet  bonding  is  not  a  complex  process.  It  requires  con¬ 
trolled  procedures  in  cleaning  and  handling. 
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Appendix  No. 

Drawing  No. 

Application 

i 

610-005 

Upper  skin  stiffener  attachment 

I 

610-007 

Formed  bulb  tee 

i 

610-011 

Upper  skin  panel  trussed 

i 

610-012 

Upper  skin  panel  stiffener 

i 

610-013 

Upper  skin  panel  -  trussed  core 

i 

610-028 

Elongated  core  fabrication 

i 

610-030 

Ribbon  core  fabrication 

i 

610-032 

Upper  skin  stiffener  fabrication 

i 

610-120 

Spar  web  and  cap  joint 

I 

610-122 

Lower  spar  web-to-cap  attachment 

i 

610-208 

Lower  spar  web-to-cap  attachment 

i 

610-210 

Spar  web  stiffener  attachment 

i 

610-214 

Spar  web-to-cap  attachment 

i 

610-221 

Spar  web-to-cap  attachment 

i 

610-400 

Splice  attachment 

i 

610-601 

Nutplate  installation 

i 

610-705 

Splice  joints 

ii 

610R002 

Upper  skin  stiffener  attachment 

ii 

610R006 

Lower  skin  stiffener  attachment 

Lower  skin  panel  and  spar  attachment 

ii 

610R012 

Lower  skin  panel  and  spar  attachment 

ii 

610R017A 

Lower  skin  panel  and  spar  attachment 

ii 

610R020A 

Lower  skin  panel  and  spar  attachment 

ii 

610R021 

Lower  skin  panel  and  spar  attachment 

ii 

610R024A 

Lower  skin  panel  and  spar  attachment 

ii 

610R026A 

Lower  skin  panel  and  spar  attachment 

312 

Table  LXIII  -  WELDBONDING  (Coni' d) 


II 

610R029 

Spar  web  to  caps 

II 

610R109 

Spar  web  straps  and  skins 

II 

610R1I0 

Lower  skin  panel  and  spars 

III 

610RA005 

Upper  skin  stiffener  attachments 

III 

610RA006 

Corrugated  spar  web  and  caps 

III 

610RA010 

Spar  web  stiffener  attachment 

III 

610RA011 

Upper  and  lower  skin  and  rib  attachment 

III 

610RA013 

Lower  skin  and  rib  attachment 

III 

610RA10I 

Rib  stiffener  attachment 

III 

610RA102 

Lower  skin-to-spar  attachment 

III 

610RA104 

Lower  skin-to-spar  and  ribs 

IV 

610RW003 

Corrugated  spar 

Fitting  installations 

IV 

610RW004 

Lower  skin-to-spar  attachment 

IV 

610RW005 

Lower  skin-to-spar  attachment 

IV 

610RW008 

Splice 

Upper  skin  stiffeners  attachment 


Weldbonding  is  a  very  attractive  process  which  is  considered 
to  be  low  risk  with  high  payoff.  The  Air  Force  funded  program  as 
referenced  in  paragraph  10.1.2.b  has  been  the  basis  for  Convair's 
in-house  evaluation.  It  reports  that  certain  parameters  for  the 
process  have  been  established.  Additional  development  and 
engineering  data  are  needed  in  the  area  of  multi-layer  laminated 
joints  as  proposed  in  may  of  the  design  concepts. 

Application  to  major  assembly  fabrication  will  require 
special  accessory  fixturing  to  make  the  process  adaptable  to  the 
condition.  Successful  development  of  the  process  would  include 
a  reliable  inspection  method. 
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Table  LXIV  COMPOSITE  REINFORCED  STRUCTURE 

(Boron  or  Graphite) 


Appendix  No. 

Drawing  No. 

Application 

i 

610-115 

Lower  skin  panel 

i 

610-116 

Lower  skin  panel 

i 

610-117 

Lower  skin  panel 

i 

610-121 

Lower  skin  panel 

i 

610-125 

Panel  insert 

i 

610-129 

Lower  skin  panel 

i 

610-207 

Spar  web 

i 

610-300 

Spar  cap  and  stiffeners 

i 

610-702 

Fitting 

i 

610-703 

Fitting 

ii 

610R010 

Lower  skin  slug 

Composite  reinforced  structure  has  been  applied  to  the 
current  F-lll  production  airplanes  in  the  form  of  a  boron  doubler 
adhesively  bonded  to  the  lower  surface  of  the  wing  pivot  fitting. 
The  application  may  still  be  considered  for  components  where  size 
does  not  provide  the  problem  resulting  from  a  difference  in 
coefficient  in  expansion  between  dissimilar  materials. 

10.3  CONCEPT  EVALUATION  AND  RATING 

It  has  been  necessary  to  evaluate  and  rate  each  concept  in 
a  design  phase  before  proceeding  to  the  next  progressive  design 
phase.  Ratings  for  the  manufacturing  methods  proposed  were 
established  per  the  merit  rating  system  inaugurated  at  the 
beginning  of  the  program.  Results  of  the  ratings  for  manufacturing 
were  integrated  in  the  combined  ratings  for  all  disciplines  con¬ 
sidered. 


10.3.1  Merit  Rating  System  for  Manufacturing 

The  weighing  factors  for  manufacturing  can  be  best  shown  by 
looking  at  their  relation  to  other  factors  of  the  total  as  shown 
in  Table  LXV. 
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Table  LXV  MERIT  RATING  SYSTEM  FOR  CONCEPT  DESIGNS 


Structural 

Technology 

Integrity  and 

Efficiency 

Advancement 

Reliability 

Abilities 

(0.3) 

(0.3) 

(0.3) 

(0.1) 

Cost  -  .5 

Concepts  -  .3 

Static  -  .1 

Inspectability  =  .5 

Weight  *  .5 

Manufacturing  -  .3 

Fatigue  -  .3 

Manufacturability  -.2 

Material  =  .3 

Safe  crack  -  .3 

Maintainability  -.1 

Fracture  -  .1 

Fail  safe  -  .3 

Repairability  -.1 

Predictability  -.1 

The  rationale  for  evaluating  and  rating  design  concepts  and  the 
final  scores  for  manufacturing  were  determined  by  engineers  of  the 
Manufacturing  Engineering  Department  of  Convair  Aerospace  Division, 
Fort  Worth,  Texas.  Ratings  were  made  on  a  judgment  basis  since  the 
contract  for  this  program  specified  that  no  manufacturing  develop¬ 
ment  was  authorized 

10.3.1.1  Manufacturing  Technology  Advancement 

A  prime  goal  of  this  total  program  was  technology  advancement; 
however,  it  could  be  utilized  only  if  it  enhanced  the  status  of 
other  disciplines  such  as  weight,  cost,  fatigue,  material,  etc. 

The  basic  advantage  of  advanced  manufacturing  methods  proposed 
for  detail  part  fabrication  is  to  reduce  cost  based  on  a  production 
application. 

Advanced  manufacturing  methods  of  joining  are  costly  as  com¬ 
pared  to  present  fabrication  methods.  Their  basic  advantage  is  in 
the  ability  to  reduce  component  or  assembly  weight  through  the  use 
of  newer  high  strength-to-weight  materials  and  reduction  of  con¬ 
ventional  fasteners.  Another  important  consideration  is  that  they 
improve  the  integrity  of  a  structure  by  providing  fail-safe  design 
configurations  and  reducing  the  risk  of  crack  propagation. 

Only  a  few  of  the  new  processes  being  considered  have  been 
used  on  major  production  programs.  It  follows  that  unless  pro¬ 
duction  applications  can  be  found  these  will  remain  undeveloped 
and  costly  to  use.  For  this  reason  the  assumption  has  been  made 
that  adequate  time  and  budget  will  be  allowed  to  develop  required 
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technology  and  that  a  normal  learning  curve  will  follow  in  pro¬ 
duction.  Evaluation  of  these  advanced  processes  is  based  on  a 
production  quantity  of  800  airplanes  or  1600  wing  units  since  the 
process  would  be  the  same  for  left  and  right  hand  parts.  Learning 
curves  for  this  quantity  of  units  should  have  a  significant  impact 
on  manufacturing  reliability  and  cost. 

In  rating  an  advanced  manufacturing  method  it  was  first 
determined  that  it  met  the  basic  requirements  of  the  program. 

Other  factors  pertaining  to  direct  evaluation  of  the  process  are: 

1.  Adaptation  of  the  method  to  the  concept  design. 

2.  Current  state  of  reliability  of  the  method  and  related 
equipment  and  scale-up  requirements. 

3.  Development  risks  and  potential  back-up  manufacturing 
methods. 

4.  Economical  advantages  of  the  method. 

5.  Use  of  advanced  materials  with  improved  properties. 

Rating  schedules  were  made  based  on  manufacturing  methods 
and  materials.  A  maximum  percent  of  the  total  weighting  factor 
was  established  for  each  method  and  for  the  utilization  of  advanced 
material.  The  schedule  for  titanium  alloys  and  related  manufacturing 
methods  is  shown  in  Figure  102. 

A  separate  schedule  for  aluminum  alloys  is  shown  in  Figure 
103.  The  percent  factors  are  much  lower  because  less  overall 
technology  advancement  is  obtained  when  the  application  is  to 
aluminum  alloys.  Another  way  of  expressing  the  reason  is  that 
much  more  is  known  about  manufacturing  of  aluminum  alloys. 

10.3.1.2  Manufacturability 

Evaluating  and  rating  this  category  were  based  on  ease  and 
reliability  of  the  proposed  fabrication  method.  Some  designs 
were  based  on  well -developed  processes  but  required  difficult 
coordination  and  fixturing.  A  typical  example  is  an  adhesive 
bonded  wing  skin  panel  with  full  depth  spars  included  in  the 
bonding  operation.  Independently,  spars  or  skins  present  no 
major  fabrication  problems.  Together  the  fixturing  task  is  diffi¬ 
cult.  Typical  of  this  concept  is  drawing  No.  610R027  in  Appendix 
No.  II.  For  this  type  situation  a  complexity  factor  was  imposed 
on  the  rating. 


316 


MANUFACTURING  METHOD  (80%  MAX) 

MATERIAL 

(20%  MAX) 

( 

%  MAX) 

(  %  MAX) 

LOW  TEMP  BRAZING 

80 

6-4  Ti 

10 

DIFFUSION  MOLDING 

80 

8-8-2-3  Ti 

20 

PRECISION  CASTING 

80 

BETA  III  Ti 

20 

ISOTHERMAL  FORGING 

80 

PRECISION  EXTRUSION 

80 

ROLL  TAPERED  SHAPE 

80 

INTEGRAL  PANEL,  FORMED 

80 

INTEGRAL  PANEL,  EXTRUDE 

80 

ADH.  BOND  LAMINATE 

50 

T-BURN  WELDING 

40 

PLASMA  ARC  WELDING 

30 

E.  B.  WELDING 

30 

WELD  BONDING 

30 

D.  R.  RIVETING 

30 

RIVET  BONDING 

20 

Figure  102  Advanced  Manufacturing  Technology 
Concept  Rating  Schedule, 

Titanium  Alloys 
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MANUFACTURING  METHOD 

(80%  MAX) 

MATERIAL 

(20%  MAX) 

(  %  MAX) 

(  %  MAX) 

PRECISION  FORGING 

50 

7050  ALUM. 

10 

INTEGRAL  PANEL, 

FORMED 

40 

7475  ALUM. 

10 

INTEGRAL  PANEL, 

EXTRUDE  -  MACHINE 

30 

ADHESIVE  BONDING 
LAMINATES 

25 

RIVET  BONDING 

15 

Figure  103  Advanced  Manufacturing  Technology 
Concept  Rating  Schedule, 

Aluminum  Alloys 
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To  properly  assess  this  category,  it  was  divided  into  three 
manufacturing  conditions: 

1.  Basic  metal  processing  or  detail  part  fabrication. 

2.  Secondary  metal  processing  or  subassembly  joining,  i.e., 
bonding,  welding  or  riveting. 

3.  Final  assembly  of  major  components  such  as  spars,  ribs, 
bulkheads  and  skins. 

For  the  purpose  of  evaluation  a  maximum  percent  value  was 
assigned  to  each  as  shown: 

50%  for  basic  manufacturing 

30%  for  secondary  manufacturing 

20%  for  final  assembly 

The  method  or  methods  of  fabrication  were  the  major  factors 
in  the  manufacturing  ratings.  It  was  also  concluded  that  a 
desirable  method  for  aluminum  such  as  machining  a  spar  is  not  so 
desirable  for  fabricating  a  titanium  spar.  For  this  reason 
aluminum  and  titanium  alloys  have  individual  rating  schedules  as 
shown  in  Figure  104  (for  titanium  alloys)  and  Figure  105  (for 
aluminum  alloys). 

10.3.1.3  Scoring  Methodology  for  Design  Concepts 

In  arriving  at  the  rating  score  for  a  design  concept,  con¬ 
sideration  was  given  to  the  percent  of  the  concept  to  be  manu¬ 
factured  by  each  method,  i.e.,  what  percent  of  the  total  fabri¬ 
cation  of  details  is  done  by  machining,  extruding,  forming,  etc. 

Ease  and  reliability  of  the  manufacturing  methods  were  the 
major  factors  in  evaluating  a  design  concept.  Basic  costs  for 
tooling  and  facilities  were  ignored  except  where  those  costs 
appeared  excessive  or  where  high  maintenance  is  forecase,  i.e., 
pack  diffusion  roll  bonding  of  titanium  integrally  stiffened 
panels  is  quite  expensive  with  high  tooling  costs.  For  these 
conditions  a  complexity  factor  based  on  judgment  was  applied. 

Manufacturability  scores  for  individual  concepts  were  obtained 
through  a  rough  formula  as  follows. 
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BASIC  SECONDARY  FINAL 

ACTURING  MANUFACTURING  ASSEMBLY 
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Figure  104  Manufacturability 
Concept  Rating  Schedule, 
Titanium  Alloys 
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Figure  105  Manufacturability 
Concept  Rating  Schedule, 
Aluminum  Alloys 


LET: 


Method  1  =  %  of  concept  x  schedule  7„  x  weighing  factor 

Method  2  =  7o  of  concept  x  schedule  7»  x  weighing  factor 
NOTE:  %(method  1)  +  7o(method  2)  ■  1007>  of  concept 
AND:  (method  1  score)  =  (method  2  score)  =  total  score 

Individual  scores  for  cross  section  drawing  concepts  and 
analytical  assembly  drawing  concepts  were  calculated.  Resulting 
scores  were  posted  to  Preliminary  Manufacturing  Analysis  and  Concept 
Rating  sheets  for  the  concepts  as  shown  in  Figure  106. 

Preliminary  Manufacturing  Analysis  and  Concept  Rating  sheets 
for  cross  section  drawings  are  shown  in  Appendix  II.  Those  for 
analytical  assembly  drawings  are  shown  in  Appendix  III. 

10.3.2  Rating  of  Element  Concept  Drawings 

Ratings  of  element  concept  drawings  concentrated  on  the 
compression  skin  concepts  for  the  upper  wing  surface  and  tension 
skin  concepts  for  the  lower  wing  surface.  All  concepts  were 
considered  to  have  met  the  requirement  for  advanced  technology 
to  some  degree  and  the  prime  objective  in  this  design  phase  was 
to  rate  those  concepts  for  effective  use  of  manufacturing  methods. 

Results  of  the  Element  Concept  Phase  evaluation  was  recorded 
as  shown  in  Figure  107  for  compression  skins  and  Figure  108  for 
tension  skins.  The  highest  numbered  ranking  indicated  the  most 
desirable  manufacturing  method  and  approach. 

Other  elements  of  this  phase  were  evaluated  by  verbal 
comments  as  to  their  applications  in  the  subsequent  design  phase 
concepts . 


10.3.3  Rating  of  Cross  Section  Drawings 

Cross  section  drawings  were  evaluated  by  the  Merit  Rating 
System  for  manufacturing  as  shown  in  Table  LXII  of  paragraph 
10.3.1.  Included  in  these  concept  ratings  were  ratings  for 
drawings  of  the  F-lll  baseline  structure. 


322 


lilLE  _W,ING  SECTION  -  LAMINATED  LOWER  DWG.  NO.  610R-006 
SKINS  WITH  STEPPED  SPAR  CAPS:  14Q 

PLATE  UPPER  SKIN:  CORRUGATED  SPAR 


WEBS 

MATERIAL 

COMPONENT 

ADV.  MATL. 

7050-T761  (Plate) 

U.  Skin  &  F/R  Spars 

Yes 

7050-T76  (Sheet) 

L.  Skin  &  Corr.  Spars 

Yes 

7050-T761  (Bar) 

Spar  Caps 

Yes 

MFG.  PROCESS 

COMPONENT 

ADV.  METH. 

Brake  Form  6c  Machine 

U.  Skin 

No 

Machine 

U.  Spar  Caps 

No 

Machine 

F  6c  R  Spar 

No 

Form  - 

Corr.  Spar  Webs 

No 

Adh.  Bond 

L.  Skin  Laminate 

Yes 

Weld  Bond 

Corr.  Spar  to  L.S.Caps 

Yes 

COMMENTS: 

Laminated  bonded  lower  skin  and  spar  caps  will  require 
development . 

Weld  bonding  of  7050  alum  will  need  development.  Suggest 
rivet  bonding  of  upper  and  lower  spar  caps  to  webs  be  evaluated 
in  trade  study. 


CONCEPT  RATING 


ADVANC 

ZED  TECH 

NOLOGY 

MANUFACTURING 

COST  FACTOR 

MFG. 

.027 

MATL. 

.010 

TOTAL 

.0375 

BASIC 

.007 

SECOND 

.003 

FINAL 

.003 

TOTAL 

.013 

TOOL:  125 

MFG: 

Figure  106  Wing  Section  -  Laminated  Lower  Skins 
With  Stepped  Spar  Caps:  Plate  Upper 
Skin:  Corrugated  Spar  Webs 
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MANUFACTURING  AND  ASSEMBLY 


DWG.  NO. 

CONCEPT 

MATL. 

100-75 

75-50 

50-25 

25-0 

610-000 

AB-HC  PANEL 

A 

▼ 

-001 

DB-EXP  CORE 

T 

▼ 

-002 

BEADED  PANEL 

AT 

▼ 

-003 

AB-HC  PANEL 

▼ 

-004 

AB-HC  (WELD)  PAN 

T 

▼ 

-005 

SS  PANEL  (MULTI) 

AT 

▼ 

- ^UOS- 

SS  PANEL  (Z) 

AT 

▼ 

-007 

SS  PANEL 

AT 

▼  (A) 

(t)t 

-008 

SS  PANEL 

AT 

▼ 

-009 

AB-HC  +  SLUG  PAN 

AT 

T 

-010 

AB-HC-NO  SLUG-PAN 

AT 

▼ 

-Oil 

TRUSS -LATTICE -PAN 

TS 

▼(T)  (S)T 

-012 

TRUSS -CORR- PAN 

AT 

▼ 

-013 

PYM  CORE 

ATS 

▼ 

-014 

STRESSKIN  (WELD)  PAN 

TS 

▼(T) 

▼(S) 

-015 

EXP  TRUSS  CORE-Bz 

TS 

-016 

ROLL  DB -TRUSS  PAN 

T 

AB-TRUSS  PAN 

A 

▼ 

-017 

AB-HC -PLANK  PAN 

A 

▼ 

-018 

STAMPED  CORE -PAN 

AT 

(A  )▼ 

(T)V 

-019 

Bz  PAN-SW  CORE 

TS 

(TO  (S  )4 

-020 

AB-BULB  STIFF 

AT 

VA  'T) 

-021 

T-BURN  THRU  PAN  (TIG) 

T 

-022 

AB-HC  PANEL 

A 

T 

-023 

T-BURN  THRU  PAN  (EB) 

T 

9 

-024 

AB-SQ  TUBE  PANEL 

T 

-025 

T-BURN  THRU  PAN  (EB) 

T 

▼ 

-026 

O-TUBE  PAN-EB 

AT 

▼ 

-027 

AB-SQ  TUBE  +  1-1-  SKINS 

T 

▼ 

-028 

AB-HC -ELG  CORE 

AT 

▼ 

-029 

TRI -TRUSS -AB  PAN 

AT 

(A)T 

▼  (T) 

-030 

RIBBON  CORE 

AT 

▼ 

-031 

WAFFLE  GRID 

AT 

▼(A)  T(T) 

-032 

Y -STRINGER-PAN 

T 

▼ 

-033 

CORR- PANEL 

AT 

▼ 

-034 

45°  TRUSS  T-BURN 

ATS 

▼ 

-035 

AB-HC  CONST.  TAPER 

ATS 

▼ 

-036 

T-BURN  Y  STIFR 

TS 

▼ 

CODE:  AB-  ADHESIVE  BOND  A 

DB  -  DIFFUSION  BOND  T 

SS  -  SKIN  STRINGER  S 

HC  -  HONEYCOMB 


ALUMINUM 

TITANIUM 

STEEL 


Figure  107  Compression  Skins  Concept  Rating 


324 


DWG.  NO. 

CONCEPT 

% 

MATL 

100-75 

75-50 

50-25 

25-0 

610-100 

AB- BEADED- LAMIN 

AT 

(Ah 

▼(T) 

-101 

CSDB-T  STIFFENER 

T 

▼ 

-102 

CSDB-BD  STIF  +  SPAR 

T 

y 

-103 

STRESS  SKIN-DB+EB 

T 

y 

-104 

RDB-T  STIFFENER 

T 

▼ 

-105 

FORGE/MACH- PLANKS 

AT 

— 

▼m 

-106 

PLANK- LAMINATE 

AT 

▼ 

-107 

PLANK-MACHINED 

AT 

▼ 

-108 

PLANK- SPLICED 

AT 

▼ 

-109 

AB-HC+DB  STIF 

T 

-110 

AB-HC+DB  SLUG 

T 

▼ 

-111 

AB-HC+SP  CP-LAM  SKIN 

AT 

▼ 

-112 

BZ-HC+SPAR  CAP 

TS 

T 

610-113  1 

BZ-SLUG  +  SPAR  CAP 

TS 

▼ 

-114 

INT.  STIF  PAN-AB/BZ/DB 

TS 

▼(AB) 

( Bz)  ▼ 

▼  (DB) 

-115 

BZ  SP  CP  +  HC/COMP 

T  B/G 

▼ 

-116 

AB  INT  STIF-B-LAM 

AT  B/G 

▼ 

-117 

TI-B/G  COMPOSITE 

T  B/G 

▼ 

-118 

AB-INT  STIF- BULB 

ATS 

(A  )▼ 

▼(T-S) 

-119 

AB-HC  PAN- SKIN- SPR 

AT 

mm 

-120 

AB-LAM  +  WB 

AT 

▼ 

▼ 

-121 

AB- LAM- IS- TAPER 

AT 

(A)w(l)r 

-122 

BZ  HC  +  SPAR  CAP 

T 

m 

-123 

BZ/AB  LAM  (T  &  S) 

TS 

▼ 

▼ 

610-124 

AB- HAT- SPAR  LAM 

AT 

▼ 

= — - m 

-125 

AB-HC  +  COMP  SLUG 

TG 

▼ 

-126 

AB-HC-RIBBONS 

ATS 

▼ 

-127 

AB-HC  +  HC  SPAR 

T 

▼ 

-128 

AB-HC  +  LAM  SPAR 

T 

W 

-129 

SPAR  SKIN-T  BURN  +  COMP 

TS 

▼ 

y 

-130 

AB/BZ-HC  +  TI  SLUG 

TS 

(ABW 

▼(Bz) 

-131 

EX- PLANK  +  SPAR 

AT 

▼(A)  t(T) 

-132 

1 

AB-LAM  +  SPAR 

AT 

▼ 

-133 

BZ-FULL  DEPTH  DIAG. 

TS 

▼ 

AB-ADHESIVE  BOND  A-ALUMINUM 
DB-DIFFUSION  BOND  T- TITANIUM 

SS-SKIN  STRINGER  S- STEEL 

HC- HONEYCOMB 


FIGURE  108  TENSION  SKINS  CONCEPT  RATINGf 
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Ratings  for  the  concepts  at  center  spar  station  140  are 
shown  in  Figure  109  and  those  for  the  outboard  station  340  are 
shown  in  Figure  110.  As  previously  stated  these  drawings  are 
shown  in  Appendix  II  of  this  report.  Included  with  the  drawings 
are  Preliminary  Manufacturing  Analysis  and  Concept  Rating  sheets 
as  shown  in  Figure  106  of  paragraph  10.3.1*  These  sheets  indicate 
the  desired  manufacturing  methods  and  contain  details  of  the 
scoring. 


10.3.4  Rating  of  Analytical  Assembly  Drawings 

Rating  of  analytical  assembly  drawings  followed  the  same 
procedure  as  that  for  rating  of  cross  section  drawings.  The 
analytical  assembly  drawings  and  the  respective  Preliminary 
Manufacturing  Analysis  and  Concept  Rating  sheets  are  shown  in 
Appendix  III  of  this  report.  Evaluation  of  analytical  assembly 
drawings  led  to  the  selection  of  candidate  design  concepts  for 
the  final  full  wing  design  in  the  Preliminary  Design  Drawing 
Phase. 


10.3.5  Rating  of  Preliminary  Design  Drawings 

Those  ratings  made  for  analytical  assembly  drawings  were 
also  applied  to  rating  of  these  final  design  concepts  in  the 
selection  of  the  three  top  configurations.  No  major  deviations 
were  made  in  manufacturing  methods  from  the  analytical  assembly 
drawings  which  represented  the  final  concept. 
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MANUFACTURING 


TECHNOLOGY  ADVANCEMENT 

CONFIG.  NO.  .10  .08  .06  .04  .02  0 

610R-000 
-002" A" 

-003 
-007 
-009 
-010 
-Oil 
-013"B" 

-014 "A" 

-015"C" 

-016 "A" 

-017 "B" 

-018 
-019-1 
-019-2 
-020" A" 

-021 
-022 "A" 

-023 
-024"A" 

-025 
-026  "A" 

-027 
-028 
-029 
-030 
-031 


Figure  109  Concept  Rating  Cross-Section 


MANUFACTURABILITY 
.02  .015  .01  .005  0 


Concepts  at  C.S.S.  140 
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MANUFACTURING 


CONFIG.  NO. 

610R-104 

-100 

-101"B" 

-102"B" 

-103”A" 

-105 

-106 

-107 

-108 

-109 

-110 

-111 

-112 

-113"A" 

-114 

-115-1 

-115-2 

-116 

-117 

-118 

-119 

-120 


TECHNOLOGY  ADVANCEMENT 
.10  .08  .06  .04  .02  0 


MANUFACTURABILITY 
.02  .015  .01  .005  0 


03 

iuB02TbM 

■3*1 

■a 

Ka 

B2SSTW3 

rWgVg^'3 

mwamta 

LWOKKI 

■BS9BECBN 

■Sara 

uBBKSKH 

i 

nwur.'iH 

EN 

T2L 

tajanBC&2& 

l 

SM  i  mr  TiVnf 

Figure  110 


Concept  Rating  Cross-Section  Concepts  at  C.S.S.  3^0 
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10.4  PRELIMINARY  MANUFACTURING  PLANNING 

Preliminary  manufacturing  plans  were  prepared  to  assist  in 
the  evaluation  of  the  design  configurations.  The  plans  for  the 
three  top  designs  are  discussed  in  this  section. 

10.4.1  Preliminary  Manufacturing  Plan  for  610RW003 

The  manufacturing  approach  for  the  number  one  ranked  design 
is  discussed  below.  The  process  is  also  shown  schematically  in 
Figures  111  through  120. 

10.4.1.1  Front  Spar  Fabrication 

The  front  spar  is  a  one  piece,  integrally  machined  structure 
made  from  7050-T73651  aluminum  alloy  plate  stock.  Numerically 
controlled  milling  machines  are  used  to  pocket  and  contour  the 
spar  (Reference  Figure  111) . 

10.4.1.2  Corrugated  Spar  Fabrication 

The  upper  and  lower  spar  caps  are  tapered  and  stepped  channel 
type  structural  pieces  machined  from  7050-T76511  al.  alloy 
extrusions. 

Upper  caps  are  contour  machined  to  the  inner  surface  of  upper 
skin,  while  lower  caps  will  maintain  the  outer  contour  of  lower 
wing  surface  as  well  as  supporting  lower  surface  skin  panel  lami¬ 
nates. 

Numberical  control  machining  techniques  will  be  used  for 
fabrication  of  all  upper  and  lower  spar  caps  to  generate  maximum 
effective  metal  removal  and  ultimate  dimensional  control.  These 
details  will  be  machined  to  net  dimensions  for  installation  in 
lower  wing  skin  assembly. 

The  corrugated  spar  webs  will  be  formed  from  .071,  .063,  and 
.040  inch  thick  7050-T76  aluminum  alloy  sheet  stock. 

Spar  webs  are  to  be  sheared  to  rough  width,  brake  formed  on 
developed  draw  dies  and  routed  to  finish  profile.  (It  has  not 
been  determined  at  this  time  if  parts  can  be  formed  full  depth, 
if  not  they  will  require  intermediate  thermal  conditioning.) 

The  important  manufacturing  steps  are  shown  in  Figure  112. 
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Figure  111  Basic  Manufacturing  -  Front  Spar 
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10.4.1.3  Lower  Skin  Laminates 


Each  bay  of  the  lower  skin  will  be  prepared  separately.  The 
bay  laminates  will  be  formed  from  various  thickness  of  7050-T76 
aluminum  alloy  sheet  stock,  ranging  from  .070  to  .125  inch 
thickness . 

Laminates  are  to  be  sheared,  rolled  to  contour,  taper  etched, 
routed,  and  deburred  in  preparation  for  bonding  operation 
(Reference  Figure  113) . 

10.4.1.4  Upper  Skin  Fabrication 

The  upper  skin  is  a  one  piece  sculptured  plate  similar  in 
type  to  the  present  F-lll.  It  contains  the  entire  upper  surface 
contour. 

Basic  tapers  on  the  inside  skin  will  be  machined  on  numerical 
control  skin  mill.  Contour  will  be  formed  on  1000  ton  numerical 
control  brake.  The  skin  will  then  be  etched  and  routed  to  finish 
dimensions  (Reference  Figure  114). 

10.4.1.5  Fabrication  of  Bulkheads,  Ribs,  and  Pylon  Fittings 

Major  fittings  may  be  fabricated  by  machining  from  plate 
or  by  precision  forging.  Production  quantity  and  rate  will 
determine  the  most  economical  method.  Figure  115  depicts  the 
two  methods. 

10.4.1.6  Rear  Spar  Fabrication 

The  rear  spar  webs  will  be  made  from  .040  inch  thick  7050-T76 
aluminum  sheet  stock. 

Rear  spar  webs  will  be  sheared  to  rough  width  and  routed  to 
net  profile  in  preparation  for  weld  bonding  operation. 

Spar  caps  will  be  fabricated  using  methods  shown  in  Figure  112. 

Assembly  of  the  cap  and  web  components  is  classified  as  a 
secondary  manufacturing  process  as  shown  in  Figure  116. 

10.4.1.7  Assembly  of  Lower  Surface 

This  assembly  consists  of  aluminum  skin  sheets  laminated 
and  joined  to  the  lower  spar  caps  which  were  step  machined  in 
detail  to  provide  overlap  of  each  individual  skin  laminate  with 
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Basic  Manufacturing  Lower  Skin  Laminates 
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Figure  114  Basic  Manufacturing  Upper  Skin 
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Figure  115  Basic  Manufacturing  Bulkheads,  Ribs,  and  Pylon  Fittings 
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Figure  116  Secondary  Manufacturing  Rear  Spar  Assembly  Weldbond  Spar  Webs  And  Caps 


the  spar  cap  flange.  Design  of  the  one  piece  front  spar  requires 
that  bonding  tooling  be  able  to  support  the  full  depth  spar  during 
the  bonding  cycle.  Also,  the  full  depth  pylon  fittings  will  be 
positioned  and  held  during  bonding  (Reference  Figure  117). 

10.4.1.8  Lower  Wing  Box  Adhesive  Bonded  Assembly 

The  first  step  in  assembly  of  this  structure  is  to  prefit 
spar  webs,  upper  spar  caps,  ribs,  and  bulkheads  to  the  previously 
bonded  lower  skin  assembly.  This  operation  will  require  unusual 
type  assembly  and  prefit  fixturing  necessary  to  accomplish  either 
weld  bonding  or  rivet  bonding,  as  selected  from  manufacturing 
testing.  Following  prefit  and  cleaning  the  details  will  be 
prepared  and  assembled  for  weld  bonding  or  rivet  bonding  (Refer¬ 
ence  Figure  118).  After  completion  of  these  operations  the 
assembly  will  go  to  the  oven  or  autoclave  for  cure  of  adhesives 
used  in  the  layup  of  the  assembly.  Fixturing  for  this  operation 
will  be  a  combination  wing  assembly  fixture  and  adhesive  bonding 
tool  having  provisions  for  locating  the  rear  spar  assembly  during 
bonding  (Reference  Figure  119) . 

10.4.1.9  Final  Assembly  of  Wing  Box 

A  major  assembly  and  drill  fixture  commonly  known  as  a 
"wing  buck"  will  be  required  to  perform  final  assembly  operations 
of  the  box.  The  fixture  will  receive  the  basic  lower  box  assembly 
and  provide  a  method  of  positioning,  holding,  and  locating  hole 
drilling  tooling  for  drilling  holes  common  to  the  one  piece 
upper  skin  and  understructure.  Following  the  hole  drilling 
operations  the  skin  is  removed  and  self  locking  nuts  will  be 
installed  in  the  attach  surfaces  of  the  lower  box  upper  surface. 
With  the  skin  removed  all  attachments  to  the  front  and  rear  spar 
will  be  made.  At  this  point  all  faving  surfaces  formed  by  the 
upper  skin  will  have  fuel  sealing  applications  and  the  upper  skin 
will  be  permanently  attached  with  bolts. 

No  reference  is  made  to  attaching  the  inboard  end  of  the 
box  to  a  test  fixture.  It  is  assumed  that  provisions  for  attach¬ 
ment  of  necessary  fittings  or  bulkheads  associated  with  testing 
will  be  accomplished  in  the  final  assembly  fixture  prior  to  final 
attachment  of  the  upper  wing  skin  to  the  lower  box  assembly. 

10.4.2  Preliminary  Manufacturing  Plan  for  610RW004 

The  manufacturing  approach  for  the  number  two  ranked  design 
configuration  is  described  below.  Figures  121  through  128  show 
the  process  schematically. 
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Figure  117  Secondary  Manufacturing  Lower  Surface  Laminated  Skin  Panel  Adhesive  Bonded  Assembly 
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10.4.2.1  Front  and  Rear  Spar  Fabrication 


As  shown  in  Figure  121,  the  spar  caps  are  machined  from 
7050-T736511  aluminum  extrusions.  Spar  webs  are  honeycomb 
sandwich  panels. 

10.4.2.2  Auxiliary  Spar  Fabrication 

Upper  and  lower  spar  caps  are  machined  from  aluminum 
extrusions.  Spar  webs  are  aluninum  sheet  stiffened  by  weld- 
bonded  angles.  The  basic  steps  are  shown  in  Figure  122. 

10.4.2.3  Fabrication  of  Skin  Panel  Details 

Slugs  of  solid  aluminum  plate  (7050-T73651)  are  bonded 
between  aluminum  sheet  skins  (7050-T76)  to  form  the  basic  skin 
panels.  Fabrication  of  the  details  is  shown  in  Figure  123. 

10.4.2.4  Front  and  Rear  Spar  Assembly 

Assembly  of  the  front  and  rear  spar  details  is  classified 
as  a  secondary  manufacturing  operation.  The  process  is  shown 
in  Figure  124. 

10.4.2.5  Lower  Skin  Panel  Assembly 

The  front  and  rear  spars,  lower  spar  caps  for  auxiliary 
spars,  and  the  lower  skin  panel  details  are  bonded  together  in 
one  bond  cycle.  A  sketch  showing  these  components  in  the  bond 
form  is  shown  in  Figure  125. 

10.4.2.6  Assembly  of  Lower  Skin  Panel  and  Auxiliary  Spars 

Using  a  fixture  to  control  both  upper  and  lower  surface 
contour,  the  upper  caps  and  webs  for  auxiliary  spars  are  weld- 
bonded  into  place.  The  sequence  is  described  in  Figure  126. 

10.4.2.7  Upper  Skin  Panel  Assembly 

The  upper  skin  panel  is  adhesive  bonded  as  shown  in  Figure 
127.  It  is  a  more  conventional  bonding  operation  since  all 
surfaces  are  smooth  contours. 

10.4.2.8  Final  Assembly  of  Wing  Box 

Installation  of  the  upper  skin  panel  completes  the  wing  box. 
This  operation  is  shown  in  Figure  128. 
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Figure  122  Basic  Manufacturing  Spar  Details  Auxiliary  Spars 
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Figure  123  Basic  Manufacturing  Skin  Panel  Details 
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Figure  124  ,  Secondary  Manufacturing  Front  &  Rear  Spars  Adhesive  Bonded  Assembly 
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FRONT  SPAR 

Figure  125  Secondary  Manufacturing  Lower  Skin  Panel  Assembly 
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10.4.3  Preliminary  Manufacturing  Plan  for  610RW002 

The  manufacturing  approach  for  the  number  three  ranked  design 
is  discussed  below.  The  process  is  also  shown  schematically  in 
Figures  129  through  142. 

10.4.3.1  Front  and  Rear  Spar  Detail  Fabrication 

The  front  and  rear  spars  details  consist  of  upper  and  lower 
spar  caps  which  are  butt  welded  to  a  spar  web.  All  details  are 
made  from  6al4V  titanium  alloy  material.  The  spar  caps  are 
extruded  to  rough  tee  shapes  and  machined  complete.  The  spar 
webs  are  sheared  from  sheet  stock  and  machine  routed  to  size  for 
welding.  (Reference  Figure  129.)  The  steps  in  welding  are 
explained  in  paragraph  10.4.3.7. 

10.4.3.2  Upper  and  Lower  Skin  Details 

Each  section  of  skin  will  be  rough  sheared  from  6al4V  titanium 
alloy  sheet  stock.  Conventional  tooling  tabs  will  be  machine 
routed  and  drilled  for  coordination  to  station  and  contour  location. 
Ceramic  hotform  dies  will  be  used  to  creep  form  each  detail  prior 
to  prefit  in  the  final  brazing  fixture  (Reference  Figure  130) . 

10.4.3.3  Inboard  and  Outboard  Pylon  Fittings 

Pylon  fittings  will  originate  as  rought  machined  6al4V 
titanium  alloy  plate  and  bar  material.  The  rough  machined  shapes 
will  be  electron  beam  welded  to  a  configuration  which  can  be 
machined  to  produce  the  desired  part  for  the  assembly  welding 
(Reference  Figure  131) . 

10.4.3.4  Core  Cell  Details 


The  core  cell  details  will  originate  from  commercially  pure 
titanium  sheet  stocked  in  rolled  coils.  The  material  will  be  fed 
from  the  coil  into  a  punch  die  or  a  combination  punch  and  form 
die  which  cold  forms  the  cell  wall  shape  and  punches  a  series  of 
holes  predetermined  to  size  and  location.  These  holes  may  be 
used  for  dual  purpose  as  fuel  flow  holes  and  coordination  holes 
in  fabricating  welded  core  blocks  and  later  in  prefitting, 
machining,  and  joining  core  segments  (Reference  Figure  132). 

10.4.3.5  Core  Cell  Fabrication 


The  performed  core  cell  ribbons  are  located  in  a  seam  welding 
fixture  using  the  prepunched  coordinating  holes  to  establish  shape 
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Figure  129  Basic  Manufacture  Spar  Details  Front  and  Rear  Spars 
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Figure  130  Basic  Manufacturing  Wing  Skin  Details 


INBOARD  FITTINGS 


354 


355 


Figure  132  Basic  Manufacturing  Fabrication  of  Core  Cell  Details 


and  alignment.  Rectangular  block  of  core  will  be  sized  to 
allow  for  cutting  to  final  shape  at  prefit  operations  (Reference 
Figure  133) . 

10.4.3.6  Pylon  Fitting  Assemblies 

Details  of  the  pylon  fitting  assemblies  will  be  jig  located 
for  contour  and  station  location  and  GTA  welded  as  butt  welds  and 
burn  through  welds  (Reference  Figure  134) . 

10.4.3.7  Rear  Spar  and  Front  Spar  Weld  Assembly 

The  front  and  rear  spars  become  an  integral  spar  and  pylon 
fitting  weld  assembly  as  the  first  steps  in  approaching  the  wing 
box  assembly.  Steps  in  fabricating  this  weld  assembly  are: 

(1)  Weld  pylon  assembly  fittings  to  rear  spar  web  using 
GTA  bum  thru  welding  (Reference  Figure  134).  Locate  pylon 
fitting  assembly  from  pylon  attach  points  in  a  major  positioning 
and  welding  fixture  which  also  positions  the  spar  web  for 
welding. 

(2)  Locate  upper  and  lower  spar  caps  and  GTA  butt  weld 

in  the  rear  spar  pylon  fitting  welding  fixture  (Reference  Figure 
135). 

(3)  Move  the  rear  spar  pylon  weld  assembly  to  a  weld 
fixture  for  joining  the  front  spar  details  to  the  existing 
assembly.  GTA  burn  through  the  pylon  fittings  and  front  spar 
web  as  the  first  operation  and  follow  by  GTA  butt  welding  the 
spar  caps  to  the  spar  web  (Reference  Figure  136) . 

10.4.3.8  Wing  Box  Structure  Assembly 

The  spar  pylon  fitting  welded  assembly  is  located  in  an 
assembly  fixture  where  end  bulkheads,  slat  track  housings,  and 
other  special  details  are  assembled  prior  to  receiving  the 
multi -wet  cell  core  panels  (Reference  Figure  137). 

10.4.3.9  Machining  of  Finish  Stage  Multi -Wet  Cell  Core 

The  welded  core  blocks  fabricated  for  areas  of  the  pylon 
fittings  are  installed  in  a  prefit  fixture  which  contains  the 
perimeter  of  the  second  stage  core  for  mating.  The  tooling  for 
this  core  perimeter  employs  the  tooling  hole  coordination  to 
insure  a  second  stage  match  fit.  Only  the  perimeter  of  the  first 
stage  core  is  prefit.  The  upper  and  lower  surfaces  remain  flat. 
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Figure  134  Rear  Spar  and  Pylon  Fitting  Joining 
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Welding  of  Rear  Spar  Web  and  Caps 
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Figure  136  Welding  of  Front  Spar  Assembly 
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Figure  137  Installation  of  End  Bulkheads  and  Fittings 


A  special  filler  is  poured  in  the  core  cells  and  allowed  to  set. 
This  filler  supports  the  cell  wall  during  subsequent  contour 
machining  operations  in  the  prefit  fixture  (Reference  Figure  138) . 
Following  machining  of  the  lower  contour  surface  by  the  N.C.  core 
mill  the  filler  is  removed  by  heating  and  the  core  is  transferred 
to  a  second  prefit  fixture  which  coordinates  the  machining  of  the 
upper  surface  contour. 

10.4.3.10  Machining  of  Second  Stage  Multi-Wet  Cell  Core 

The  second  stage  core  follows  the  basic  procedure  and  tooling 
concept  as  described  for  the  first  stage  core.  The  same  tooling 
coordination  for  the  splice  joints  is  employed  (Reference  Figure 
139). 

10.4.3.11  Installation  of  Multi-Wet  Cell  Core 

The  first  stage  core  is  installed  with  the  aid  of  a  fixture 
which  simulates  the  second  stage  core  for  coordination.  Final 
phase  of  the  core  installation  includes  hand  sanding  the  slightly 
oversize  core  near  fittings  and  spar  caps.  The  core  is  attached 
to  the  joining  structure  by  spot  welding  or  poke  welding.  At 
this  time  a  braze  alloy  foil  is  inserted  between  the  spot  welded 
joint  for  capillary  flow  brazing  during  the  final  braze  assembly 
operation  (Reference  Figure  140) . 

The  second  stage  core  is  installed  much  in  the  same  manner 
as  described  for  the  first  stage.  The  pre  punched  holes  in  the 
core  are  used  for  coordination  with  the  first  stage  core.  The 
splice  joint  is  deflected  only  slightly  in  this  joining  process 
but  due  to  the  flexibility  of  the  core  cell  no  problem  is 
expected  in  this  operation  (Reference  Figure  141). 

10.4.3.12  Final  Braze  Assembly 

The  final  brazing  of  the  assembly  is  accomplished  in  a 
vacuum  retort  type  fixture  which  contains  a  ceramic  platen  with 
embedded  heating  elements  for  the  lower  surface  and  a  flexible 
blanket  heating  element  over  the  upper  surface.  A  flexible 
diaphragm  transmits  atmospheric  pressure  on  the  wing  box  assembly 
during  brazing. 
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Figure  138  Machining  of  First  Stage  Multi  Wet  Cell  Core 
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Figure  139  Machining  of  Second  Stage  Multi  Wet  Cell  Core 


SPAR  WEB  ~  /'l  ;  \  7^ -  APPLY  BRAZE  ALLOY  TO  JOINT  AND  SPOT  WELD  FOR  BRAZING 
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APPLY  BRAZE  ALLOY  TO  JOINT  AND  SPOT  WELD  FOR  BRAZING 


366 


REFRASIL  CLOTH 
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Figure  142  Final  Braze  Operation  Large  Area  Brazing 


SECTION  XI 


QUALITY  ASSURANCE  AND  NDI 


Most  existing  quality  assurance  and  nondestructive  inspec¬ 
tion  (NDI)  processes  evolved  from  increasing  requirements  to 
monitor  and  verify  the  design  and  fabrication  of  high  performance 
aircraft  structures.  These  processes  were  developed  to  respond 
to  specific  needs  and  were  not  generated  as  part  of  the  over¬ 
all  quality  assurance  plan  established  for  major  subassemblies. 

In  the  Advanced  Air  Superiority  Fighter  Wing  Structures 
program  this  concept  was  extended.  The  Quality  Assurance 
organization  was  charged  with  the  responsibility  for  monitoring 
preliminary  design  concepts  and  advising  engineers  of  design 
changes  to  provide  more  reliable,  cost  effective  inspection 
systems.  To  aid  in  design  support,  the  following  objectives 
were  proposed: 

1.  Obtain  the  theoretical  parameters  of  the  new  materials 
that  affect  the  sensitivity  of  NDI  techniques. 

2.  Determine  the  adequacy  of  existing  quality  control  and 
NDI  equipment  and  procedures. 

3.  Estimate  the  lower  limit  of  flaw  detection  on  a  production 
line  basis. 

4.  Determine  the  accessibility/inspectability  of  each  struc¬ 
tural  concept  from  engineering  design  drawings. 

5.  Prepare  preliminary  quality  assurance  plans  for  each 
selected  preliminary  design. 


11.1  INSPECTION  CAPABILITIES 


In  recent  years  extensive  experience  has  been  obtained  in 
inspecting  aircraft  structures  of  increasingly  complex  design  and 
fabrication  process.  New  and  improved  NDI  techniques  and  capabil 
ities  were  developed  and  applied  for  the  detection  or  measurement 
of  the  significant  properties  and  performance  capabilities  of 
materials,  parts  and  assemblies.  However,  most  existing  NDI 
procedures  are  oriented  toward  specific  applications  and  cannot 
be  directly  transferred  to  new  concepts.  For  these  concepts 
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new  inspection  capabilities  had  to  be  estimated  from  existing 
experience  and  technology.  Every  effort  was  made  to  insure  that 
only  the  most  advanced  NDI  techniques  were  considered  for  this 
program.  Consideration  was  given  the  availability  of  only 
limited  information  about  the  inspection  of  the  new  materials 
and  manufacturing  processes. 

The  various  facets  that  provided  a  basis  for  estimating  the 
inspection  capabilities  are  given  in  Figure  143,  During  Phase 
IA  of  the  Advanced  Metallics  Air  Vehicle  Structure  program, 
literature  and  industrial  surveys  were  conducted  to  define  the 
most  current  NDI  methods  and  techniques.  Over  75  publications 
were  reviewed,  and  NDI  engineers  from  most  of  the  major  aircraft 
companies  were  contacted  for  possible  applications.  This  activity 
was  continued  into  the  AASFWS  program.  Specific  attention  was 
given  to  those  reports  that  were  directed  toward  improvment  of 
inspection  capabilities  for  titanium  materials.  Other  areas  of 
interest  were  new  techniques  for  inspecting  the  following  materials 
and  processes. 


Titanium  (All  Alloys) 


New  High  Strength  Steels 
(Ni,  PH  alloys) 


Weldments  (GTA,  EB,  Plasma) 
Brazed  Joints 
Adhesive  Bonds 
Rivet  Bonds 


Diffusion  Bonds 
Weld  Bonds 
Fastener  Holes 


This  information  aided  in  estimating  capabilities  of  existing 
techniques  as  applied  to  the  new  structures,  but  no  new  applicable 
techniques  were  discovered. 

Each  raw  material  supplier  was  contacted  to  obtain  the 
basic  material  properties  that  affect  nondestructive  inspection 
systems.  The  average  elasticity,  density,  permeability,  and 
quality  level  for  each  material  were  requested.  Since  no  testing 
was  done,  these  characteristics  provided  an  indication  of  the 
relative  inspectability  of  the  candidate  materials  as  compared 
with  production  materials  that  have  similar  properties.  Table 
143  gives  the  resulting  comparisons. 

Early  in  the  program  it  was  proposed  that  six  of  the  compact 
tension  specimens  and  two  surface  flaw  specimens  be  examined 
with  existing  NDI  techniques.  The  purpose  of  these  tests  was  to 
identify  very  preliminary  NDI  parameters  for  estimating  capabilities 
and  planning  the  follow-on  program.  However,  due  to  the  tight 
fabrication  and  testing  schedules  for  the  engineering  test  spec¬ 
imens,  the  NDI  tests  were  not  conducted.  The  necessary  data  is 
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Figure  143  -  Logic  For  Estimating  Inspection  Capabilities 


Table  LXVI 


MATERIAL  PARAMETERS  THAT  AFFECT  NDI  SENSITIVITIES 


Material 

Modulus 

of 

Elasticity 
PSI  x  106 

Density 

Lb/In3 

Magnetic 

Ultrasonic 

Quality 

Level 

Steel 

9Ni-4Co-C 

28.5 

.28 

Yes 

AA 

PH  13-8  Mo 

29.4 

.279 

Yes 

A 

lONi-Cr-Mo-Co 

28.0 

.287 

Yes 

AA 

D6ac 

30.0 

.283 

Yes 

AA 

Aluminum 

7475 

10.3 

.101 

No 

A 

2219 

10.5 

.102 

No 

A 

2124 

10.7 

.100 

No 

A 

7050 

10.3 

.102 

No 

A 

Titanium 

Beta  III 

16.5 

.183 

No 

A 

8-8-2-3 

16.7 

.175 

No 

A 

6-6-2 

16.5 

.164 

No 

A 

6-4 

15.0 

.160 

No 

A 
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Table  LXVII 

ESTIMATED  NDI  CAPABILITIES 
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Table  LXVII  (Cont'd) 
ESTIMATED  NDI  CAPABILITIES 
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being  generated  in  the  Advanced  Metallics  Air  Vehicle  Structures 
Program. 

The  estimated  NDI  capabilities  are  listed  in  Table  LXVII. 
Note  that  the  values  given  are  only  estimates  for  idealized 
structures.  An  NDI  development  program  would  be  required  to 
establish  absolute  configuration  oriented  capabilities.  Also, 
because  of  the  configurational  differences  between  the  various 
design  concepts,  it  would  be  difficult  to  establish  one  inspec¬ 
tion  technique  that  would  satisfy  all  conditions.  In  fabrication 
of  the  610RW003  design,  it  is  anticipated  that  the  primary  NDI 
will  be  penetrant  for  the  details  machined  from  plate  and  extru¬ 
sions,  penetrant  for  formed  sheet  details,  ultrasonic  for  the 
adhesive  bond  lines,  and  ultrasonic  plus  X-ray  for  the  weld 
bond  joints. 


11.2  CONCEPT  EVALUATIONS 


Each  concept  was  reviewed  periodically  to  identify  the 
inspection  methods  required  and  to  evaluate  the  designs  for 
relative  inspectability .  The  design  variations  such  as  types  of 
materials,  geometries,  manufacturing  processes,  joining  methods, 
and  structural  arrangements  were  noted.  These  variations  along 
with  the  applicability  and  efficiency  of  the  associated  non¬ 
destructive  inspection  methods  provided  a  basis  for  rating  each 
design.  All  quality  assurance  functions  were  considered  in  the 
evaluations  but  the  NDI  requirements  carried  the  most  weight 
(about  907o). 

In  evaluating  each  structure,  it  was  assumed  that  all  types 
of  defects  must  be  considered.  There  are  some  types  of  defects 
that  cannot  be  readily  detected  by  current  state-of-the-art  NDI 
methods.  For  example,  a  void  or  air  pocket  in  an  adhesive  bond 
line  is  easily  detected,  but  current  NDI  methods  cannot  detect  a 
"slick"  bond  where  the  adhesive  is  in  very  close  contact  with 
the  skin  but  not  stuck.  Similarily,  a  "non-wetted"  surface  in  a 
brazed  laminate  cannot  be  detected.  Obviously,  these  inspection 
problems  multiply  as  the  number  of  lamina  increase. 
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11.2.1  Element  Concepts 


The  element  concepts  were  basic  design  ideas  that  were  later 
used  in  cross-section  concepts  and  preliminary  designs.  With 
this  in  mind,  it  was  preferable  to  comment  on  the  inspectability 
of  the  concepts  and  establish  a  very  generalized  rating  system. 
This  approach  proved  to  be  economical  yet  the  requirements  of 
the  program  were  satisfied. 

The  inspectability  comments  informed  design  engineers 
that  specific  concepts  would  generate  unusually  high  inspection 
costs  or  a  reduced  inspection  capability.  These  comments  were 
considered  in  selecting  element  concepts  to  be  used  in  cross- 
sections.  Examples  of  these  comments  are: 


Drawing 

610-132 

610-217 


Comment 

Some  inspection  difficulty, 
increases  inspection  costs. 


Stepped  configuration 


Some  inspection  difficulty.  Costly  to  inspect  weld 
bonds.  Cannot  field  inspect  corrugations  for  small 
cracks . 


In  addition,  each  concept  was  given  a  letter  rating, 
letter  ratings  are  explained  as  follows: 


The 


A 

B 

C 

D 

E 


Easy  to  inspect 

Normal  inspection  difficulty 

Difficult  to  inspect 

Hard  to  inspect 

Nonin spec table . 


The  rating  for  each  concept  was  reported  in  FZM-6057. 
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11.2.2  Cross  Sections  and  Analytical 
Assemblies 


One  rating  system  was  established  to  be  applied  to  both  the 
cross-section  concepts  and  the  analytical  assemblies.  Each 
configuration  was  given  three  ratings--a  manufacturing  inspect- 
ability,  a  field  inspectability  and  an  overall  inspectability. 

The  manufacturing  inspectability  rating  defines  the  relative 
inspectability  of  each  concept  in  the  factory  during  fabrication. 
The  field  inspectability  rating  is  a  measure  of  the  efficiency  of 
inspecting  the  assemblies  after  installation  in  the  aircraft. 

The  overall  rating  is  a  weighted  average  of  the  other  two.  The 
three  ratings  were  necessary  to  explain  the  difference  in 
inspectability  at  each  stage  in  the  fabrication  and  life  of  the 
assembly. 

The  major  difference  in  each  design  stage  was  the  amount  of 
detail  evaluation  required.  The  cross-section  concepts  were 
given  total  rating  for  each  element  in  the  rating  system  as  shown 
in  Table  LXVHL  The  analytical  assemblies  were  given  a  separate 
series  of  ratings  for  each  major  subassembly  (Table  LXIX). 

The  inspectability  ratings  for  all  of  the  cross-section  concepts 
and  the  analytical  assemblies  are  documented  in  FZM-6058  and 
FZM-6086 . 

The  inspectability  comments  were  continued  and  expanded  for 
the  cross-section  concepts  and  analytical  assemblies.  The  com¬ 
ments  were  directed  toward  specific  design  areas  that  would 
cause  inspection  problems.  In  addition,  advisory  reports  were 
prepared  to  address  geometries  and  designs  that  applied  to 
several  concepts. 


11.2.3  PRELIMINARY  DESIGNS 

The  preliminary  designs  were  full  wing  drawings  of 
selected  analytical  assemblies  or  combinations  of  analy¬ 
tical  assemblies.  Therefore,  the  same  inspectability 
rating  system  was  applied.  Each  preliminary  design  was 
rechecked  to  assure  that  all  of  the  structural  elements 
were  considered.  As  with  the  other  design  iterations, 
the  inspectability  ratings  addressed  the  relative  inspec- 
t-ion  difficulties  throughout  the  fabrication  and  service 
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Table  LXVIII 


EXAMPLES  OF  CROSS  SECTION  INSPECTABILITY  RATINGS 


DRAWING  NO. 

MANUFACTURING 

INSPECTABILITY 

FIELD 

INSPECTABILITY 

OVERALL 

INSPECTABILITY 

610R013B 

75 

85 

77 

610R029 

70 

80 

75 

610R107 

50 

60 

55 

610R108 

35 

5 

10 

610R109 

85 

85 

85 

610R110 

55 

80 

70 

610R111 

70 

75 

72 

610R112 

95 

95 

95 

610R113 

70 

75 

73 

610R114 

60 

70 

65 
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Table  LXIX 


EXAMPLE  OF  ANALYTICAL  INSPECTABILITY  RATING  SHEET 

Drawing  610RA006 


Baseline  -  1007o 


PART  NAME 

AND 

DASH  NO. 

MFG 

INSPECT 

00 

Rate  Max 

FLD 

INSPECT 

oo 

Rate  Max 

OVERALL 

AVG 

(7.) 

Rate  Max 

Min  A/DI 
Detect/^ 

SCORE 

(.05) 

1.-65  Upper  Skin 

30 

30 

30  30 

30 

30 

.05 

PEN 

.015 

2.-3  Spar  Skin 
Assembly 

32 

70 

60  70 

45 

70 

450 

UT 

X-RAY 

.0225 

75 

..0375 

Comments:  1.  Can  only  detect  gross  damage  in  corrugations 
after  assembly. 

2.  -3  minimum  crack  length  determined  by  the 

difficulty  of  detecting  cracks  in  inter  lamina 
of  lower  skin. 
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00  AHEAD 


H  C 


bO  0) 
C  JC 
W  u 


3 

i— I 

(D 

U 

a 

bO 

ft 

tv. 
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INFORMATION  TRANSFER  REPORTING 


life  of  each  element.  The  relative  weight  given  to  each 
fabrication  stage  is  as  follows: 


Approximate 

weight 


Raw  Material 


0-1 


Joining  Process 


0-2 


Detail  Parts 


0-1 


Subassembly  Configuration  0-3 


NDI  TEchniques 


0-3 


Total 


10 


The  overall  inspectability  rating  system  was  consistent 
throughout  all  design  stages  of  the  program.  A  comparison 
of  the  inspectability  ratings  for  the  various  design  con¬ 
figurations  ultimately  incorporated  into  the  preliminary 
design  610RW003  is  depicted  in  Table  LXX  .  Note  that 
the  element  concept  used  letter  designations  while  the 
other  concepts  used  finite  number  expressions.  This  was 
attributed  to  design  configuration;  as  the  designs  became 
more  complicated  the  rating  system  became  more  complex. 
Variations  in  the  ratings  were  not  extensive.  In  general, 
for  the  cross  section,  analytical  assembly,  and  preliminary 
design  concepts,  the  inpsection  ability  rating  on  a 
percentage  basis  ranged  from  60  to  75%.  The  NDI  rating  in 
Table  LXVII  was  obtained  by  multiplying  the  applicable 
percentage  scores  by  the  appropriate  weighing  factor,  0.5 
in  the  cases  herein. 


11.3  QUALITY  ASSURANCE  PLANNING 


To  meet  the  objectives  of  the  overall  AASFWS  program,  a 
NDT  and  Quality  Assurance  plan  was  necessary  to  aid  in  the 
support  of  design  and  fabrication  requirements.  For  NDI,  the 
requirements  for  an  applications  development  program  were 
established.  The  preliminary  NDI  plan  involves  support  of 
design,  evaluation  of  test  specimens  and  components,  and  NDI 
techniques  development.  Figure  144  depicts  a  flow  diagram  of 
the  anticipated  NDI  engineering  tasks  for  the  follow-on 
program. 
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INSPECTABILITY  RATING  TRACEABILITY  FOR  PRELIMINARY  DESIGN  610RW003 
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The  preliminary  design  drawings  for  the  various  con¬ 
figurations  were  reviewed  in  detail  to  identify  materials , 
inspection  steps,  and  process  controls  for  preliminary 
Quality  Assurance  planning.  Figures  145  and  146  and 
depict  examples  of  the  Quality  Assurance  plan  for  the 
610RW003  design. 

Figure  145  shows  the  inspection  plan  for  610RW003  prior 
to  fabrication.  At  this  stage,  Receiving  Inspection  and 
Process  Control  work  closely  together  in  performing  those 
functions  listed.  For  the  610RW003  configuration,  aluminum 
alloy  7050  will  be  purchased  as  sheet,  plate,  and  extrusions 
in  the  heat  treated  condition  (stress  corrosion  cracking 
resistant  tempers).  Upon  receipt,  plate  material  will  be 
ultrasonic  inspected  and  extrusions  will  be  penetrant  inspected. 
Sheet,  plate,  and  extrusions  will  be  sampled  for  tensile 
properties  and  results  compared  with  vendor's  data.  Fracture 
toughness  properties  will  also  be  verified  as  required.  A 
convenient  method  of  monitoring  aluminum  alloys  for  heat 
treat  condition  (to  check  for  possible  overheating  from 
processes  which  could  degrade  strength)  is  by  electrical 
conductivity.  In  association  with  the  above  tensile  tests, 
conductivity  measurements  will  be  made. 

An  outline  of  the  Quality  Assurance  plan  to  be  utilized 
during  fabrication  as  well  as  in-service  inspection  is  pre¬ 
sented  in  Figures  146.  In  fabrication  of  610RW003, 
primary  NDI  will  be  penetrant  for  the  details  machined  from 
plate  and  extrusions,  penetrant  for  formed  sheet  details, 
ultrasonic  for  the  adhesive  bond  lines,  and  ultrasonic  plus 
X-ray  for  the  weld  bond  joints.  It  is  anticipated  that  in- 
service  inspection  will  consist  of  penetrant.  X-ray  and 
ultrasonic  techniques. 

Certain  standards  are  shown  in  the  Quality  Assurance 
plan  (Figure  146).  However,  it  must  be  noted  that  these 
are  only  preliminary  at  this  point.  By  following  the  program 
closely  throught  the  development  phases,  QA  personnel  will 
be  in  a  position  to  recognize  the  need  for  specific  operation 
instructions  covering  other  processes,  tests,  or  inspections. 
This  information  will  then  be  incorporated  in  the  plan  of 
Figures  146. 
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Figure  145  Example  of  Quality  Assurance  Plan  Prior  to  Fabrication 
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NOTE:  If  Titanium,  Clean  with  MEK  QUALITY  -CONTROL  INSPECTION 
Figure  146  Example  of  Fabrication  Inspection  Outline 


/ 
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Figure  146  (Cont'd)  -  Example  of  Fabrication  Inspection  Outline 


SECTION  XII 


POTENTIAL  TECHNOLOGY 
ADVANCEMENT 


Several  concepts  have  been  defined  during  Phase  IA 
which  embody  features  that  when  fully  developed  will 
represent  significant  aircraft  structures  technology 
advancements.  These  are  discussed  in  the  following 
paragraphs. 

12.1  ELIMINATION  OF  FASTENERS  THRU  TENSION 
MEMBERS 

The  elimination  of  fasteners  through  tension  members 
such  as  lower  wing  skins  and  spar  lower  caps  promises 
to  be  a  means  of  greatly  reducing  wing  box  weight  on 
future  aircraft.  Eliminating  lower  skin  fasteners  by 
utilizing  bonding  or  brazing  as  a  joining  method,  results 
in  the  panels  stress  concentration  factor  Kj,  being  reduced 
to  a  value  of  less  than  2.0.  The  existance  of  Kj.  being 
less  than  2.0,  safely  permits  increasing  the  operating 
stress  in  wing  box  tension  members  by  60%  to  110%  (depending 
on  material)  over  the  safe  operating  stress  where  fastener 
holes  are  present.  Higher  operating  stress  levels  equate 
to  reduced  cross-sectional  area  in  tension  members;  hence, 
weight  savings. 

12.2  THIN  SKIN  LAMINATES  IN  TENSION  MEMBERS 

Configuring  tension  members  of  thin  aluminum  or  titanium 
laminates  by  bonding  or  brazing  will  increase  fatigue  life, 
retard  crack  growth  rates  and  achieve  fail  safe  structure. 
Configuring  structures  with  laminates  in  conjunction  with 
eliminating  fasteners  permits  safe  operation  of  tension 
members  to  operating  stresses  in  the  load  spectrum  to  2/3 
of  the  ultimate  stress  capability  of  the  material.  The 
crack  growth  rate  decrease  effect  in  brazed  and  bonded 
laminates  permits  the  safe  use  of  high  strength  but  less 
tough  alloys .  Convair  Aerospace  is  confident  that  follow-on 
testing  will  show  that  3  laminates  of  8-8-2-3  Ti  (175,000  Fty) 
joined  by  low  temperature  brazing  will  demonstrate  a  lower 
crack  growth  rate  than  6A1-4V  Ann  Ti  (134,000  Ftu)  used  as  a 
single  plate  member.  The  safe  use  of  8-8-2-3  titanium  versus 
the  safe  use  of  6A1-4V  Ann  Ti  equates  to  a  weights  savings 
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of  approximately  19%  in  bending  material  members  considering 
6A1-4V  Ann  as  the  baseline  material. 

12.3  LOW  TEMPERATURE  BRAZING  OF  HIGH  HEAT 
TREAT  TITANIUM  ALLOYS 

Brazing  of  titanium  to  date  has  been  accomplished  by 
using  braze  alloys  with  melting  points  above  1600°F. 
Temperatures  in  the  range  of  1600°F  are  high  enough  to 
anneal  titanium  alloys  as  we  know  them  today.  In  order 
to  take  advantage  of  the  weight  savings  offered  by  a  Ti 
alloy  such  as  8-8-2-3  (175,000  Ftu)  or  6A1-4V  STA  (160,000  Ftu) 
in  a  brazed  assembly,  brazing  must  be  accomplished  at  the 
material  aging  temperature  of  1000  to  1150°F.  Initial 
investigations  were  conducted  under  a  General  Dynamics 
funded  program  that  show  feasibility  of  developing  workable 
low  temperature  braze  alloys. 
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SECTION  XIII 


SUMMARY  OF  FOLLOW-ON  PLAN 

The  follow-on  program  is  structured  to  evaluate  the 
potential  of  the  three  design  configurations  selected  from 
the  analytical  studies  of  Phase  IA,  to  provide  a  reliable, 
advanced  fighter  wing  that  will  achieve  the  program  objec¬ 
tives  as  outlined  in  Section  I,  Introduction. 

A  five  phase  program  is  planned  for  this  effort  as 
follows: 

Phase  lb  -  Preliminary  Design  and  Analysis 

Preliminary  design  and  analysis  of  three  configura¬ 
tions  selected  from  the  current  Phase  IA  program  will  be 
performed  during  this  phase.  Trade  studies,  material 
testing,  and  design  verification  testing  will  also  be 
accomplished.  Parameters  for  manufacturing  processes  and 
NDI  methods  will  be  developed  for  use  later  in  the  program. 
After  careful  evaluation,  two  configurations  will  be 
chosen  for  the  next  phase  of  the  program. 

Phase  II  -  Detail  Design  and  Analysis 

Detail  design  and  analysis  of  these  two  configurations 
will  be  performed  during  this  phase.  Both  configurations 
will  undergo  several  iterations  of  study  and  analysis  to 
arrive  at  an  optimum  design.  Additional  material  testing 
and  pre-production  validation  testing  of  selected  components 
will  also  be  accomplished  in  this  phase.  A  final  design 
will  be  chosen  for  fabrication  and  testing. 

Phase  III  -  Fabrication 


Two  identical  left  hand  full  scale  wing  box  structural 
articles  will  be  built  to  the  engineering  drawings  developed 
in  Phase  II.  Test  plans,  including  instrumentation  require¬ 
ments,  will  be  finalized.  Cost  and  weight  records  will  be 
maintained  during  fabrication  to  verify  earlier  estimates. 

Phase  IV  -  Test  and  Evaluation 


A  static  test,  fatigue  test,  and  optional  damage  toler¬ 
ance  verification  testing  will  be  accomplished  on  the  assem¬ 
blies  fabricated  in  Phase  III.  The  testing  will  be  compatible 
with  the  test  program  already  conducted  on  the  basic  F-lll  wing. 
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Phase  V  -  Information  Transfer 


The  purpose  of  this  portion  of  the  program  is  to  insure 
proper  documentation  of  program  results  and  the  reporting 
of  significant  accomplishments  in  such  a  manner  that  they 
are  useful  to  future  Air  Force  systems  programs.  Documenta¬ 
tion  will  include  monthly  progress  reports,  semi-annual 
technical  reports,  phase  reports,  test  reports,  industry 
seminars,  and  a  final  report.  Movies,  slides,  and  viewgraphs 
will  be  used  to  insure  clear  concise  reporting. 

This  plan  includes  those  items  which  General  Dynamics 
Corporation  feels  are  necessary  to  evaluate  the  design 
methodology. 


13.1  PROGRAM  DISCUSSION 

The  Follow-On  Program  Plan  (FZM-6134)  is  included  in 
Section  IX. 7  of  Appendix  IX.  The  following  elements  are 
contained  in  the  plan. 

1.  Material  testing  will  be  conducted  to  establish 
a  statistically  significant  data  base  for  design 
allowables.  Testing  of  aluminum  and  titanium 
alloys  is  planned. 

2.  Structural  element  tests  will  be  conducted 
during  Phase  lb  to  provide  qualitative  and 
quantitative  data  for  configuration  selection 
prior  to  beginning  the  Phase  II  effort.  A 
series  of  confidence  tests  are  planned  to  assist 
in  the  evaluation  of  each  configuration.  Static, 
fatigue,  and  damage  tolerance  tests  will  be  con¬ 
ducted  of  critical  components.  Manufacturing  and 
inspection  techniques  will  be  verified  as  part 

of  this  Phase  lb  effort. 

3.  Design  iteration  will  be  accomplished  to  optimize 
the  structure  using  the  statistical  allowables 
data  base. 

4.  Analysis  techniques  will  be  used  to  demonstrate 
the  compliance  of  the  structure  with  static, 
fatigue  and  damage  tolerance  criteria. 

5.  Detail  design  drawings  will  be  prepared  to  allow 
production  of  hardware. 
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6.  Manufacturing  and  Quality  Assurance  plans  will 
be  formulated  to  establish  fabrication  and 
inspection  criteria. 

7.  Design  development  and  validation  tests  will  be 
planned  to  generate  design  information  and  to 
demonstrate  the  feasibility  of  the  configurations 
selected  in  Phase  IA. 

8.  Design  verification  tests  of  a  complete  wing  box 
will  provide  proof  of  compliance  in  meeting  the 
static,  fatigue,  and  damage  tolerance  criteria. 

9.  Information  transfer  will  insure  dissemination 
of  all  advanced  technology  developed  during  the 
program. 

Completion  of  the  follow-on  effort  will  provide  a  data 
bank  readily  available  to  every  designer  of  wing  structure. 

While  the  program  utilizes  a  specific  baseline,  the 
catalog  of  design  concepts,  design  methodology,  analysis 
techniques,  and  manufacturing  and  inspection  procedures 
generated  as  part  of  this  effort  will  be  applicable  to  any 
wing  design  program. 

Realistic  criteria  for  fatigue  and  fracture  will  evolve 
from  the  follow-on  program  that  includes  the  ground  rules 
for  a  cost  effective  fracture  control  plan. 

It  is  estimated  that  all  future  programs  (ATF,  AMST, 
RPV's,  and  growth  versions  of  the  LWF)  will  benefit  from 
these  activities. 
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plane  designed  by  the  Convair  Aerospace  Division  of  General  Dynamics  was  used  as  the 
baseline  vehicle. 

A  unique  design  methodology  was  followed  to  arrive  at  three  configurations  which 
offer  an  optimum  balance  between  structural  efficiency  and  technological  advancement. 
This  methodology  consists  of  compiling  element  concepts;  integrating  them  into  cross- 
section  drawings;  optimizing  them  in  analytical  assemblies;  and  finally  preparing  full 
wing  box  designs.  Each  step  was  followed  with  a  detailed  evaluation  and  ranking  step 
which  utilized  a  formal  merit  rating  system.  This  system  permitted  the  evaluation  of 
numerous  concepts  and  insured  that  each  technical  discipline  participated  in  the  de¬ 
sign  selection. 

A  subsequent  program  is  proposed  to  evaluate  the  capability  of  the  selected  design 
to  meet  the  overall  program  goals  of  advancing  technology  without  significantly  affect¬ 
ing  costs.  The  subsequent  program  involves  additional  preliminary  design,  a  develop¬ 
ment  test  program,  detail  design,  manufacture,  and  tests;  including  static,  fatigue, 
and  damage  tolerance  testing.  Information  generated  during  this  effort  will  be  dis¬ 
seminated  to  the  Air  Force  and  industry  in  general  through  an  intensive  information 
transfer  effort. 
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